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SUMMARY

This final technical report addresses design and performance evalua-
tion of the LANDSAT-D attitude control system (ACS). The baseline system
concept for LANDSAT-D is the NASA Multi-Mission Modular Spacecraft (MMS).
Control and configuration of the gimballed Ku-band antenna system for com-
munication with the Tracking and Data Relay Satellite (TDRS}, and control
of the solar array drive, are considered a part of the ACS and are also
addressed here. An interim technical report for this study was publiished
in December 1976. The present final technical report covers the entire
study and the material presented earlier in the interim report is also in-
cluded here.

Considerable effort has been expended in the study on the gimballed
Ku-band antenna system for communication with TDRS. By means of an error
analysis it is demonstrated that the antenna cannot be open Toop pointed
to TDRS by an on-hoard programmer but that an autotrack system is required.
After some tradeoffs, a two-axis, azimuth-elevation type gimbal configura-
tion is recommended for the antenpa. It is shown that gimbal lock only
occurs when LANDSAT-D is over water where a temporary loss of the communica-
tion link to TDRS is of no consequence. A preliminary gimbal control sys-
tem design is also presented.

A digital computer program was written that computes antenna gimbal
angle profiles, assesses percent antenna beam interference with the solar
array (as a function of antenna mast length), and determines whether the
spacecraft is over land or water, a lighted earth or a dark earth, and
whether the spacecraft is in eclipse. Besides checking for optical biock-
age of the antenna beam by the solar array paddie, another important ap-
plication of this program is to determine when the spacecraft is over
Tighted land, since this is directly proportional to the Thematic Mapper
(T™M) electric power duty cycle. For one typical 15 orbit (24 hours) case,
the spacecraft spent only 16.5% of the time over lighted Tand.
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A solar array control strategy was developed that eliminates inter-
ference with the Ku-band anfenna beam. The array is driven at orbit rate
as long as the spacecraft is within +45 degrees of the ecliptic plane.
When the spacecraft is outside this region the array is kept fixed at the
_orientation it had at + 45 degrees away from the ecliptic and this orien-
tation is maintained until the earth becomes dark. At that point the
array is slewed again to its optimal position normal to the sun Tine.and
it continues to track the sun until the spacecraft goes into eclipse.
This strategy requires the Ku-band antenna mast to be only 2.11 meters
(6.9 feet) in Tength in order to eliminate all interference. The key is
the 37.5 degree cant in the array which permits the antenna to Took past
the array when it is within + 45 degrees of the ecliptic. Outside this
region the array would rapidly obstruct the field-of-view of the antenna
if it were not stopped as described above. The total power Toss associated
with this solar array control strategy is only 4% and it can be easily
compensated for by increasing the array area by 4%. ~The 2.171 meter Tong
antenna mast has been computed for a 4% increased array area.

External disturbance torques acting on LANDSAT-D were modelled and
sized. Aerodynamic, gravity gradient, magnetic, and solar-pressure distur-
bance torques were considered. Ku-band antenna mast length and antenna
orientation were observed to affect the magnitude of the disturbance torques
only insignificantly.

The disturbance torque sizing results were then used to assess whether
the four 20 Nms (15 foot-pound-seconds) reaction wheels and the three ortho-
gonal 100,000 pole-cm magnetic torque bars provided in the MMS ACS module
have sufficient capability for the LANDSAT appliication. The conclusions
were that the spaéecraft can operate effectively in its 705 km orbit en-
vironment even when using only the 50,000 pole-cm windings on the magnetic
bars. Momentum excursions in the wheels were observed to be less than
+ 2.0 Nms of nominal and since the reaction wheel momentum storage capacity
is 20 Nms, it is recommended that all four wheels be run at a biased- speed.
This avoids wheel speed reversal and associated attitude transients due to
nontinear wheel friction. The four wheels are speed biased such that a net
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zero momentum system results (not possible with only three wheels). Should
one wheel fail, then the three remaining wheels must be operated about zero
speed and the wheel speed reversal attitude transients of about 90 prad
(18.5 arc—secondé) must be accepted. This would occur about four times per
orbit, mainly in roll, due to the interaction of the external disturbance
torques with the magnetic unloading law.

Initialization of the fine control mode is addressed in this report.
Two methods to perform fine steliar acquisition, i.e., to initialize the
on-board stellar-inertial attitude reference system, are presented. Before
entering the stellar acquisition mode the spacecraft is sun pointing (in
the fine sun acquisition mode) and only a relatively coarse determination
of the spacecraft orientation about the sun line is needed for correct star
identification. One method uses magnetic field measurements and is capable
of providing attitude knowledge about the sun line within about 2 degrees.
The other method correlates observed stars in a swath about the sun Tine
with star cataleg entries and determines attitude about the sun 1line to
within approximately 0.2 degree (uncalibrated gyros assumed). The magnetic
field measurement method is simpler and the 2 degree attitude knowledge is
sufficient for unambiguously identifying the first few stars when the
stellar-inertial attitude reference system is initialized.—Using the real
star field it is demonstrated that the linearized (extended) Kalman filter
algorithm assumed to be used by the on-board attitude reference system is
capable of converging rapidly from large (2 degrees).initial attitude un-
certainties. The converged attitude reference filter predicted accuracies
in the 5 to 10 arc-second (l¢) range and the gyro biases were calibrated
to within about 0.0013 degree/hour.

A normal on-orbit ACS design was conducted using all four reaction
wheels in speed biased mode of operation to avoid whee1'speed reversals.
Performance was assessed by analysis and simulation and the specified 0.01
degree (1c) pointing accuracy could be met, even when the ephemeris error
(assumed as 300 meters, 3o0) was included. The specified 10.5 yrad (lo) at-
titude stability (jitter) over 20 minutes could also be met, but with only
a small design margip. The major contyributors to the attitude jitter are
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the single-sided, stepped, flexible solar array {FRUSA) with 2.8 urad, the
gyro random drift effects in the attitude reference system with about 8
urad, and the gyro noise effect in the ACS rate Toop with 1.8 prad {all 1o).
Controller dynamics contributed 1.5 urad due to the magnetic unicading Taws.
Effects of reaction wheel mass imbalance {0.5 inchz—ounces assumed), fast
Ku-band antenna motions near gimbal Tock, and the rocking scan mirror motions
of the Multi-Spectral Scanher (MSS) and the Hughes version of the Thematic
Mapper (TM) contribute only very little to the vehicle jitter in the rigid
body sense. The TRW version of the TM does not contribute at all to atti-
tude jitter since its scan wheel rotates at a constant speed in steady-state
operation. Effects of the flexible Ku-band antenna mast are quite small
since in steady-state operation the flexible mast is not excited and since
the flexible mode is weil damped. A mast damping of about 0.27 could be
obtained when the natural frequency of the mast was at about 70% of the
bandwidth of the gimbal serve. A stiffer mast with higher natural frequency
reduced the achievable dynamic damping of the mast, but the decay time con-
stant of the oscillations remained constant (or even decreased), since the
frequency had increased. Thus, a stiff, short mast is desirable, but a
softer mast can be used provided its natural frequency is within the band-
width of the gimbal controller. A 10 foot boom (mast) with stiffness of
350,000,pound-feet2 corresponding to a boom-tip-mass natural frequency of

30 rad/second yielded good performance for gimballed antenna controllers
having autotrack bandwidths of BW = 22 rad/second or 44 rad/second. For

the BW = 44 rad/second gimbal servo a damping ratio of ¢ = 0.27 was achieved
with a boom time constant of Thoom - 0.124 second. Thus, vehicle jitter

due to boom vibration transients excited during abrupt and rapid antenna
motions, are damped out fast.

A study of the periodic velocity correction for maintaining the orbit
of LANDSAT-D showed that it was necessary to use all four 5 pound thrusters
in an open loop, preprogrammed differentially modulated fashion. The lat-
ter was necessitated by a significant, known center of mass offset. Unless
this offset is reduced substantially (by balancing), there is no thruster
redundancy for this operation. The unknown components of the disturbance



torjues due to thruster misalignments and thrust variations are smaller
than the known components, so that poiniing of the thrust vector, i.e.,
spacecraft attitude control, can be maintained by either the 0.2 pound or
the closed loop modulated 5 pound thrusters. The rotational motion about
the thrust vector must be controlled by the smaliler thrusters. Although
the relatively large disturbance torques preclude the use of the reaction
wheel system, the thrust vector pointing can be maintained to within + 0.2
degree with the peak 1imit cycle rate Tess than 0.25 degree/second. The
required duration of thruster actuation is slightly over 8 seconds for an
orbit adjust maneuver of AV = 0.35 meter/second which will be required
every 16 days.

Attitude determination and attitude control software requirements were
also established assuming that the NASA Standard Space Computer, NSSC-1, is
used. Total memory requirement was estabiished as about 4000 words of pro-
gram memory and 2150 words of read/write memory. Computation time per
minor cycle (400 mseconds) during normal on-orbit operations is 44.4 msec-
onds when no ephemeris benchmarks or star data are being processed; with
star data processing and ephemeris and attitude update computations, the
computation time is 316.8 mseconds. The latter includes also acquisition
of the TDRS link by the gimballed Ku-band antenna which in this mode is
under spacecraft computer control. In the normal mode of operation the
Ku~-band antenna functions autonomously maintaining lock on TDRS via an
autotrack system. ‘

An exploratory study of temporal autonomous registration of the TM
boresight was also conducted. The desired registration accuracy is 3 meters
(ic) on the ground. This corresponds to 10% of the TM's resolution limit,
i.e., 10% of the 30 x 30 meters instantaneous field-of-view (pixel). The
recommended approach uses, in part, cooperative landmark registration de-
viations to estimate pseudo attitude and attitude rate commands for elim-
inating registration errors caused by changes in spacecraft position, ve-
Tocity, attitude, gyro bias, and TM to attitude reference system (ARS)
misalignments between successive 16 day passes. Stellar and gyro inertial
references ara used to determine the spacecraft attitude. The DOD Naviga-
tion Satellite Global Positioning System {GPS) is assumed to be used to de-

termine spacecraft ephemeris.
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In summary, a TM boresight registration accuracy of 3 meters (l¢) can
be achieved if measurements/estimates of the LANDSAT-D inertial attitude,
ephemeris, and cooperative landmark registration deviations (between éuc—
cessive 16 day passes) are known to within the following accurﬁcies:

Inertial Attitude: 0.707 arc-sec (lo)

Ephemeris: 2.12 meters (To) (every 200 sec)

Landmark Registration
Deviation: 2.12 meters (lo) (every 200 sec)

It is assumed that landmark and ephemeris updates are available every 200
seconds., The above requirements push the 1imit of the current state-of-
the-art in satellite attitude and ephemeris determination. However, with
the advent of GPS and through the use of high quality stellar-inertial sen-
scrs, the goal may be achievable in the future.

It became apparent during the study that additional, more detailed
work should be performed in a number of areas. Flexible body dynamics and
excitation of spacecraft structural modes are of foremost concern. The ef-
fects of a highly flexible, canted array on spacecraft attitude stability
(jitter) should be investigated using more complex and more realistic two-
axis models (required because of the 37.5 degree array cant angle) than the
simple single-axis models that were used here. Analytic results should be
verified by simulation. A good single-axis, pianar model of the flexible
antenna boom is presented in this study. This model should be used to con-
struct a simulation that can be utilized to examine how the expected normal
on-orbit antenna gimbal angle motions affect the excitation of the boom
fiexible mode. Even though it nhas been shown that the boom mode can be

very well damped by appropriate gimbal servo design, continuous Tow level
" excitation of the mode could couple into the vehicle causing undesirable
jitter effects during normal operations. This should be especially inves~
tigated when the antenna is tracking TDRS near gimbal Tock and higher rates
and accelerations are called for.
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In a rigid body sense, reaction wheel mass imbalance and MSS and TM
(Hughes version) scan mirror motions cause Hittle concern. But these small,
periodic disturbances could excite spacecraft structural bending modes at
their respective frequencies. MWork in this area requires a detailed struc-
tural model of the MMS to assess the situation. The periodic disturbances
occur usually at frequencies considerably above the ACS bandpass. However,
they stil1l may be within the bandpass of the gyros. When the gyros are
sampled at a rate compatible with the low frequency requirements of the
ACS, these higher frequency body rate signals.will be aliased and couid
produce erroneous gyro measurements. A brief preliminary investigation
conducted by simulation in this study showed that no adverse effects are
expected from aliasing of higher fregquency gyro signals because of the Tow
power/amplitude of these signals. However, a more detailed analytical
study of the problem should be made. Finally, the random drift charac-
teristics of the DRIRU~II gyro pack should be reexamined as more data on
these gyros becomes available, since meeting the 10.5 urad jitter spec
is significantly influenced by gyro quatlity.
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1.0 INTRODUCTION

TRW Defense and Space Systems has performed a series of Application
Studies for NASA Goddard Space Flight Center under contract NAS5-211838.
These studies have focused upon three-axis attitude control system
designs employing momentum/reaction wheels with magnetic or thruster momen-
tum unloading. The studies encompass conceptual design, system tradeoff,
control law development, performance analysis and simulation, and hardware
implementation considerations. The current study is directed toward
design and performance evaluation of the LANDSAT D attitude control sys-
tem (ACS). Control and configuration of the gimballed Ku-band antenna
system for communication with the Tracking and Data Relay Satellite (TDRS),
and control of the solar array drive are considered a part of the ACS and
are also addressed'here.

The LANDSAT D mission, a follow-on to LANDSAT's A, B, and C, is cur-
rently in the planning stages and it will utilize the NASA Multi-Mission
Modular Spacecraft. It will fly at an altitude of 705 km in a sun syn-
chronous, 9:30 a.m. {descending node) orbit. Complete earth coverage is
obtained in 16 days; exact revisit time is 233 orbits. Launch is tenta-
tively planned for early in 1981. The payload consists of a Thematic
Mapper (TM} and a Multi-Spectral Scanner (MSS). Both sensors collect
spectral radiation data of (lighted) land masses. This data will be used
to produce Tland use theme maps to better manage the earth resources.
Potential users have a broad spectrum of interests including agriculture,
mineralogy, and urban planning, to cite a few. The spatial resolution of
the Thematic Mapper is 30 meters corresponding to the 30 meter square
footprint on the ground of a square detector in the instrument. The
resolution of the MSS is 80 wmeters. The spacecraft pointing accuracy 1is
specified as 0.01 deg (lo) with a jitter stability of +10.5uRad (1¢) over

20 minutes. The ultimately desired temporal registration (essentially
repeatability of ground track after 16 days) of the Thematic Happer images

is to be within 3 meters (lo).
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The primary objective of this study is to assess the adeguancy of
the Multi-Mission Modular Spacecraft (the MMS attitude control system in
particular) to perform the LANDSAT-D mission, and to identify aad configure
mission peculiar equipment that may be required. Examples are the gimbal-
led Ku-band antenna and the single sided solar array and drive. To this
end, preliminary design studies and performance assessments were conducted
using the MMS as the baseline system concept. In particular, the follow-
ing topics were addressed.

] Gimballed TDRS Ku-band antenna system: autotrack versus
programmed pointing, gimbal lock problem and gimbal control.

® Gimbalied TDRS antenna mast height and solar array inter-
ference with the antenna beam.

) Percent time when LANDSAT-D is over lighted Tand/Thematic
Mapper duty cycle.

® External disturbance torques.

) Initialization of fine control.

® Normal on-orbit attitude control including the effects of
internal spacecraft motions and the effects of flexible ap-
pendages (mast and solar array); on-board software sizing.

) LANDSAT-D stationkeeping.

8 Feasibility of autonomous Thematic Mapper boresight regis-
tration.

These topics are studied using both analysis and simulation where
required. Section 2.0 describes the LANDSAT-D mission in more detail.
Important currently available mission data is summarized and a brief de-
scription of the MMS and the two payload sensors’is provided. Section
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3.0 addresses various problems associated with the gimballed Ku-band an-
tenna system, Section 4.0 examines external disturbance torques and Sec- .
tion 5.0 the initialization of the fine pointing control mode. Section
6.0 treats normal on-orbit attitude control and performance evaluation
addressing aiso internal motion and flexible appendages. Stationkeeping/
altitude control 1s discussed in Section 7.0. Section 8.0 addresses
autonomous Thematic Mapper boresight registration and Section 9.0 .provides
on-board software sizing estimates.
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2.0 LANDSAT-D MISSION

LANDSAT-D is the planned fourth mission in the LANDSAT program whose
primary objective is to evaluate and monitor the earth's resources from
satellite observations. Formerly, this program was known as the Earth Re-
sources Technology Satellite (ERTS) program. The spacecraft to be flown
on the LANDSAT-D mission, as well as the mission itself, have in the past
also been referred to as LANDSAT Follow-On (LF/0). The primary mission
payload sensor for LANDSAT-D (L-D) is the Thematic Mapper (TM), a large
multi-spectral instrument which uses solid state detectors to produce
earth imaging data which is digitized and transmitted to the ground in a
120 megabit per second serial data stream. Potential users of TM data
have a broad spectrum of interests including agriculture, mineralogy, and
urban planning, to cite a few. ‘

Agriculture as it relates to the economy and to the world food supply
is one of the driving forces behind the LANDSAT program. Data from the
Thematic Mapper can be used to determine how much wheat, corn, barley, etc.
have been planted, how well the crops are doing, and combined with water-
shed data also collected by the Thematic Mapper, predictions of yield can
be made. The system can collect this data on a wor]d—widé_B;;is. The
public benefit is expected to be enormous. Shortages can be predicted and
additional acerage planted - perhaps in a different hemisphere. Surpluses
in one crop may be avoided by planting different crops. Effects of dis-
ease or insects can be assessed and hopefully minimized by early detection.

Two LANDSAT spacecraft are currently in orbit, LANDSAT's A and B,
with an instrument known as the Multi-Spectral Scanner (MSS) being their
primary payload sensor; the MSS is basically a smaller and less advanced/
Tess powerful version of a Thematic Mapper type instrument. LANDSAT's A
and B are producing image data which is primarily being used for research
in remote sensing technology, data interpretation techniques, etc. A
third spacecraft, LANDSAT-C, is being prepared for launch with a modestly
upgraded Multi-Spectral Scanner instrument which will include a Tong wave
infra red (10.5 to 12 microns) sensing capability in addition to the four
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spectral bands carried on LANDSAT's A and B. This upgraded version of the
MSS will also be flown as a secondary payload on LANDSAT-D. It will pro-
vide continuing service to users who have not yet upgraded their ground
stations and data processing capabilities to handle Thematic Mapper data.
It will also provide an opportunity to directly compare spectral signature
data from the two instruments, maximizing Tearning transfer and enhancing
capability to compare Thematic Mapper data with historic MSS data.:

2.1 LANDSAT-D Orbital Data

The LANDSAT-D (L-D) spacecraft will fly in a circular, 9:30 a.m., de-
scending node, sun synchronous orbit. The terminology "sun-synchronous"
refers to the property that the line of nodes of the orbit advances at the
same rate as the earth's orbital rate about the sun. The orbit altitude
is 705 km {380 nautical miles) and the orbit plane inclination is 98.2 de-
grees. The orbital period can be calculated as 1.648 hours (98.88 minutes),
or stating it differently, there are exactly 14 9/16 orbits in a 24 hour
period. Figure 2-1 shows the L-D orbit relative to the earth equatorial
plane at vernal equinox, illustrating the 9:30 a.m. sun synchronous orbit
feature. It simply means that throughout the year the spacecraft will
cross the equator on its north-to-south descending pass at 9:30 a.m. Tocal
ground time. Since the orbit is almost polar, the ground time is close to
9:30 a.m. over the entire sun 1it side of the earth, and close to 9:30 p.m.
over the entire dark side of the earth.

Nominally the Thematic Mapper (TM) data is transmitted in real time
from the L-D to a geostationary Tracking and Data Relay Satellite (TDRS)
which retransmits the data to the ground. By 1981 when L-D is scheduled
to be Taunched, there will at Teast be two operational TDRS's in geosyn-
chronous equatorial orbit. They will be positioned above the equator at
the following longitudes. )

] TDRS East: 41° West Longitude
o TDRS West: 171° West Longitude

The TDRS equatorial orbit is also indicated in Figure 2-1.
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LANDSAT-D Orbit Summary

. 9:30 a.m., descending node, sun synchronous orbit
) Inclination i = 98.2 deg

® Altitude h = 705 km

] Orbit Period To = 1.648 hrs

° Orbit Rate wy = 0.06068 deg/sec’

North Zr

Fguatorial Plane
py4a

N LANDSAT-D

¥ ﬁéﬁ
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-

TDRS Orbit

Noon

“Apparent Annual Sun Motion.
L-D Orbit Plane Precesses at same Rate

Figure 2-1. LANDSAT-D Orbit
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Sotar time on earth repeats at integer multiples of 24 hours. Let
T0 be the L-D orbit period in hours. Then the smallest number of orbits
n such that n T0 is an integer multipie of 24 hours is the L-D revisit
time, i.e., the satellite will be exactly above the same point on earth
after exactly n orbits (ideal orbits assumed). If the north-south ground
path i1Tuminated by the payload sensor field of view is chosen to be of
appropriate width, then the revisit time is also the time it takes to ob-
tain total earth coverage, i.e., obtain data from the entire earth surface,
with the exception of two small regions about each of the earth's poles
which cannot be seen because the orbit inclination is 98.2 degrees, that
is, more than 90 degrees. Since the orbit period of L-D is

T o= 2 - (24) x (16) | .
0 14 8/16 233

one must find the smallest integer n such that

(24 zgs 18) = 2

where m must be an integer. This leads to m = 16 and n = 233. Thus the
revisit time is 16 days during which the spacecraft completes 233 orbits.

L-D is scheduled to be Taunched in 1981 on a Thor Delta 3910 booster,
but the spacecraft and payload designs must also be compatible with future
Taunch, resupply, and retrieval by the Space Shuttle. L-D mission Tife
has been preliminarily specified as 3 years.

After orbit insertion of the spacecraft, initial orbit corrections
are performed to assure orbit circularity and correqt altitude and orbit
inclination. Thereafter, AY stationkeeping maneuvers will only be per-
formed to make up for orbit decay due to atmospheric drag. A + 6.5 km
E-W ground track drift due to spacecraft altitude and attendant orbit pe-
riod change is the maximum permissible error. Using a conservative drag
model, this implies that the orbital velocity must be corrected by apply-
ing a AV = 0.35 m/second at most every 16 days.
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2.2 " Spacecraft Configuration

Because the TM is a larger payload sensor than the MSS, the LANDSAT-D
mission will require a new spacecraft design to support the TM's greater
we?ght, provide more power, provide more accurate pointing control, and to
relay higher data rates to the ground. It has been decided by NASA that
the L-D missfon will be performed using the Multi-Mission Modular Space-
craft (MMS). The MMS is a concept that has been developed by NASA Goddard
Space Flight Center (GSFC) over the past 6 years. It was originally known
as the Low Cost Modular Spacecraft and Reference T provides an excellent
description of its projected characteristics and capabilities. The brief
discussion that follows is entirely based on Reference 1, and the illustra-
tions of the MMS in Figures 2-2 through 2-5 are those of Reference 1.

2.2.1 Multi-Mission Modular Spacecraft

The MMS is an independent three-axis stabilized vehicle using three
or four reaction wheels in conjunction with a stellar-inertial attitude
reference system to provide accurate and stable spacecraft attitude con-
trol. As the name implies, the MMS is composed of a set of standard mod-
ules: ACS module, Communications and Data Handling (CDH) module and Power
module, The propulsion moduie is generally optional and comes in two stan-
dard versions known as SPS-I and SPS-II (L-D will require the SPS-I pro-
pulsion module). The baseline MMS configuration contains the above men-
tioned three subsystem modules supported by a module support structure, as
shown in Figure 2-2. A transition adapter and a vehicle adapter compiete
the structural elements of the system. Mission unique and adapted items
include the solar array, the solar array drive, the solar drive deployment
mechanisms, a set of deployable TDRS antennas and booms, and a mission
adapter and payload (see Figures 2-3 and 2-4). The three spacecraft mod-
ules are physically the same size. As shown in Figure 2-3, they measure
18 inches deep, 48 inches high, and 48 inches wide. The ACS module is of
particular interest in this study and a preliminary equipment Tayout of
the module is shown in Figure 2-5.
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Figure 2-2. :Module Support Structure
(Taken from Reference 1)
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Alignment between the attitude control subsystem and the payload ref-
erence axis is maintained by the transition adapter during orbit opera-
tions. The transition adapter has other unique features which allow a
shuttle orbiter capture, docking, retrieval and servicing by a manipulator
system. The transition adapter also supports the sclar array launch re-
straint and deployment mechanism and the solar array drive motors. The
communication antennas are attached to the spacecraft to suit the mission.
Cptional attachment points include the area above the separation interface
on the base adapter and also the transition adapter. The antennas and
boom assembly can be folded into the recess formed by the adjacent edges
of the modules. Total spacecraft weight without payload is 1235 pourds
for the baseline configuration and 1590 pounds for the fully redundant con-
figuration. This does not include the propulsion module.

2.2.2 LANDSAT-D Configquration and Mass Properties

Figure 2-6 shows a simplified block diagram of the L-D spacecraft sys-
tem. On the Teft, the three standardized subsystem modules and their sup-
porting structure is indicated. In the middie of Figure 2-6, the L-D pay-
load is indicated. The payload instruments are supported by a mission
unique forward structure and feed their output data to mission unique
transmitters and antennas operating at K-band to handle the 120 megabit/
second TM data rates. Capability is planned for real time relay via the
Tracking and Data Relay Satellite System (TDRSS) to the continental U.S.
and for direct downlink to K-band equipped ground stations in view of the
spacecraft. '

Figure 2-7 shows the overall L-D/MMS spacecraft in its on-orbit con-
figuration with antennas and the solar array deployed. For this mission
a one sided solar array is used to maintain clear fields of view for the
passive radiation coolers used by both the TM and the MSS. For in flight
replacement by the shuttle, the TM can be sTid upward away from the nadir
" direction after discbnnecting three attach fittings. The TDRSS compatible
K-band antenna dish and transmitter are gimballed and deployed on a boom
to allow the antenna more rotational freedom in tracking TDRS and to
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Figure 2-7. LANDSAT-D Normal On-Orbit Configcuraticn

minimize antenna radiation pattern interference with the solar array and
other parts of the spacecraft. The direct access antenna for downlink
K-band communication is not shown in Figure 2-7.

The driven solar array is of the FRUSA type (Flexible Rolled-Up Solar
Array developed by Hughes Afrcraft Company) and it is canted 37.5 degrees
relative to its axis of rotation (parallel to the spacecraft pitch axis)
so that a coincal array envelope resuits. Because of the 9:30 a.m. orbit
of L-D, the cant angle must be 37.5 degrees in order to maintain the plane
of the solar array normal to the sun Tine when the array rotates about the
spacecraft pitch axis at orbit rate (see also Figure 2-1). The array di-
mensions are 6.33 ft x 27 ft (1.93 m x 8.23 m) of which the solar cell
area comprises 5 ft x 27 ft (1.525 m x 8.23 m). The array weight is ap-
proximately 50 pounds (22.7 kg)} and'the array efficiency after 3 years on-
orbit is about 7.5 watts/squaye—foot (80.73 watts/mz), resulting in a
Tittle over 1 Kw of generated electric power.
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The total spacecraft on-orbit weight is estimated at
m = 3500 1b (1587 kg)}

and preliminary assessments of the brincipa1 moments of inertia are (Ref-

erence 2)
) 2 2
I, = 1500 sTug-ft (2034 kg m“)
I, = 1970 slug-Ft? (2671 kg m%)
I = 1750 slug-ft (2373 kg m?)

2.3 Payload Description

2.3.1 Thematic Mapper

The Thematic Mapper is planned as the primary payload instrument for
LANDSAT-D, to be Taunched early in 1981.

The name "Thematic Mapper" derives from the intended use of the in-
strument to produce Tand use theme maps which may be tailored to the data
requirements of particular researchers, responsible government agencies,
or private companies who can make use of remotely sensed data to better
manage our earth resources. The Thematic Mapper will provide significant
improvements in instrument performance compared to the current generation
Multi-Spectral Scanner (MSS). The Thematic Mapper will provide coverage
in at least seven spectral bands versus five in the MSS, 30 meter spatial
resolution versus 80 for the MSS, better radiometric accuracy, and better
geometric accuracy. Figure 2-8 shows a conceptual drawing of LANDSAT-D
in operation. The spacecraft is in a circular, nearly polar orbit and
provides complete global coverage every 16 days.

TRW Defense and Space Systems, teamed with Perkin-ETmer, and Hughes
Aircraft Company (HAC) have submitted competing bids to NASA GSFC to de-
velop and build a flight version of the TM. This competition has not yet
been decided and for this reason the description of the TM provided here
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THEMATIC MAPPER PROVIDES CONTINUQUS COVERAGE IN UP TO 8 SPECTRAL BANDS

, |
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Figure 2-8. Crosstrack Optical Scanning Provides Continuous
Coverage of 185 km (100 nmi) Swath

must be more of a general nature, omitting details. The Thematic Mapper
optics include a scan mechanism which causes the line of sight of the in-
strument to scan across track; with the TRW/P-E design each scan is 1inear
and from West to East. The scanned image is relayed to a focal plane as-
sembly where the light is split into at least six spectral bands (options
may add a seventh and eighth band). Each 0.004 inch square detector in a
Tine arvay has a 30 meter square footprint on the ground when projected
back through the optics. The six spectral bands are specified as follows
where band edge is the wavelength that results in 50% of the maximum re-
sponse, '
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Band Lower Band Upper Band Max imum Edge
Number Edge (um) Edge (um) Slope (um)

1 0.45 + 0.01 0.52 + 0.01 0.02

2 0.52 + 0.01 0.60 + 0.01 0.02

3 0.63 + 0,02 0.69 + 0.01 0.02

4 0.76 + 0.02 0.90 + 0.01 0.03

5 1.55 + 0.02 1.75 + 0.02 0.05

6 10.4 + 0.10 12.5 + 0.0 0.30

In each spectral band, the moving image scene is swept past a Tine
array of detectors (with'the Tine array parallel to the direction of
flight) by the scanning action crosstrack as outlined above. As the
ground footprint of each detector moves 30 m across track, the detector
output is sampled, converted to an 8 bit digital word, and ultimately
multiplexed into a single 120 megabit/second data stream which is relayed
to the wideband communications moduie.

As indicated in Figure 2-8, each scan sweeps out a swath 960 meters
(along track) by 185 kilometers (cross track) and the scan rate is chosen
so the swaths just touch. providing continuous coverage along the space-
craft ground track.

The major difference between the TRW and HAC TM designs is the scan
mechanism. The HAC design uses a reciprocating scan mirror while the TRW
design uses a uni-directional scan wheel, referred to as the roof mirror
scanning wheel, since it has roof mirrors spaced around its circumference.
The roof mirror scanning wheel converts the fixed image from the telescope
into an image which moves across the detectors. The concept is illustrated
in Figure 2-9.

The scan mechanism of the TM is of some importance for the ACS studies

because of potential attitude disturbances resulting from the moving parts.
During normal on-orbit operations the TRW scan wheel rotates at a constant
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Figure 2-9. Schematic of the Scanning Telescope Optical Path

épeed of 23.45 RPM and has a moment of inertia of 224 ounce-inch-seconds2
(1.58 kg—mz). No attitude disturbance occurs in steady state operation.
The angular position of the HAC reciprocating mirror follows a triangular
wave shape with rounded corners at a frequency of 7.14 Hz and *+ 74 mradian
(4.24 degrees) amplitude. The moment of inertia of the mirror about its
pivot is 0.02614 kg-m-.

' The-TM is nominally in a data taking mode only during those portions
of the orbit when the L-D is flying over land masses which are in daylight.
" Data obtained over water (oceans) or a dark earth are of 1ittle practical

value and consequently this type of data will be acquired only occasionally
for experiment'§'sake., The fact that nominally no TM data need be trans-

mitted to TDRS over water or over a dark,eaﬁth is an important ground rule’
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in this study. It is key to the proposed solar array control strategy and
the proposed TDRS antenna gimbal -configuration and mast length. The pro-
posed configuration does allow, however, for data being taken at night and
over water, but not under any arbitrary circumstances. This will be dis-
cussed in more detail in Section 3.0.

To give a feel for the size of the TM instrument the following mass
property and power data of the TRW design are provided.

Thematic Mapper Physical Parameters (TRW Design)

e Outline Dimensions: 1.12 x 1.94 x 0.96 meters
(3.7 x 6.4 x 3.1 ft}

¢ Overall Weight: 223 kg (490 1b)

0 Power Consumption: 228 watts (operating mode)
152 watts (night only)

2.3.2 Multi-Spectral Scanner

The secondary payload for L-D is the Multi-Spectral Scanner (MSS) as
it will be flown on LANDSAT-C. The MSS is currently flying on LANDSAT's
A and B, but the LANDSAT-C version will contain an additional {fifth)

channel.

The MSS is an object plane scanner that was developed by Hughes Air-
craft Company to provide radiometric measurements and imagery of the
ground scene in the following spectral bands:

(1) 0.5 to 0.6 microns
(2) 0.6 to 0.7 microns
(3) 0.7 to 0.8 microns
(4) 0.8 to 1.1 microns
(5) 10.4 to 12.6 microns {LANDSAT's C and D only)
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The uni-directional cross track scanning is provided by a high duty
cycle {65%) rocking mirror at a frequency of 18.5 Hz over + 74 mradians
(4.24 degrees). The total weight of the MSS is 125 pounds (56.7 kg) and
the power consumption is about 60 watts. The MSS data rate is 15 megabits/
second:

2.4 LANDSAT-D Pointing Performance Reguirements

Preliminary spacecraft pointing requirements are derived from the MMS
ACS specifications of Reference 2. The yaw requirements are dervied by
making the yaw error contribution at 92.5 km (= 0.5 frame width) from nadir
correspond approximately to the roll and pitch error contribution.

L] Pointing Accuracy

RolT and Pitch: 0.01 deg (1c)
Yaw: 0.05 deg (1o)

° Pointing Stability

Average Rate/Axis: < 107° deg/sec (1o)
Stability over 20 Minutes:
Ro11 and Pitch: + 10.5 urad (1o)
Yaw: + 80 wrad (lo)

These -requirements are referenced to the spacecraft coordinate reference
axes which coincide with the optical cube on the star tracker. This means
that the spacecraft to TM wisalignments are not included in these perfor-
mahce specifications. Ephemeris errors are also excluded.

The uitimate temporal registration accuracy desired (essentially re-
peatability of the ground track after 16 days) for the TM is 3 meters
(0.1 of a pixel) which corresponds to an attitude stability of about 4.2
urad,over‘TG days if no ephemeris error were incurred. Exploratory studies
on the autonomous on-board Thematic Mapper boresight reéistration are pre-
sented in Section 8.0. It is clear, however, that registration within 3
meters' is a very stringent performance goal for LANDSAT-D.
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3.0 PAYLOAD DATA RELAY SYSTEM

This section addresses various system aspects of the TM data relay
system. In particular, system configuration, control, and operational as-
pects of the mast-deployed, gimbalied Ku-band antenna, relaying TM data to
TDRS, will be discussed. The antenna will often simply be referred to as
the TDRS antenna (of L-D) to distinguish it from the undeployed and ungim-
balled direct access antenna which must also operate at Ku-band. This
section will also discuss the interference of the solar array with the
TDRS antenna beam and propose a solution to the probiem. A digital comput-
er program that computes on-orbit antenna motion profiles, determines per-
cent solar array interference incurred, and determines whether the space-
craft is over land or sea, over a lighted earth or a dark earth, is also
presented.

In order to decide whether the LANDSAT-D TDRS antenna can be pointed
open loop by programmed command, or whether closed loop RF tracking, i.e.,
autotracking, is required, an antenna pointing error analysis was conducted
first. This is the subject of the following section.

3.1 TDRS Antenna Pointing Error Analysis

Due, to the constraint of Timited TWT power, a large size L-D antenna
dish {6 feet) is required in order to achieve sufficient EIRP for the re-
turn Tink to the TDRS. This results in a narrow beamwidth of about 0.7 de-
grees and necessitates very accurate antenna pointing in the order of 0.1
degree (3c).

This section discusses the antenna pointing accuracies available from
two basic antenna tracking techniques: program pointing by ground or on-
board stored commands (open loop) and autotrack (closed loop). Detafl
sources of pointing error are identified for both systems and the associ-

ated errors are computed or estimated from accumulated data on current pro-
grams and tracking systems hardware.
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The results show that the proposed open loop pointing error (Rayleigh -
circular error probability) is 0.61 (30), which corresponds to an antenna
gain loss (from peak gain) of 8.2 dB for receive, and 9.9 dB for transmit,
and that the proposed closed Toop pointing error (Rayleigh CEP} is 0.052
degree (30), which corresponds to approxiﬁate]y 0.1 dB antenna gain loss
for both receive and transmit.

The major error source for the open Toop system comes from thermal
distortion of the assumed 20 foot "Astro Mast" type of antenna boom. Since
tha closed Toop system can track out the pointing error caused by antenna
boom distortion, .as well as many of the other open Toop pointing errors
identified in the open ]oop'system budget, a considerable reduction in
pointing error is realized with the recommended autotrack antenna system.

3.1.1 Program Pointing Performance

Six general sources of error were found to contribute tc the inaccu-
racies involved in open loop pointing the L-D Ku-band antenna at the TDRS.
These error sources, their breakdowns, and thg error magnitudes are summa-
rized in Table 3-1.

Spacecraft Position

The errors in the target direction arise from uncertainties in the
position of the TDRS and the L~D. The maximum error in the TDRS position
is 61 m, assuming there is no correction immediately following each TDRS
momentum dump (Reference 3). The TDRS orbit radius is 4.224 x 10% km and
the L-D orbit radius is 7.083 x 103 km, so the minimum distance between
them is about 3.5 x 10% km. At this distance, a 61 m error is eguivalent
to a 10"4 degree 1ine-of-sight error. An L-D position uncertainty of
100 m {(Reference 1) contributes 1.64 x 10'4 degrees error. These two ef-

fects are negligible compared to the other errors shown in Table 3-1.

Spacecraft Attitude

The spacecraft alignment error is dominated by the 0.01 degree point-
ing accuracy of the spacecraft and the relative error at the canister mount-
ing surface due to thermal and other distortions of the spacecraft itself.
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Table 3-1. Antenna Open Loop Pointing Error Summary

Error Source

30 Error (degree)

Spacecraft position
TORSS ephemeris, 61 m
LF/0 ephemeris, 100 m

. Spacecraft attitude

Attitude control of ACS module (gyros,

star tracker and RW contrel errors

)

Spacecraft structural/thermal align-

ment (ACS to canister mount)

Pointing computation and command

Computer roundoff and quantization
(16 bits)

Gimbal angle encoder (14 bits)

Servo and gimballed platform errors
Servo step size (0.03 degree)
Gimbal axes alignment {orthogonali
and bearing runout)

Antenna mast errors (20' Astro-mast)
Canister mounting and alignment

(thermal)
Mast deployment/repeatability
Bending 0.1°  (30)

Torsional  0.12° {30)

Thermal distortion
Bending 0.06° (3u)
Torsional 0.5° (30)
Antenna errors (boresight relative to
mounting platform)
Antenna attachment misalignment
Mechanical (thermal} boresight alf
Electrical boresight alignment
Precomparator amplitude imbalance
Precomparator-postcomparator phase
imbalance

Total rss error (3o)

ty

CEP

CEP

gnment

——d

.0 x 1074
.64 x 1072

—

0.010

0.010

o

.005.
.022

o

0.015

0.017

0.017

0.129

0.503

0.057
0.028
0.057
0.036

0.016

1.92 x 1074

-0.014

0.023

0.023

0.520

0.093

0.528
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Pointing Computation and Command

The computation and command error is dominated by the gimbal angle
encoder error. The on-board data handling system uses 16 bits in double
precision, but the payload drive encoder may well have fewer bits. The
computational error, eye is found by letting the N bits cover a complete
360 degree range

The computer roundoff and quantization error is found by Tetting N = 16 or
€16 ~ 5.49 x 10"3 degrees. The gimbal encoder error is ey = 0.022 degree.
The resultant error is 0.023 degree.

The gimbal, servo, and platform error capabilities were taken from
Reference 4 where it was determined that the combined gimbal and steady-
state servo error is 1 arc-minute (0.017 degree) and the error due to gim-
bal step size of 0.03 degree is 0.015 degree. The total error for this
category is 0.023 degree.

Antenna Mast Errors

The main source of pointing errors is the Astro-mast. Basically,
these errors relate the total error from the canister mounting surface to
the gimbal mounts. The baseline mast is assumed to be 20 feet Tong* and
9 inches in diameter when depToyed. The mounting and alignment error in
the table (0.077 degree) is the mast mounting error. The other errors are
based on information obtained from Mr. Peter Preiswerk of Astro Research.

*It will be shown in subsequent sections that this was a conservative
“assumption, i.e., the actual mast length is expected to be about 10 feet
or less. The conclusions arrived at, namely that autotracking is required,
is still believed to be valid, however, )



The 3u numbers provided by Mr. Preiswerk assumed a standard 9-inch
diameter, 20-foot long Astro-mast that is canister deployed. These num~
bers are given in Table 3-1 under item 5. The bending’and torsional er-
rors are combined and represented by a Rayleigh circular error. The maxi-
mum antenna pointing error due to the Astro-mast is 0.520 degree.

Antenna Errors

The antenna errors category includes all alignment errors from the
antenna platform to the beam center. The 0.093 degree error assumes-a
graphite reflector and the error is compatible with that of a similar 5-
foot dish currently being used on another TRW project.

The resultant RSS errors for open ‘loop pointing is 0.529 degrees/axis
or a Rayleigh circular error of 0.61 degree (3c). Since an open loop
pointing accuracy of about 0.7 degree (3¢) is required for satisfactory
communication with TDRS, it must be concluded that an autotrack system is
required.

3.7.2 Autotrack Performance

A description of the recommended antenna autotrack system and acquisi-
tion procedure is presented in a companion report on the L-D mission unique
communication system, Reference 5. Autotrack performance is given there
in terms of the RSS of tracking errors due to thermal noise, precomparator
amplitude imbalance, precomparator and post-comparator phase imbalances,
and drive step size. The autotrack errors are summarized in Table 3-2.

The single-channel amplitude comparison autotrack system shown func-
tionally in Figure 3-1 has been recommended over other tracking techniques
such as interferometer, self (beam)-steering, mechanical scan, conical
scan, etc., because of 1ts low risk, Tow cost, minimum hardware complexity,
~and its good performance in tracking the Ku-band, spread spectrum RF signal.

In summary, the recommended autotrack design provides excellent track-
ing performance. Practical 1imits of precomparator amplitude imbalance
and precomparator and post-comparator phase imbalances do not cause
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Table 3-2. Autotrack Errors (3c)

Error Source Error (deg) Notes
Precomparator ampiitude imbalance 0.036
Precomparator/post-comparator 0.018
phase imbalances
Drive step size ' 0.015 0.03° step size
Servo Toop dynamics 0.015 Estimated
RSS 0.0455
Thermal noise 0.0004 (S/N)gp = 11 dB
RSS’tota1 : 0.0455 Per axis
Circular error 0.052

Antenna pointing loss

Receive 0.06 dB 3 dB beamwidth = 0.80°

Transmit 0.07 dB 3 dB beamwidth = 0.73°
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appreciable contributions to the autotrack error. The errors associated
with motor step size and servo loop dynamics are aiso minimal. The track-
ing error due to thermal noise is negligible at acquisition and autotrack
receive signal Tevels.

3.2 Antenna Gimbal Configuration

Figure 3-2 shows a sketch of L-D in its normal on-orbit orientation.
The figure mainly serves to define the body-fixed reference coordinate set,
{;b’ ;b, Eb}, and the earth half cone angle 8c which equals 64.2 degrees
at a spacecraft altitude of 705 km. It follows from the geometry indicated
that the gimballed Ku-band antenna must be able to track TDRS in a cone of
approximately + 120 degrees (exactly: 90° + 25.8° = 115.8 degrees) cen-
tered about the 'Eb axis, and that the maximum antenna dip angle below the
spacecratt's Tocal horizontal plane is 25.8 degrees.

The Ku-band antenna target, namely TDRS, follows a cone about the
spacecrafi's §b axis which is constantly changing in size. This means that
a two-gimbal arrangement should have the outer gimbal axis in or near the
;b"gb plane so that frequent gimbal resetting is not necessary. The prob-
Tem with a two-axis (2-degree~of-freedom) gimbal lock problem exists and
its effects must be carefully considered in the choice of the gimbal con-
figuration and the degress of freedom. Four different gimbal configura-
tions were considered. They are:

(1) x over y* two-axis gimbal.
(2) y over x two-axis gimbal.
(3) Azimuth-elevation two-axis gimbal.

(4) Three-axis gimbal using azimuth-elevation plus a third axis,
cross elevation gimbal.

*The notation means x rotation after y, i.e., the outer gimbal axis is
aligned with the S/C y, axis and the inner gimbal axis (at outer gimbal
null} with the S/C X axis.
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ﬁy/IpRS£Ku4band Antenna

~  Direction of Motion
X >~

= 25.8°

Figure 3-2. LANDSAT-D Normal On-Orbit Attitude and Geometry (not to scale)

The x and y two-axis gimbal would need + 180 degrees.freedom about
the y-axis and 0 degrees to 120 degrees in x. Since the line-of-sight to
TDRS tends to come around the spacecraft's §b axis, this gimbal configqura-
tion would operate often close to gimbal lock and high rates about the y
gimbal axis would be required. For the same reason, it would also require
ffequent resetting of the outer gimbal because of the effective + 180 de-
gree stops necessitated by the coax cables which are run across the gim-
bals and do not permit a wind-up motion about &bﬁ Since the gimbal lock
tends to interfere with the L-D operatjonal scenario, the x over y gimbal
arrangement is discarded as a configuration candidate.

The y over x gimbal would need 0 - 120 degree freedom in both gimbal
axes. Gimbal Tock can occur twice per orbit. Gimbal Tock would occur when
the TDRS is either straight ahead a10ng the spacecraft veToc1ty vector
(+xb) or when the TDRS is exactly behind the spacecraft (- Xy direction).

3-9



These situations would occur when TDRS is crossing the L-D orbit plane at
the time L-D descends from the North Pole toward the eguator, and again a
Tittle Tater when L-D is half way on its way to the South Pole. The y
over x gimbal is a feasible configuration but not particularly attractive
since the gimbal Tock conditions interfere with normal L-D operations.

The azimuth-elevation gimbal {with azimuth being rotation about the
Eb axis = mast axis) has one well defined gimbal Tock condition per TDRS:
whenever TDRS is in the spacecraft zenith, i.e., whenever TDRS is in the
L-D orbit plane directly above the spacecraft (- z direction). Fast an-
tenna rotation near gimbal-Tock occurs then ma1n1y about yaw (z axis) and
is expected to cause minimal interaction with the spacecraft whuch could
adversely affect payload pointing. The mechanical design of an azimuth-
elevation gimbal is vrelatively uncomplicated and, moreover, a third gimbal,
should it ever be regquired, can be added quite easily by putting a cross
elevation hinge into the antenna mast. The azimuth gimbal about £b should
ideally have a freedom of 360 degrees without mechanical stops, but be-
cause of a cable transfer across the gimbal hinge, a cable wrap providing
+ 200 degrees of freedom with attendant overlapping + 200 degrees mechan-
jcal stops, will be required. The elevation gimbal freedom must be at
Teast from -26 degrees to +90 degrees. The azimuth-elevation gimbal con-
figuration Tooks attractive and will be further considered.

A three-axis gimbal avoids gimbal-~Tock conditions but the gimbal con-
figuration is mechanically more complex, bulkier, heavier, and costlier.
At certain times two gimbal axes may be paraliel and control Taws and gim-
bal servo cross-talk problems become more complex. It has been decided to
avoid a three-axis gimbal system if satisfactory operation can be achieved
with a two-axis gimbal.

3.2.1 Gimbal Lock Problem

H

The potential gimbal-Tock problem for the two-axis gimbal configura-
tions in general, and for the azimuth-elevation configuration in partict- .
lar, can be solved in one of two ways. Referring to the gimbal-lock point
as. the keyhoie, one can
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(1) Show that the target (TDRS) is never in the keyhold.

(2) Place the keyhole so that the data which is lost, by the
antenna not tracking TDRS, is not required. '

Option 1 can be viewed as: show that whenever one TDRS is in the key-
hole, it is acceptable to use the other one as the target. This.is best
considered in terms of the target Tocation. For an azimuth-elevation ar-
rangement, gimbai-Tock occurs when the target is in the L-D orbit plane.
At that time the other TDRS is 130 degrees out of the orbit plane where it
is hidden by the earth; thus there is no increase in coverage available by
switching targets -- in fact, since the other target would have to be
tracked for the whole L-D orbit, there would be a larger reduction in
coverage by switching targets. This exercise can be repeated for other
two-axis gimbal configurations, but the result is the same. Since the
outer gimbal axis must be near the xb-zb plane, gimbal-Tock will occur
when & TDRS is near the L-D orbit plane. At that time, the other TDRS is
50 degrees out of the L-D orbit plane and cannot be tracked throughout the
L-D orbit.

Option 2 is a feasible solution. Using the azimuth-elevation arrange-
ment, gimbal-lock will occur when the L-D is directly beneath the TDRS,
and so Toss of the TDRS Tink will occur at 41 degrees and 171 degrees west
longitude, i.e., beneath the station locations of the two TDRS's. These
points are over the ocedn where coverage is not essential. The loss of °
the TDRS 1ink at 41 degrees west occurs close to the coast of Brazil, and
at 171 degrees west there may be some Pacific islands of interest. Thus
it is of some importance to precisely establish the size of the loss of
coverage zone on the ground and to investigate if this zone could be
shifted if required.

The Toss of coverage zone can be 3hifted by tiTting the outer gimbal
axis, which for the azimuth-e1evat16n gimbal would mean to tilt the mast.
This is demonstrated in Figure 3-3, where tilting the gimbal axis by the
angle o, moves the Toss of coverage zane by an amoun£ v. -The relationship
between these angles is found from:
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Figure 3-3. Moving the Loss of Coverage Zone by Tilting the
Outer Gimbal Axis

o = B+y (3.2-1)
and
h = r siny = (rT - 1y cos v) tan B (3.2-2)
thus
-1 . sin v } re
o = vy + tan { = ~ — Y (3.2-3)
r7 - f cosy rr -

where the approximation is for small angles. Using the values r = 7074 km
and v = 4.224 x 10* km, a~ 1.2 y. For example, if the gimbal axis is
tilted 6 degrees, the coverage hole moves about 5 degrees.

The size of the Toss of coverage zone can be estimated by assuming
that normal operation of the antenna gimbal can be maintained until one
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gets within # 2 degrees of gimbal-lock. Using Equat%on (3.2-3) with

o = + 2 degrees, this becomes y = + 1,664 degrees of the earth's sphere on
the ground wnich equals + 185 km. Since a swath of the TM happens to be
exactly 185 km wide in the east-west direction, the loss of coverage zone
in the worst situation is at most three swaths wide (555 km = 5 degrees on
earth sphere), and for the best situation at least two swaths wide

(370 km = 3.3 degrees). In the north-south direction, the loss of cover-
age zone extends always + 185 km (+ 1.664 degrees) if gimbal-lock can be
approached to within 2 degrees. This is illustrated in Figure 3-4. Re-
ferring to appropriate maps showing the north-east coast of Brazil and the
Pacific Ocean, respectively, it can be seen that the loss of coverage zone
cohfains only water (the coast of Brazil is barely missed for the worst
situation), with the exception of perhaps some of the Gilbert Islands in
the Pacific. . Thus, the antenna mast need not necessarily be tilted. If a
tilt is considered, because normal tracking operation can only be main-
tained to within, say, 5 degrees of gimbal-lock, then the mast could be
tiTted by 6 degrees to 12 degrees toward +§b so that the now Targer loss
of coverage zone would move 6 degrees to 12 degrees north at the descend-
ing node (daylight), where no nearby land masses exist. But this is ac-
ceptable only if the loss of coverage due to gimbal-lock is acceptable at
night: 1if the zone is shifted one way at the descending node, it is
shifted in the opposite direction at the ascending node. It would be pos-
sible to place the zone over the ocean all the time by tilting the Qimbal
axis 36 degrees from the ;b axis in the Qb—zb plane. This moves the zone
30 degrees north or south depending on the L-D direction at the time.

3.2.2 Baseline Gimbal Configuration

The azimuth-elevation, gimbal configuration has been selected as the
baseline gimbal for the L-D Ku-band (TDRS) antenna. The occurrence of

gimbal-lock is well defined for this gimbal configuration and it was shown
that the resultant loss of coverage zone is always situated over water.

The gimbal configuration is shown in its null position in Figure 3-5.
Gimbal-Tock occurs when the elevation angle 9o = 90 degrees and the anten-

na views zenith. The coordinates {x, y, z} are identical to the body

3-13



North
3 L-D Ground Traces
for Worst Case Situati%h

FaN

B

—-— — —— — —_ !

I X i
: i l l

| +1° |

| 185 km { [

| i |
| ! !

Equatorial Plane TDRS Subsatellite !

1 Pt.
, | } " P // I et )
TT' | ¥ I T 1 t t t 1 + l H 4~
-2° =1° 1 0° T° 2°

| i {
! | | |
|€— 92.5 —=>|<=——— 185 km >J= 185 km — o |e 92.5 5
km i 1 ' km !
| l Lo |

| Max Zone | Min Zone | 1 | |
J % | |
I i I

B _ - S S B | -
— 90

< 185 km ol e 185 km e . 185 km__*___a,|

\ Y

A

2 L-D Ground Traces
for Most Favorable Situation

Figure 3-4. Zone of Loss of TDRS Link Due to Gimbal-Lock (Normal Operation
Assumed to Within + 2 degrees of Gimbal-Lock)

3-14



9,, Elevation

> Dish

91 azimuth g:/

F—_Mast

G
4
L

~

z
Nadir

Figure 3-5. Ku-Band Antenna in the Null Position

fixed set defined in Figure 3-2, i.e., in its null position the antenna
faces in the direction of travel of the satellite. This is important in
view of the cable wrap 1imits specified as + 200 degrees from the origin,
since near gimbal-Tock, the antenna must be able to rotate nearly 180 de-
. grees in azimuth from +x to -x w1thout crossing a cable wrap 1imit. A
single mechanical stop in azimuth is unacceptable s1nce the antenna must
be able to fine-track a TDRS at any arbitrary azimuth angle. Thus, an
overlapping cable wrap and attendant overlapping mechanical stops (to



prevent cable damage) are required. The peak gimbal rate occurs in azi-
muth near gimbai-lock. It can be shown that if gimbal-lock is approached
to within ¢ degrees, then, for small e, the peak azimuth rate is given by

: e (3.2-4)
g - — - -—
Tnax € -

where Wy is the orbit rate of L-D. For e = 2 degrees, this yields

é] = 1.74 deg/sec

The peak azimuth rate could be decreased if the elevation angle were al-
lowed to "follow through” beyond 90 degrees, i.e., the elevation gimbal
freedom were -30° < g, < 210 degrees. The software of the gimbal controi-
ler would also become more complicated, however, since gimbal steering is
not unique anymore.

Table 3-3 summarizes the baseline gimbal design requirements. A ser-
vo Toop controlled stepper motor has been assumed for the gimbal drive.
Step size and other requirements are compatible with the antenna pointing
requirements and the autotracking baseline systeﬁ established in Section
3.1. The slew rate and acceleration requirements assure that:

e The azimuth can be reoriented by 180 degrees sufficiently
fast (1 minute)} to resume tracking TDRS when it emerges again
from the gimbal-Tock zone, assumed at + 2 degrees about the
keyhole. (That is, the time to reorient the azimuth gimbal
is Timited by the time it takes L-D to cross the gimbal-lock
zone. )

] The antenna can be slewed from one TDRS to the other in less
than 2 minutes.



L] The system has sufficient acceleration capability for a
spiral search pattern to find and Tockup on TDRS, in case the
open Toop pointing command did not bring the target within
the acquisition field of view of the autotrack system.

Table 3-3. Baseline Gimbal Configuration Design Requirements

Angular Freedom:
Azimuth . + 200° (overlapping stops)

Elevation -26° to +90° (minimum) .
-30° to +210° {desirable)

Maximum Tracking Rate: 2.0 deg/sec
Maximum Slew Rate: 4.0 deg/sec

Maximum Acceleration: 1.5 deg/sec2

Output Step Size: < 0.03 deg

Readout Accuracy: Better than 0.2 deg

Open Loop Pointing: Better than 0.25 deg

3.3 Antenna Control System Functicnal Design ‘

This section presents a oreliminary design for a control system to
point the L-D Ku-Band antenna at a TDRS. There are two major control
modes. Mode 1 is an open Toop pointing mode in which the on-board com-
puter generates gimbal angle commands based on the computed Tocation of
the target. In this mode the gimbal angle readouts provide the feedback.
Mode 1 is used to: - - .
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(a) Slew from one TDRS to the other.

(b) Reset the azimuth gimbal angle when one of the + 200 degrees
cable wrap stops are close to interferring with nominal op-
eration.

(c} Move the antenna through the zone of TDRS link loss due-to
~gimbal-Tock.

(d) Follow TDRS through the zone of exclusion over the Indian
Ocean where both TDRS's are hidden by the earth so that auto-
track may resume as soon as a TDRS comes again into the field
of view.

'Operations (a) through {c) will nominally all be accomplished when the
spacecraft is near the polar regions so that no data loss (i.e., no effec-'
tive communication loss) is incurred. The loss of coverage over the
Indian Ocean, item {d) above, is not under the control of the L-D mission;
it is a characteristic of the TDRSS as currently configured.

If the open Toop antenna-pointing accuracy is worse than 0.657 de-
grees, it may not be possible to estabiish the RF 1ink for locking on to
the TBRS. 1In this case the computer generates a spiral search pattern to
bring the TDRS within the field of view of the autotrack system. The
search pattern is generated in Mode la.

Mode 2 is a closed loop tracking mode which does not use the on-board
computer. The pointing error is sensed by the autotrack system, and the

controller removes the measured error directly.

3.3.17 Acguisition Procedure

* Acquisition procedures between the L-D and the TDRS are outlined in
Table 3-4. The data was taken from the TDRSS "User Spacecraft Acquisition
Procedures," P-805-1, June 1976, GSFC. For L-D acquisition independent of
the S-band TT&C Tink (except for initial antenna pointing programming and
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Table 3-4.,  TDRSS User Spacecraft Acquisition Procedures

L1

T

KSA ACQUSITION SEQUENCE NO. 1

An SSA return link is established with the user spacecraft using the normal
SSA acquisition procedure.

The user spacecraft radiates a minimum S-band EIRP of +13 dBw.

TORSS uses the S-band return 1ink signal to aid antenna pointing. TDRSS
radiates, within 5 seconds of user S-band turn-on and in the direction of
the user spacecraft, a Ku-band +40 dBw (minimum) signal EIRP compatible
with the forward 1link signal parameters defined in either Table 2-1 or
Section B.2.1.1 of S-805-1. The Ku-band carrier and PN clock shall include
doppler compensation as scheduled.

The user spacecraft acquires the TDRSS Ku-band signal, begins autotracking,
and begins radiating a +30 dBw (minimum) signal EIRP at Ku-band in the
direction of TORSS.

TDRSS then:
a. Autotracks the user Ku-band signal within 5 seconds of user turn-on
(Pacq = 0.99 for user EIRP = +30 dBw).

b. Begins radiating normal power mode signal EIRP or high power mode sig-
nal EIRP as scheduled.

c. FEither establishes return link DG 1 service and/or DG 2 service, or
Shuttle Ku-band service within & seconds.

.2 XSA ACQUISITION SEQUENCE NO. 2

2.1

2.2

2.3

2.4

.2.5

.2.6

An SSA forward 1tink is established with the user spacecraft using the nor-
mal SSA acquisition procedure.

The user spacecraft is commanded to point its Ku-band antenna at TDRSS and
to transmit in the direction of TDRSS a minimum of +30 dBw EIRP at Ku-band
compatible with the return 1ink signal parameters defined in either Table
2-2 or Section B.2.1.2 of $-805-1. -

TDRSS searches for the Ku-band signal and begins autotracking within 10
seconds of user turn-on (Pacq = 0.99 for user EIRP = +30 dBw}.

TDRSS radiates normal power or high power EIRP at Ku-band in the direction
of the user spacecraft compatible with the forward 1ink signal paramefers
defined in Table 2-1 or Section 9.2.1.1 of $-805-1. The Ku-band carrier
and PN clock shall include doppler compensation as scheduled.

The user spacecraft acquires the TDRSS Ku-band signal and begins
autotracking. : :

TORSS either establishes return link DG 1 service and/or DG 2 service
within 5 seconds. .
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other tracking considerations given below), KSA acquisition sequence 2 is
recommended for the L-D mission. The acquisition procedure has also been
discussed in Reference 5.

L-D antenna tracking is accomplished as foliows. Prior to coming
over the horizon, the L-D Ku-band steerabie antenna is program-pointed at
the TDRS within a factor of 1.8 (open loop pointing error) of the one-
sided, half-power beamwidth (0.365 degree)}. This open Tloop uncertainty
does not reduce the L-D EIRP below the minimum 30 dBW EIRP required for
TDRS Ku-band antenna acquisition and autotrack. A margin of greater than
18 dB exists.

Upon acquiring and autotracking the L-D signal beacon, which consists
of the normal composite 120 Mbps and 15 Mbps instrument signal, the TDRS
begins transmitting a spread spectrum beacon signal to the L-D. The TDRS
beacon signal will be within 10 dB of the L-D Ku-band high gain antenna
peak. This signal Tevel is above the threshold Tevel which initializes
autotrack.

The autotrack design provides for the inclusion of a small acquisition
horn (BW = 12 degrees) to provide a broadbeam Ku-band beacon for initial
TDRS acquisition of the L-D. The acquisition horn is considered as a back-
up acquisition aid in the event of temporary pointing anomolies (attitude
control, boom distortion, etc.). Furthermore, a preprogram search routine
in the communication and data handling module on-board computer provides a
search pattern for L-D antenna acquisition and autotrack. This is also
considered a backup mode.

3.3.2 System Functional Description

A functional block diagram of the controlier is shown in Figure 3-6.
The required electronics are shown functionally by the block diagram in
Fiéure 3-6a; a separate compensator may be needed for Modes 1 and 2 due
to the different requirements. The autotrack measures the antenna point-
ing errors - €1 and €5 - in antenna-fixed axes and they need be resolved
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into gimbal coordinates. One of these axes is aligned with the inner gim-
bal axis, so the measured pointing error is also the gimbal angle error,
i.e., for the elevation gimbal,

€2 = C2 - 92 (3.3--[)
where C, is the commanded gimbal angle and g, the actual (measured) gimbal
angle. But, the pointing error about the outer axis (azimuth) differs

from the gimbal angle error according to the target location:

ey = C€OS g, (C1 - g]) (3.3-2)
This factor is removed as shown in Figure 3-6.

In Mode 1, the computer must calculate the required gimbal angles to
point the antenna at the target given the TDRS location and the L-D loca-
tion and attitude. The necessary equations will now be derived.

Assuming that the L-D and TDRS positions are known in the standard
earth centered inertial (ECI) coordinate frame {I} (zI axis through North
Pole, X1 axis toward vernal equinox), denote the L-D and TDRS position

vectors by {?L}I and {F}}I, respectively. Then the vector pointing from
L-D to TDRS is given in ECI coordinates by

pr; = {redy - Ik (3.3-3)
and in L-D body coordinates by

where AbI is the direction cosine matrix of L-D specifying its attitude
relative to ECI. Denote the normalized pointing vector to TDRS in L-D
body coordinates by
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T, = (y/I1pll (3.3-5)

Denote A the diréction cosine matrix that transforms from body -fixed co-
ordinates to antenna fixed coordinates. Then, performing two ordered ro-
tations 91 and o>

Aab = [gz‘Jy [g]]z
" cos g, €OS gy cos g, sin g, -sin g,
Aab = -sin g, cos gy 0 (3.3-6)
sin g, COS gy sin gy COS gy cos g,

Note that when gi =g, = 0, the antenna fixed axes coincide with theﬁbody
fixed axes and the antenna boresight is aligned with the spacecraft X
axis. The gimbal angles 9y andﬂg2 that align the antenna boresight with
the normalized pointing vector Tb’ must then satisfy

1 Tbx
0 = Aab Tb = Aab Tby (3.3-7)
0 sz
which leads to
. . - -1 1y
azimuth: g; = tan (Tby/Tbx) (3.3-8)
and
elevation: g, = —sin”! (sz) -30° < g, < 90° (3.3-9)"

When the antenna is pointed at the computed target location, Mode 2
is initiated if the autotrack "sees" the TDRS beacon, and Mode la
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otherwise. In Mode la, the computer generates the search pattern and
switches to Mode 2 when the autotrack "sees" the beacon. The search pat-
tern assumed here is a spiral:

a1 = 9 sin g = Kt sin ut (3.3-10)

as go =. Kt cos ut (3.3-11}

At the end of n full periods

"
v
- p
=
ro
=
=

tl
=

ay(n)

2mnk
w

1]
O
o
vy
134
=
=

n

a,(n)

Thus the distance between successive scan centers is d = With the
0.8 degree FOV width, sufficient overlap could be achieved with d = 0.6

degree, or K/w = 0.0955 degree. This scan will cover a circle of radius
re = 3 degrees in n = 5 cycles.

2nk
K

The peak gimbal rate within that circle would occur at the end of the
fifth cycle, where

éI(n) = [K sin ot + K ot cos wt] = 2mnK (3.3-12)
£ = 2mn
o
az(n) = [Kcos ut - K wt sin wt] = K (3.3-13)
’ f = 2E0
0}
are the rates at the end of the nt cycle. . Further, from (3.3-10)
N
gy — —r—— (3.3-14)
1 sih g,
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For acquisition with 9o < 60 degrees, this becomes

ay < 0.5 g; < 1 deg/sec (3.3-15)

where é1 and éz are each limited to 2 degrees/second by the design require-
ments. Combining (3.3-12) and {3.3-15)

Kn < 0.1592 deg

Since this rate requirement 1s only necessary thru the fifth cycle, one
chooses K = 0.03 degree/second. Since K/w = 0.0955 degree, this results

in w = 0.314 rad/second, and the period is 20 seconds/cycle. The peak
gimbal acceleration can be shown to be 0.6 degree/second2 where the gimbal
design requirement is 1.5 degrees/secondz. In summary. in Mode 1a the
computer must compute gimbal angles according to Equations (3.3-10) and
(3.3-11) with K = 0.03 degree/second, and w = 0.314 rad/second. A computer
cycle time of 256 msecond would allow the gimbal commands to be updated

80 times per search cycle.

3.4 Digital Program for Antenna Motion Profile and Solar Array Interference

One of the requirements of the LANDSAT-D study was to develop a dig-
ital computer program for studying solar array interference with the Ku-
band antenna. Program LFO (Landsat Follow-On} satisfies this requivement
and is additionally a more general program that can be used to study vari-
ous other spacecraft/orbital phenomena. In particular, the main outputs
of the program are:

e Antenna gimbal angle motion profiies

o Percent transmission to TPRS (interference problem)
. Spacecraft eclipsed or not eclipsed

® Longitude and latitude of the subsateliite point

¢ Subsatellite point over Tand or water

(] Subsatellite point over lighted earth or dark earth
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The objective of this section is to discuss the underlying theory on
which the program is based, provide a brief description of the program or-
ganization and its use, and to present and discuss some of the results ob-
tained: Program flow diagrams are given in Appendix A and a program 1ist-
ing (FORTRAN IV) is given in Appendix B.

3.4.7 Program Description

This program is primarily used for computations involving a spacecraft
in an arbitrary circular orbit -- specifically the LANDSAT-D {L-D) -- and
another spacecraft which is in an earth-synchronous orbit -- specifically
the TDRS. The geometrical relationships are shown in Figure 3-7; this fig-
ure also defines several of the variables and parameters used in the pro-
gram. The earth centered, sun referenced, coordinate system, s, has the
zZ, axis pointing north along the polar axis and the sun lying in the Yg = 0
plane generally in the X direction; the Xg axis and A axis 1ie in the
equatorial plane. The TDRS's are located by the angles Y and Yo measured
relative to the Xg axis ~-- nominally TDRS1 is at 41°W Tongitude and TDRS2
is at 171°W Tongitude. The L-D orbit is defined by its inclination angle
1 and the Tocation of its descending node Yp- In this orbit plane, the
spacecraft is Tocated by orbit angle YL measured from the point 90 degrees
ahead of the equatorial plane. The orbit coordinate system is Tocated at
the spacecraft c.m. with the zZ, axis pointing at the eapth center and the
X, axis in the direction of spacecraft orbital motion. In the program the
body coordinate system is assumed to be identical with the orbital frame
0 -- no pointing errors. The angle between the sun vector and the equa-
torial plane is Yss this varies over the range. [-23.5 degrees, 23.5 degrees]
depending on the time of year.

The mainiine program contains minimal computation. Instead, it pri-
marily ties together the various subroutines; this allows the user to easily
.supp1y special purpose subroutines to meet the needs of a particular situ-
ation. The flow charts of the total program are given in Appendix A. The
subroutines DOT, CROSS, BASIS, CITOO, COTOA, UNIT and ROT are minor compu-
tational subroutines used for various vector manipulations and coordinate
system transformations; their specific functions are shown in Tabie 3-5.
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Figure. 3-7. Geometrical Relationships
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Table 3-5. Minor Subroutines in LFO

Subroutineg ‘ . -
Name Inputs Outputs Descr1pt10n
DOT XY A A=X-.Y
CROSS A, B [ C=AxE
BASIS i B, C | The unit vectors B and C form an
orthonormal basis with A
oNIT | X Y | Y= %X
ROT XT, A, N X0 Y0 = [Aly, XT , N is nth axis
CITOO s ] Y Transforms vector X in s coord.
system to unit vector Y in 0 coord.
system.
. COTOA A, p B Transforms vector A in 0 coord.
system to B in array centered
- coord. system (see Section 5).

The subroutines INPUT and OUTPUT deo just what their names imply; they are
separate subroutines in order to keep the mainline program simple and
straightforward. The remaining subroutines are the main computational ele-
ments of the program; their functions are described briefly in Table 3-6.
More complete descriptions of ARRAY and GIMBAL are given in Section 3.4.3.
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Table 3-8,

The Main Computational Subroutines in LFQ

Subroutine s s
Name Inputs Oufputs Description
UPDATE i, Y1 72; f t, Yi> Yos Y| Increments variables between compu-|
tation times
ARRAY %, § R With antenna target at % and sun |
at S, R = Per cent of antenna pat-
tern not blocked by array
a _ 1, LD in sun
ECLIPSE SoRe fsum,oav fisuws (g D lnsun
1, subsatellite point
IDAY = lighted
0, subsatellite point
dark
Yi> Yo ALAT, ALONG Computes geographical latitude and
LAT Yp> Ype Tongitude of subsatellite point.
ALAT 1
GIMBAL % G], G2 Given antenna target at %, computes
the antenna gimbal angfes
LANDSEA | ALAT, ALONG LAND LAND = { 0, L-D over water

1s 1-D aver land

The current version of the program assumes uniform step sizes between
computation times, a simple rectangular array driven to follow the sunm,

circular orbits, and the target (TDRS) in a geosynchronous orbit.

These

assumptions are not necessary, and they could be changed by revising the

various subroutines.

For example, subroutine UPDATE could be changed to

include the effects of an elliptical orbit or to make the intervals be-
tween computation times vary -- possibly dependent upon the program outputs.
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Subroutine LAT contains an equation for converting true latitude to
geographic latitude. The difference is shown in Figure 3-8 where o7 is
the true latitude calculated from the L-D position and ¢g is the geographic
latitude which depends on the "local vertical".

EQUATORIAL

PLANE \
Y

L.OCAL
VERTICAL

EARTH

Figure 3;8. ITTustration of the Difference Between True and
Geographic Latitude

In Reference 6, the two angles are related by the equation

sin ¢g

) ' 4 1/2
. a 2
ljsm ¢g +(E) cos ¢g]

(3.4-1)

“sin or =
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where

%- = 1.00336417

But this easily reduces to the more convenient form

2
. {8 _
tan ¢g = (b) tan ¢; (3.4-2)

which is used in the subroutine. This latitude correction changes the
latitude by a maximum of 0.2 degree. The Tlongitude computed in LAT is
positive for western Tongitudes and negative -for eastern longitudes. The
subroutine LANDSEA uses the latjtude and longitude to determine whether
the point is over land or water. This subroutine was originally written
for another program and has been incorporated intoe this program. The in-
formation is stored in 42,261 bits, each representing a 111.2 x 111.2 km
piece of the earth's surface -- 1° x 1° at the equator.

3.4.2 Program LFQ Abbreviated Users' Guide

The L-D user supplies the program input variables using a namelist
file on TAPE3 called “IN". The variables supplied are listed in Table 3-7.
The program supplies default values for most of the variables, as shown;
the remaining variables must be supplied by the user, Some example runs
are given later, but a sample input file is shown in Table 3-8. For the
sample input shown, the output file -- from TAPE4 -~ is shown in Table 3-9.
In practice, the information on the output file would be plotted as in the
examples given in Section 3.4.4.

The input variables have the units shown in Table 3-7. The various
angles are supplied in degrees for convenience; the program converts the
angles to radians for internal use, and then the output angles are recon-
verted to degrees.
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Table 3-7. Program LFO Input Variables

Vaggggle Symbo1 ‘ Description P$§§gét
ALATI Longitude of TDRS #1 (Deg) +41.0
ALPHAS_ oy Antenna FOV Skirt (Deg) 2.
ARRL [} Length of Solar Array (Ft) -
ARRW ‘w Width of Solar Array (Ft) --
ATMAST a Vector from Edge of Array to Base ‘ 0

of MAST (Ft) _

CANT %, Solar Array Cant Angle (Deg) 37.5
DELTAI Ay Rate of Change of 1 (Deg/Hr) 15,
DELTAL By “Rate of Change of YL(Deg/Hr) 220.31
DELTAT A Time Increment (Hr) -
DIRMAST m Vector Along MAST Toward Antenna - (0,0,-1)
FINALT Te Final Time (Hr) -
GAMMAT Yy (Initial) Position of TDRS #1 {Deg) 0.
GAMMAD Tp - Angle of Descending Node (Deg) 37.5
GAMMAL v L-D Orbit Inclination Angle (Deg) 98.7
GAMMAL YL (Initfal) Position of F—D (Deg) 0.
GAMMAS Y Angle of Sun Below Equatcrial Plane (Deg) 0.
HMAST h Antenna Mast Length (Ft) - -
RDISH Ry Radius of Ku-Band Antenna Dish (ft) 3.
REARTH Re Earth Half-Angle from L-D {Deg). 64.2
RL R L-D Orbit Radius (Km) 7074,
RT RT TDRS Orbit Radius {Km) 4.22x'104

Table 3-8. A Sample LFO Input

P$IN )
~GECTATE0.05
FINALT=1.6
HMAST=G,34
TARRW=ET T
ARRL=Z5.6

SEND
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labile 3-9.

OQutput with Input Shown in Table 3-8

TIME LE/D DRS1 TRANS GIMBAL ANGLES] TDR52 TRANS CIMBAL ANGLES kDAY SUN_LAT LONG LAND
0,000 00 0.0 100.0 =37.2 =446 130,06 1CU.0 G245 =1T7at 1 1 fleG =1leb% 0
OOSO 1100 07 10000 "‘39-1 ‘!ol "12902 10000 90.2 "'17.6 1 1 7604 ‘03.0 1
4100 22.0 | 1e5 1000 =~42,2 12.6 |~126.5 100.0 B7.8 =17.2 1 1 66.7 60,6 1 |
«150° 33,0 22 100,0 «=46.8 20,7 |=127.7 100.0 8Ye7 =163 1 1 Lbe? 6844 1
«200 4441 3.0 100.0 =53,1 28,0 [=127.0 1C0.0 83,9 =l4,8 i 1 45,5 73.1 1
#2550 5541 _| 347 10040 =61l46 3441 |~12642 10040 8245 =1340 1 1 34,7  Tb6et6___ 0O
#300 66,1 445 1C0.0 =72,1 3843 |=12545 100640 Ble7 =10.9 1 1 23.8 794 0
0350 7701 5.2 10000 -8’101 40.2 "‘12"’07 '10G-0 910‘! "807 l l 1208 81-9 0
+400 ___88.1_“ ___6-0___ 100-0 __"9602 e 39.3 -124.,0 100,0 8l.7 . ~6s4 1 . l__ 1-9____8"0“2_______9‘______
"«450 T 99,1 6e7 100.0 =107,1 35,9 |[~123.2 10040 B2.6 -4,1 1 1 “G41 BG4 6 0
-500 11002 705 10000 "11508 3007 "'122.5 100.0 8‘000 ""201 1 1 “2001 BQGU 0
«550 121.2 ' Be2 100,00 =122.3 2442 |-12147 100.0 6.0 -5 1 1 =31.0  91.7 __ ©
T 600 132.2 G40 10040 -126,9 16,9 [=121.0 10G.0 88,3 o7 1 1 =41.8 94,9 0
650 143.2 9.7 100.,0 =-129.8 9.3 |[~120.2 100.0 G140 1.2 1 1 =-52.6 99,0 ., ©
«700 154,2 10.5 100.0 =131,4 1.6 [-119.5 100.0 3,7 1.2 1 1 ~63.2 105.% 0
T 7507 16942 [ 1142 10040 =13148  =5,9 [~118.7 100.0  96.5 W4} 1 1 -73,3 11842 O
!800 176.2 12.0 10000 "'"131-0 ‘-'1302 -11800 100-0 9Q.0 ‘-9 0 1 "‘310(: 15505 0
(o850 18743 | 1247 9144 =129,2 ~20.0[-117.2 100.0 101.3 -2.9 0 1 ~79,1 «137.,0 1
«900 19643 1345 =20e0 =126¢2 =25.,8!=1164% 100.,0 103,0 -£, 0 1 =70.1 =1ll.4 1
950 209.3 1442 =20,0 =122.0 =25,8{-115.7 100,0 104,2 -8.3 0 ¢ =59.8 =-101l.% 0
1.000 220.3 150 =2040 =116,5 "=25.,8[-11%40 100,0 1042 =11.4 0 0 =-49.,2 =96.0_ 0
1,050 231437 {157 2040 =10G9e7 =298 [=11%e2 1C0¢0 10406 =14s6 0 0 =35.4 =§2,3 v
1.100 2"2.3 16-5 "'20-0 “‘102.0 -258 “"113.5 10000 103.7 ""1708 ¢ 0] "27-5 —89.3 0
1.150 253.4 1762 =2040 =93,8 =25.8[=112¢7 10040 102.1 =20,8 0 0 =166 =86.7 o
14200 26444 [1840 =2040 =B85.7 =25,8[=112.0 1G0.0 GO.7 =23,5 C 0 =5.6 =d4,3 0
1.250 275.4 187 =20e0 =78.3 ~29,8(=111.2 1C0.0 Chatb ~25.6 0 0 5,4 «B240 0
1.300 286.‘? 19.5 ""20.0 "7201 "‘25-8 +110.5 ""20.0 92.9 "'25-8 ") 0 16-3 "“7006 1.
16350 29744 2062 T =200 =674l =25.8 [=109e7 =20.0 BBell =~25.H ¢ 2743 T=77.0 1
1.400 308.4 2140 =2040 =63¢5 =25,8[=109.,0 =20.0 Bhaty =25.8 0 0 3842 =74.0 1
1.450 319.4 21.7 48,3 «Hle2 ~22¢7|=108s¢2 =20.0 BQs1 =25.0 9] ¢ 49.0 =70.3 1
1,500 330.5 |22.5 5649 =59,9 <17.2[=10745 1000 7640 =25,3 o 1 bGe6  =Ghely 1
1-550 3’11.5 2302 . 66.9 "59-8 "'11.6 "106.7 10000 72.‘1 '22.7 4] 1 69.9 -55|2 ¢
1600 352,5 2440 100.0 =6046 ~6+0 |=10640 100C.0 6044 =19.4 0 1 7540 =30,2 G
1.650 363.5 2447 10040 T w6244 T o8 [=105.2 7 10040 T 6742 T=15.570 17717 T8lel  %6.5 Ty




3.4.3 Two Key Subroutines

The purpose of the subroutine ARRAY is to compute the fraction of the
Ku-band antenna field-of-view battern that is blocked by the solar array.
The solar array js assumed to be a rectangular array of length 2 and width
W. It is also assumed that the array is mounted in such a way that it is
canted to the spacecraft -90 axis and is driven to rotate abggt the &o axis
to track the sun., This is illustrated in Figure 3-9, where s is the sun
vector, f is the target vector and Bc is the array cant angle. The dis~
tance indicated as L in Figure 3-9 is the distance from the x-y plane to
the top of the mast; this has been referred to as the "mast length" in pre-
vious work. 1In the program, the variable HMAST is used instead to repre-
sent the true mast length as measured from the spacecraft mounting point
to the hinge.

The field-of-view of the antenna is a cylindrical beam of radius RD
extending out from the antenna dish plus a 1 to 2 degree skirt all around

the cylinder. The solar array interference is found by:

(1) The solar array orientation is determined from the sun
vector s.

(2) A ray of the antenna beam at the center of the dish is found
and used to determine the average distance from the dish to
the plane of the array.

(3) That distance is used to determine the FOV diameter at the
plane of the array -- this inciudes the skirt.

(4) A pair of unit vectors that form an orthonormal basis with
T are used to construct a uniform distribution of points in
the FOV.

(5) A ray of the antenna beam through each of those points is ex-
tended to the plane of the array. ’

(6) The portion of those rays that intersect the array is the
interference. ‘
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Figure 3-9. The Antenna and Solar Array in Orbit Coordinates

Given the sun unit vector, ; = [Sx’ sy, sZ]T, the array rotation
angle 8¢ in Figure 3-9 is given by

<
6 = tan’| (-S-’i) (3.4-3)

where 0 is the 3ng]e hetween the x axis and the projection of the sun
vector onto the x-z plane, This means & is zero when the spacecraft is
over the North Pole -- 8.2 degrees away, actually -- at a solstice. If
the arvay cant angle is 8o then a vector in body coordinates O can be
written in array coordinates A as-
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This assumes that the two coordinate systems have the same origin, which
is an acceptable assumption in the case of the sun gnd TDRS vectors. The
coordinate system A is the one in which the solar array lies in the XaYa
plane with 1its inner edgelying on the Xp axis.

In the program, the mast Tength h is called HMAST, the mast direction
& is given by the vector DIRMAST and the antenna mast base is located by
the vector ATMAST (a) relative to the origin of the coordinate system A --
the above vectors are given in the 0 coordinate system. Thus, in array
coordinates, the antenna hinge is at the point

v = Tag {a + hm (3.4-5)

Since the antenna is pointed at the target, the center ray of the beam --
which 1s aligned with the hinge -- intersects the points

= V+al (3.4-6)
/

=

where o is a parameter. Thus the distance from the hinge to the plane of
the array is given by

.« = - z {3.4-7)

because that is the value which makes (Fb) = 0. This can be used to com-
pute the FOV radius at the plane of the ar%éy:

R, = Rp+ (uo - d) tan (as) (3.4-8)

where Ry is the radius of the dish, o_ is the angle of the skirt and

5
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d = (3.4-9)
tan ERES

where RE is the earth half-angle.

Given %A -- the target unit vector in array coordinates -- and a suit-
able unit vector g,s 2 pair of orthogonal unit vectors in the plane P per-
pendicular to TA are formed as

~

ep = (Tyxe /Ty xel) (3.4-10)

and

~

These ‘basis vectors are then used to form a set of 625 points uniformly
distributed over the square in P that circumscribes the FOV circle of
radius Rc' A particular point is given by

~ ~

C = a;e *ta,e (3.4-12)
where
_ 2i-n-1 .
a; = —5—— R, » d=l....um (3.4-13)
and
L 2] =n -1 .
a, - R. s J=T.....n (3.4-14)

where n = 25.

The ray parallel to fA through one of the points is given by
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~

F o= F,+C = V+Ttal, (3.4-15)

1f o is chosen so that (F)z = (0, then r is the intersection of the ray with
the plane of the solar array. This point of intersection is compared with
the array boundaries to determine whether or not it intersects the array.
The subroutine output is the percent transmission of the antenna which is

M2 ’
R = 100 1 - Wi (3.4-16)
1

where MI is the number of points lying in_the circle and M2 is the number
of those points that emanate rays which intersect the solar array.

Subroutine Gimbal

The purpose of this subroutine is to .compute the gimbal angles re-
quired to point the Ku-band antenna at the target. In the subroutine, it
is assumed that there are two gimbals with the inner gimbal angle being
the elevation angle and the outer gimbal angle being the azimuth angle.

In the normal or null position, the antenna is pointed along the roll axis
and the elevation axis is the spacecraft pitch axis -~ see Figure 3-10.
Thus for a normalized target vector f, the required gimbal angles 94 and
g, are found from

0| = [g] [g1 T (3.4-17)
0 .Y e

which is rearranged to obtain

TX COS gy COS gy
T = Ty = | sin gy cos g, (3.4-18)
TZ -sin gz
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Figure 3-10. Ku-Band Antenna in the Null Position
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Solving this for the gimbal angles:

.
=1 ...l

g, = tan (3.4-19)

g, = sin”! [-T ] (3.4-20)

The gimbal equations for several twq—gim5a1 configurations are given in
Table 3-10. As discussed earlier, a third gimbal would be used only to
overcome a severe gimbal-lock problem. Because there are several ways to
utilize the third gimbal, it is not convenient to include the th}ee-gimba1
configuration in Table 3-10.

Table 3-10. Antenna Gimbal Equations

. Outer Inner
Quter Inner Nominal : X
Gimbal Gimbal Antenna g1m?a] ﬁ1m?a1
Axis Axis Direction ng €, ng s
1 2
3 v [1 o o1} tan [T /7.3 sin! [-T.]
y 'x z
- . Il P 1
z y [0 0 11 ftan [Ty/Tx] cos™ [-7,]
] -
5 X o o 11" tan“[(-Tx)/Ty] cos™! [T ]
. . T, -1 -1
y X [0 0 -13" Jtan” [(-T,)/(-T }1{ sin [Ty]
. - T, -1 -
X y [0 0 -11" ftan [Ty/(-TZ)] sin [-Tx]
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3.4.4 Examples

Although the cases in this section are examples of the use of Program
LFO, they are also meaningful cases to the L-D study. In ali cases the
antenna mast Tength above the attachment point has been chosen as 6.34 feet.
In the first example, the L-D passes through the "zone of exclusion”" -~ an
area over the Indian Ocean where the earth blocks transmission to both
TDRS's simultaneously. The input file is shown in Table 3-11, and the re-
sults of the run are shown in Figures 3-11 through 3-15. Figure 3-11 shows
the percent transmission for the two potential targets. Note that toward
the end of the first orbit shown, the earth blocks both targets -- this is
the "zone of exclusion” (ZOE). Figure 3-12 indicates when the L-D is over
a Tighted earth, when it is eclipsed, and when it is over land. Note that
the earth blockage of both TDRS's occurs over a dark earth in this case,
but it could just as easily occur over a Tighted.earth. The solar array
interference is much worse over this dark earth than over a 1ighted earth
because the array follows the hidden sun. For the few orbits shown, TDRS2
would be chosen as the target because of the 100 percent transmission over
the lighted earth.

Table 3-11. Input for First Example Showing
the Zone of Exc]us1on_

P3IN
DELTAT=0.02

FINALT=T7,.
HMAST=64+34
ARRW=5,
ARRL=25.6
GAMMAL=E8.9 ..
SEND
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Figures 3-13 and 3-14 show the required antenna gimbal angles. The
elevation angle stops at -25.8 degrees because that is the edge of the
earth: when the TDRS position is at-an elevation beyond -25.8 degrees, it
is hidden behind the earth. Note in Figure 3-14 that TDRS2 passes through
the L-D orbit plane, requiring that the azimuth gimbal be reset. Also,
the elevation angle is very nearly 90 degrees -- gimbal-lock occurs when
the elevation angle is 90 degrees. Finally, Figure 3-15 shows the eleva-
tion angle plotted versus the azimuth angie.

The results of the second example are shown in Figures 3-16 through
3-20; the 1input file is in Table 3-12. This run shows the gimbal-Tock
case as indicated in Figure 3-20. According to Figure 3-16, the target
should be TDRSZ during these four orbits. When the gimbal-lock occurs --
for a L-D orbit angle of about 800 degrees as seen in Figure 3-19 -- the
earth blocks TDRS1, so TDRS2 is still the proper target.

The third example shows the L-D passing through the ZOE over a lighted
earth, The input file is in Table 3-13, and the results are shown in Fig-
ures 3-21 through 3-25. Note that the solar array interference is much
less than it was in the first example, this is because the solar array is
rotated away from the antenna when the sun is overhead.

A fourth example consists of a 24 hour run (15 orbits) at vernal
equinox conditions. Of main interest here is a summary of the percent of
lighted Tand encountered. The program was initialized so that the first
orbit contained the Tongest continuous Tand swath extending from the
northern rim of Russia, across the middle east, to the southern tip of
Africa. The Tighted land data is important for the spacecraft power budget
since rominally the TM needs be in the active data taking mode only when
the spacecraft is over lighted land. The results are summarized in Figure
3-26 which gives percent Tighted Tand per half and full orbit and percent
land per orbit. For this particular 24 hour run (repetition occurs only
after 16 days.) the L-D was over Tighted land only 16.56% of the 24 hour
period. The spacecraft was over land, Tighted or dark, 34.23% of the 24
hour period.
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Table 3-12. Input for Second Example Showing
i Gimbal Lock

PS$IN
DELTAT=0.02
FINALT=7.
HMAST=6.34
ARRW=5,
ARRL=25,.,6
GAMMAl1=38.
$END

Table 3-13, Input for Third Example Showing
the ZOE Over a {jghted Earth

P$IN .
DELTAT=0.02
FINALT=7,
HMAST=6,34%
ARRK=5,
ARRL=Z25,.,6

GAMMAl=-159,
$END
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Note that in the percent per half orbit plots in Figure 3-26, the
lighted or dark 1and does not always split exactly along the half orbit
time Tine. The reason for this is the 98.2 degree orbit inclination and
the half orbit definition as + 90 orbital degrees from crossing the equa-
tor. On the Tight side of the orbit (descending path), for example, the
spacecraft will reach dark land (the Antarctic) near its "southern®" most
point {90 orbital degrees after crossing the equator)}. This can be seen
best on the "Percent Dark Land per Half Orbit" graph in Figure 3-26.

3.5 Solar Array Control to Minimize Interference with Antennta Beam

The purpose of this section is to support the recommendation of a
solar array configuration and array control strategy such that optical in~-
terference with the Ku-band antenna beam is eliminated. This is to be ac~
complished under the constraint of keeping the antenna mast as short as
possible (mainty for spacecraft for structural reasons), since a suffi-
ciently long mast permitting the antennz a field of view above all ob~
stacles presents itself as an,obvious solution to the problem.

The L-D solar array can be stationary relative to the spacecraft, or
it can be driven to rotate about the §b axis and follow the sun. The
former design has the advantage of not requiring a drive mechanism, but
it also has the potential disadvantage of necessitating a Tonger Ku-band
antenna mast. There are many options available in designing the solar
array. Two assumptions were made to eliminate some of the unnecessary
options:

(1) It is assumed that interferance with TDRS transmission over
earth night is acceptable.

(2) 1t is assumed that the array shape will be rectangular.

The spacecraft with the Ku-band antenna is shown in Figure 3-27. The
antenna is a circular dish with a 0.91 meter (3 foot) radius mounted on
and rotating about the end of the mast. The mast is mounted parallel to
the Eb axis; as shown, but generally lies near the edge of the spacecraft
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body rather than at the c.m. The mast length, L, is measured from the

;b_§b plane to the hinge point of the antenna; but note that the actual

mast could be made shorter than this by mounting it on the top of the
spacecraft instead of in the gb'§b plane. The antenna field-of-view pat-
tern is the 6 foot diameter cylinder extending out from the dish plus a

1 to 2 degree skirt -- the skirt is assumed.to be 1.2 degtees in Figure

3-27. The antenna is only allowed to dip 25.8 degrees below the space-

craft horizontal, because that is where its Tine-of-sight grazes the earth --

64.2 degree half angle.

The region which does not interfere with the antenna FOV is the 63 de-
gree half angle cone centered on the mast with its apex at the point where
the edge of the dish touches the mast. This apex of the cone is then given
by A = {0.91 m)/(sin 64.2°) = 1.01 meter (3.33 feet) below the hinge point.
Define a new coordinate system by shifting the body coordinate system so
that the origin coincides with the base of the mast. Now, if the 3-tuple
(x, ¥, z) is used to specify a point in this coordinate system, the set of
points lying within the cone satisfies the inequality

X +y? < L - (§259;E) +z 2 cot? o (3.5-1)

where oF is the earth half angle and o is the maximum angie by which the
antenna beam dips below the horizontal.

3.5.T7 The Driven Array

The driven array will be a rectangu]ar array canted 37.5 degrees to
the -yb axis and rotating about the y, axis so that its face remains nor-
mal to the sun line. When the spacecraft is in the ecliptic plane over
earth day, this array is in the position shown in Figure 3-28, which is
_ the position of ieast interference with the Ku-band antenna. As the L-D,
rotates out of the ecliptic, the array rotates about the §b axis and moves
toward the cone where it may interfere with the antenna. That interference
is avoided by mounting the antenna at the end of -a mast, but that mast
should be as short as possible.
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The mast length can be minimized by proper choice of the shape of
the rectangular array. The mast can also be kept short by keeping the
array close to the position shown in Figure 3-28 while the antenna is
transmitting. This can be accomplished by 1ettin§ the array follow the
sun whenever the spacecraft is over earth night but not eclipsed -- inter-
ference is acceptable -- and whenever the spacecraft is within éome prede-
termined angie, 6 , of the ecliptic. When the spacecraft is in the
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remaining region, the array will be stationary at the position which would
have it aligned with the sun at eL'from the ecliptic (see Figure 3-29).

This approach reduces the average solar array power over an orbit.
That average power is computed using

360

. .
Pan = 360 f P(e) de (3.5-2)
0

where 6 is the orbit position of the L-D and P(s) is the normalized in-
stantaneous power measured as the projected array area normal to the sun
Tine divided by the nominal area 11.89 m2 (128 footz). The L-D is eclipsed
by the earth when within + 56.73 degrees of the ecliptic over the earth
night, so if the array follows the sun throughout the orbit,

{0, in eclipse region

P(s) = (3.5-3)
1, outside eclipse region
Thus ,
213.27
. -
P0 = 355 { J/ﬁ } de = 0.6848 (3.5-4)
-33.27

for this ideal case, where the zero angle is taken to be the point of the
orbit where the L-D is 90 degrees of revolution ahead of the daylight
crossing of the ecliptic. This number, PO’ represents the required average
normalized power per orbit.

Now, if the array is stopped when the L-D is more than oL from the

ecliptic, the average power per orbit with a 11.89 m (128 foot ) array
would be given by: -
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The efficiency is given by

6, + 33.27 sin (90 -9, )
- L + L
PO Py 180 T

£

p
n = -39y 1008 = 1005

The efficiency is plotted versus 6. in Figure 3-30.
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Figure 3-30. Solar Array Efficiency versus Stop Angle BL from the Ecliptic
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In summary, the approach, wherein the array does not follow the sun
throughout the orbit, reduces the average:solar array power over an orbit.
The overall reduction is on the order of 4% and relatively insignificant.
It can also easily be compensated by a correspondingly smail increase in
array area.

The minimum mast length can be determined by comparing the location
of the worst-case point of the array with the cone represented by Equation
(3.5-1). The worst case point on the array is some point on the "top"
edge when the array is rotated the maximum amount toward the antenna -- o
degrees from the *lowest point as shown in Figure 3-28. It is obvious that
because the cone is convex the worst case point is at one end or the other
of the top edge. Llet the vector representing one of these points be c.
Then, from Equation (3.5-1), the minimum mast length so that the point ¢
does not Tie in the FOV of the antenna is given by

- %f 2 2 3
LMIN = CX + C_Y tan GD + 's—':(—n—e'—-E- - Cz (3.5-7)

Let the array have length 2, measured along the shaft, and width w.
Now, the unit vector along the array shaft is

A 0 - sin ec sin BL
g = [eL - QOJy IBC]Z =1} = |- cos 8, (3.5-8)
t] sin ec cos eL

where 8 is the array cant angle -- nominalily 37.5 degrees -~ and the no-
tation [e]Z means a rotation of the coordinate system through the angle 6
about the z axis. The unit vector along the end of the array is

’- cos BL

0 (3.5-9)
- S'Iﬂ B‘L i

e s
[}
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Using these unit vectors, the vector representing an arbitrary point of
the top edge of the array is

c =au+£‘2’—L+E (3.5-10)

where a is the vector representing the close end of the array shaft and
a £ [0,1] determines the particular point of the top edge -- the two points

of interest are EB and EH. The vector elements a_ and a, are assumed to

X
be 0, and a_ is nominally O but may be as much as -0.91 (3 feet). Equa-
tions (3.5-6), (3.5-7) and (3.5-10} were used to create Table 3-14 showing

the baseline design and several variations.

It is evident by comparing the first and last entries of Table 3-14
that the baseline design is much better than having the array follow the
sun throughout the orbit. Note also that for a shallow array rotation
angle such as e, = 45 degrees the FRUSA* array is nearly as good as the
best rectangular array. Further, the table shows that only a slight in-
crease in array area is needed to bring the efficiency up to 100%. Recall-
ing that the actual mast length could be smaller than that shown by mount-
ing it higher up on the spacecraft, it is concluded that a normal boom
rather than an Astro-mast type boom is sufficient for mounting the antenna.

This baseline design is recommended as the rotating array design.

The array rotation scenario for an orbit is as follows: as the L-D comes
out of eclipse, the array tracks the sun until the northern terminator is
reached -- this is within 23.5 degrees of the North Pole depending on the
season; during this period the array could be in the antenna FQV, but there
is no Thematic Mapper data to transmit. At the northern terminator, the
array "jumps" ahead approximately** 45 degrees and stops until the L-D
travels a compensating 45 degrees. At this time, the array is again driven
to fellow the sun through 90 degrees of L-D travel where it again stops

*6.33 foot wide Flexible, Roi1 Up Solar Array with 5 foot wide cell region.
**Inclination i = 98.2°. ’
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Table 3-14.

Various Driven Array Configurations

Mast-Array Angle from Solar Array Minimum Mast
Separation Ecliptic within Maximum Actual Length for Optimal Minimum
a_, (m) Array which the Array Antenna Surface FRUSA {m) Array Mast
(Fig. 2-2) Cant Angle, tracks the Sun Dip Angle, Area, Efficiency {1.52 m=5 ft | Width Length
’ 9. (deg) o, (deg) g (deg) 2 (%) wide cell reg.) {m) (m}
c L D {m®)
0 < 37.5 45 27 12.32 100 2.1 0.9C 1.82
0 37.% 45 27 11.89 96.37 2.11 0.89 1.80
0 37.5 40 27 12.49 100 2.mM -—— —-——
0 37.5 50 27 12.20 100 2.55 1.41 2.35
0 30 45 27 12,32 99.14 2.84 1.88 2.63
o 30 45 27 12.43 100 2.85 1.85 2.64
0 37.5 45 28 12.32 100 2.28 1.16 2.06
-0.61 37.5 a5 27 12,32 100 2.38 0.91 2.09
I
0 37.5 60 27 11.89 98.91 3.4 2.04 3.1
0 37.5 70 27 11.89 99.568 4.29 2.56 3.70
0 37.5 a0 27 11.89 100 5.96 2.75 4.50




until the L-D reaches the southern terminator at which point the array
catches up. Finally, the array tracks the sun into eclipse and the pro-
cess is repeated for the next orbit. This design insures that the array
wili not interfere with the antenna during transmission periods, but on
many orbits the array can follow the sun throughout without interference
due to the favorable TDRS Tlocations. This subject can be studied more
thoroughly using the computer program presented in Section 3.4. Note also
that while the L-D is eclipsed by the earth, the array position is imma-
terial; thus it could be moved out of the way of the antenna to allow data
transmission at night.

3.5.2 The Fixed Array

If the solar array is to be fixed relative to the spacecraft so that
it can not follow the sun, it should always have the same area normal to
the sun Tine. Since the sun cones about the vehicle pitch axis, the array
should be mounted normal to this axis as shown in Figure 3-31. 1In this
configuration, the solar array position can be moved along the Eb axis,
Thus, the only fixed distance to be considered is the distance from the
Tower edge of the array to the antenna pivot point; this is the dimension
h in Figure 3-31. The antenna position‘is assumed to be directly over
the array in the baseline design.

The largest rectangular array that can be enclosed by the triangle as
shown has height a and base b where

- ] 0.91
a = y (h - s_in—ég) (3.5-}])
and
L1 0.91 i
b = &q op (h " sin eE) (3.5-12)
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Then the area is given by

2
_ ) 1 0,91
A=ab = rans; Q’ sin eE) (3.5-13)

For this design, the sun strikes the array at an angle of 52.5 degrees, so
the area must be

A = (11.89 m°)/(cos 52.5°) = 19.53 m® (210.26 Ft°) (3.5-14)

and Equation (3.5-13) results in hmin = 5.47 m (17.95 feet). The Tower
edge of the array can not be much more than 0.61 m (2 feet) below the
;b'gb plane without interfering with the direct access antenna. Thus the
mast length, L, as defined earlier would have to have a length at least

L =4.88m (16 feet).

This required mast Tength would be incrgased stiil further if the
antenna were laterally offset from the array. Also, any change in the sun
incidence angle would cause a change {in the array size and thus the mast
length. For example, if the descending node occurred at 10:00 a.m. instead
of 9:30 a.m., the array area would become A = 23.78 m2 (256 footz) and the
required mast length would be increased to 5.33 m (17.5 feet).

3.5.3 Recommended Solar Array Configuration

Each of the two solar array configurations -~- the fixed array and the
driven array -- described above are satisfactory. The fixed array has the
advantage of not requiring a drive mechanism, but it has the disadvantages
of increased size, weight and cost. Also, the fixed array reguires a much
longer antenna mast; this extra mast length is undesirable because it
affects the spacecraft and antenna flexible dynamics. The driven array
would exhibit dynamic interaction with the spacecraft, but this would
probably be a smaller effact than that due to the structural flexibility
of the Targe fixed array. Based on the above tradeoffs, the driven FRUSA
array as shown in Tine 1 of Table 3-14 is recommended.
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4.0 DISTURBANCE TORQUES AND MOMENTUM MANAGEMENT FOR LANDSAT-D

This section summarizes the results of a disturbance torque-momentum
management investigation for the present concept of the LANDSAT spacecraft
configuration. The purpose is to determine magnetic unloading torque
levels and associated peak stored momentum values which will indicate if
standard reaction wheels and torquer magnets are sufficient for the design
of the system. Detaiied disturbance torque models and an ideal spacecraft
with zero attitude errors are used to establish torque and momentum pat-
terns and magnitudes. Based on the djsturbance torque signals for one
orbit, a Fourier coefficient set is compiled which approximates the spec-
tral content of the disturbances. These may be used in later simulations
as simplified disturbance models. Eclipse conditions occurring for the
9:30 a.m. sun-synchronous orbit are included in the disturbance model.

Based on the results of this study, it appears that the single 50,000
pole-cm magnet windings are sufficient for momentum unloading. Thus the
two windings per magnet may be used in a redundant mode. Only a short in-
terval of magnet command limiting at 50,000 pole-cm is observed per orbit.

Momentum excursions of Tess than 2.0 N-m-s occur at all axes. This
is considerably less than the allowable excursion of 7.32 N-m-s for speed-
biased operation of the wheels with equal allowed excursions for all
wheels. Thus it is concliuded that the 20 N-m-s NASA Standard Reaction
Wheels are sufficient for the design,

Sensitivity to antenna mast heights is .not dramatic for the heights
presently under consideration. These effects, and the effects of antenna
orientation, are thus not a major concern with regard to momentum storage
and disturbance torques.

4.1 Spacecraft Model

The diagrams in Figure 4-1 display the pertinent measurements for the
LANDSAT. Since antenna height has not been definitely decided upon, it is
treated as a parameter to obtain an estimate of'fts effects on the
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Figure 4~1. Simplified LANDSAT Configuration Schematic for Solar
and Aero Disturbances )
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disturbance torques. Various antenna orientations, primarily looking for-
ward or zenith, are considered to also determine their effect on distur-
bance levels. These orientations are chosen because the antenna coverage
pattern is approximately a hemisphere over the minus i body axis. The
spacecraft medel consists of a standard configuration for the MMS ACS, CDH,
power modules, and adapter plate. For simplicity, the payload is modelled
as a cylinder with an end plate since more refined surface models are not
available. The sun pointing array is modelled as a flat plate that rotates
at a cone angle of *30 degrées in body coordinates, and the antenna is
modelled as a thin wide cylinder at mast heights of 3.05 m (10 feet),

4.57 m {15 feet) and 6.710 m (20 feet).

Since the array rotates in body coordinates, its center of pressure
varies for aerodynamic torque calculations. This time varying function is
modelled in the simulation. The time varying surface normal to the solar
panel from the sun is also computed.

Moments of inertia for the present conf1gurat1ons are I = 2033.7
kg-mz, Iyy = 2670 kg- m2, and IZ = 2372.7 kg-m Weights are 1496.6 kg
for the spacecraft and 22.7 kg for the solar array and for the antenna.
The relatively small effects of a time varying inertia matrix are not mod-
elled. Cross products of inertia are also time-varying, depending primar-
ily on array position. These affect primarily the gravity gradieﬁt torques,
and are modelled as an average of 271.2 kg-m“ in all axes.

For a specified antenna mast size, the center of mass {(c.m.) of the
spacecraft moves slightly as the antenna is rotated. The maximum distance
is on the order of T inch (2.54 cm), and thus a fixed average c.m. is
chosen for the model. Changes are included for various antenna heights.

Table 4-1 summarizes the solar-aero surface model data for the present
study. An antenna height of 4.57 m (180 inches) is shown in the table.

*Based on Grumman layout drawing; a 9:30 a.m. orbit would correspond to
an array cant angle of 37.5 degrees. The difference in the resultant
disturbance torque is insignificant.

4-3



Table 4-1.

LANDSAT Solar-Aero Model

Center of Pressure {in)

Inward Normal Vector

Surface Description Surface Area Reflect. Acc. Coef.
Number (1n2) r r r n n n v fs f1
X y z X y z

Soiar Array Front 1 18432. Time Varying, Inernal |Time Varying, Internal 0.2 0.85

Solar Array Back 2 18432. 0.56 0.85

Interface Back 828, 48 0 1 0 0.56 0.85

(Spare) 0 0 0 0 1 0.56 0.85

2304 | 24 31.9 | 0 0| -1 0 0.56 0.85

ACS Moduie 864 24 22.9 -24 0 0 1 0.56 0.85

864 24 22.9 24 0 0 ~1 0.56 0.85

8 2304 24 -15.95 | -27.6 0 0.5 0.866 0.56 0.85

CDH Module 9 864 24 19.5 -31.8 0| -0.866 0.5 0.56 0.85

10 864 24 -32.2 -7.79 0 0.866 { -0.5 0.56 0.85

11 2304 24 -15.9 27.6 0.5 -0.866 0.56 0.85

Power Module 12 864 24 19.5 31.8 -0.866 | ~0.5 0.56 0.85

13 864 24 -32.2 7.79 0.866 0.5 0.56 0.85

Spacecraft Bottom 14 4010 0 0 0 1 0 0 0.56 0.85

Interface Front 15 1979 48 0 0 ~1 0 0 0.56 (.85

Payload Front 16 3040 145 0 0 1 0 0.66 0.85

Antenna Front 17 4536 72.58 | -66 -180 0 0 1 0.56 0.85

Antenna Back 18 4536 72.58 ~-66 -180 0 0 -1 0.56 0.85

Payload Body Cy1. 19 * 100 0 0 1 0 0 0.56 0.85

Antenna Edge 20 % 72.58 | -66 ~180 0 0 1 0.56 0.85
*Dia = 62.2, Length = 89.9
**Dia = 76.0, Length = 10.0




4.2 Disturbance Models

A standard detailed earth magnetic dipole field model is used as the
source of the magnetic disturbance torques and for the generation of the
unioading torques. It is described, for example, in [1] and is not re-
peated here. A spacecraft residual magnetic moment of 10,000 pole-cm at a
fixed random orientation js used. Based on a commonly used estimate of
1 pole-cm per pound of weight, the 10,000 pole-cm value is .conservative.
Provision is made for rotation of the dipole field as a result of earth
rotation, but over the short time of one or three orbits considered here,
this effect is very small and is set to zero.

Solar torques are computed as a function of position in orbit and
relative sun Jocation using the detailed surface model. An eclipse condi-
tion is included to zero the solar torques within an angle of + 56.7 de-
grees of -the ascending node*. Shading effects which may be present during
portions of the orbit are not included.’

Aerodynamic torques are computed with the detailed surface model used
for the solar torques. Gravity gradient torques are computed using the
complete theoretical expressions, but the use of an idealized spacecraft
with zero attitude errors results in constant gravity gradient torques re-
sulting from the assumed cross products of inertia. Otherwise the peri-
odic orbital variations in other disturbance torques would vesult in small
attitude errors and resulting periodic content in the gravity gradient
torques.

The theoretical expression for the gravity gradient torque is given
by

*Assuming an equinox.
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w. =~ is the orbit rate
-~ is the distance to the center of the earth

T - is the inertia dyadic

From the preceding equation, the gravity gradient torque expressions

are
T = 3w [{I,-1. ) e-1_6+1.]
gx 0 ZZ Tyy Xy yz
_ 2
Tgy T 3 [_(Ixx"lzz) ® - Ixy b - I,,1
T, = 3well_o¢+1_ ol
gz 0o “ixz yz

and by setting the pitch angle error 6 to zero, the following expressions
are obtained for small ¢ angles.

.
XL 2 - N-m
: 3 Wy (I..-1._)

: :
_%X. 3wl Mm

o “xy rad

T
9z - 3,41 Nm
¢ 0 "Xz rad

These may be used to estimate gravity gradient torques for small ¢ angles.
Similarly, the relations
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8 0 "Xy rad
1‘1‘1.:_.3“,2(1 -1 )M

] 0 ‘"Xx “zz’' vrad
T .
9z . 3,217 Nm

8 0 "yz rad

yield torques for small o attitude errors.

4.3 Momentum Unloading System

Magnetometers are used to sense the earth's B field, and a magnetic
moment M is generated by the three-axis arrangement of the bars. The com-
mand M is generated according to the Tinear law

where K is a suitable constant and ﬂé is the momentum error vector. The
preceding unloading law may be arrived at either by minimization of an
error e between M x B and -K ﬁé or by geometric considerations. This con-
trol law is simulated to obtain continuous momentum unloading of the reac-
tion wheels.

The dipole magnets for the generation of M are available in standard
sizes of two 50,000 pole-cm windings on a single core. Those windings may
be used singly in which case one winding is redundant for backup purposes,
or they may be used together to obtain T x 105 pole-cm with no redundancy.
The choice is determined by the on-orbit torque levels that are required.

4.4 Stored Momentum Determination

It is desired to use the NASA Standard Reaction Wheel {SRW) for reac-
tion torque and angular momentum storage. This is a 20 N-m-s wheel and in
the present application four of them will be used in a speed-biased
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arrangement. It is thus necessary to determine if the orbital momentum
variations remain below the maximum allowable as measured from the nominal
speed-biased momentum value. In fact, it is desired to operate the wheels
as closely as possible to the speed bias.

To do that, disturbance and magnetic unloading torques are computed
for an jdealized spacecraft in a simulation. The net external torque on
the spacecraft is transformed to inertial space, integrated to provide in-
ertial momentum, and transformed back to body coordinates. Since perfect
attitude control is assumed, the momentum in body coordinates represents
stored wheel momentum as a function of orbital position. The roll, pitch
and yaw momenta may be resolved into wheel axes to obtain the excursions
from nominal speed-biased momenta.

4,5 Results

Initial results indicated that magnet signals slightly in excess of
50,000 pole-cm would be required for momentum unloading. Thus magnet com-
mand limits of 50,000 pole-cm were appiied to determine if unlcading could
be accomplished using just one winding. The resuits are summarized in
Table 4-2 for 4.57 and 6.10 meter antenna heights.

Table 4-2. Maximum Magnet Commands and Reaction Wheel Momenta

Antenna, Position Im}max pole-cm Iﬁ]max N-m-s
4.57 m, looking ~Z 61,864 1.78
4.57 m, looking +X 60,073 1.86
6.10 m, Tooking +X 58,947 1.85
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The magnet commands and Timiting are more apparent in the plots of
Figure 4-2a. There it is seen that only the pitch magnet is saturated at
90,000 poie-cm, and only for a brief portion of the orbit near the descend-
ing node. Although the desired unloading level is not achieved during
this time, the system carries the momentum error until it can be unloaded
thus keeping the resultant momentum less than 2.0 N-m-s. Later paragraphs’
examine allowable momenta levels, but accepting the 1.86 N-m~s as-permissi-
ble it ¢an be concluded that the single winding 50,000 pole-cm is suffi-
cient. Thus the magnets may be used in redundant mode.

The total external disturbance torques are shown in Figure 4-2b.
Since eclipse occurs at * 56.7 degrees from the ascending node, a check is
easily made on the magnitude of the jump in the solar torques. Without
alTowing for antenna effects, the values should be

4

.07 x 10°% cos 56.7° = 2.23 x 10°

N-m rotl

4

4.07 x 107 sin 56.7° = 3.40 x 10~% N-m yaw

These agree closely with the plot values.

From Table 4-2 and from the series of plots in Figure 4-2, it is also
seen that the sensitivity to antenna mast height and antenna orientation
is fairly small. This is of interest in estimating effects of possible
configuration changes. Studies made with a 3 m antenna height show distur-
bance torques and stored momenta siightly less than for the 4.57 m antenna
mast. Since the latter are acceptable, the '3 m results are also acceptable
and are not tabulated here.

For four reaction wheels in speed-biased operation, with one wheel on
each of three major body axes and the fourth wheel equiangularly placed
from the other three, a vector diagram shows that the fourth wheel should
have -¥3 time the (equal) momentum in the other three wheels for a net
zero momentum. And to give all wheels equal momentum ranges, a simple
calculation shows that the bias momentum should be 7.32 N-m-s for wheels
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Pisturbance Torques
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Wheel Momenta-: *

Figure 4-2c.
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4.57 m Antenna, Pointing Ahead:

Figure 4-Ze.
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4.57 m Antenna, Pointing Ahead:

Figure 4-2f.
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Figure 4-2g.

Magnetic Moments
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on the axes and -12.68 N-m-s for the fourth wheel. This will allow the
fourth wheel to accumulate -7.32 N-m-s before momentum saturation, and
will allow each of the other three wheels to lose 7.32 N-m-s before drop-
ping to zero speed.

The preceding bias set point may be tajlored slightly to specific or-
bits if it is known that the stored momentum will show a bias. However,
the range of + 7.32 N-m-s is used here. Based on it, the 1.86 N-m-s maxi-
mum excursion shown in Table 4-2 can be easily handlied by the proposed
20 N-m-s SRW's. )

Figure 4-2c contains plots of the roll, pitch, and yaw wheel momenta
which show that the roll momentum is approximately zero biased. Although
the initial momentum was zero at the ascending node, a ccmplete orbit shows
that there is a net accuhu}ated momentum. To insure that the momentum does
not continue to accumulate on succeeding orbits, three-orbit simulation
piots are shown in Figure 4-3. These show more clearly that the roll mo-
mentum is zero biased and periodic. However, although the pitch and yaw
momenta are periodic after an initial transient, there is a net bias momen-
tum.

This bias is caused by the magnetic unloading law which requires that
a certain momentum error Fé exists before any un1oa§ing torques are gen-
erated. The observed bias vaiues thus reflect the equilibrium condition
of the magnetic unloading law. These biases may be reduced by increasing
the unloading gain K or by changing the magnetic control Taw to include a
lead term representing an estimate of the disturbance torgue in body co-
ordinates. In inertial coordinates, the momentum biases are about equal
in all axes, but in body coordinates they mainly appear in pitch and yaw.
The resuits of the present investigation into the adequacy of the wheels
and the magnetic torque bars are not affected by the biases since they are
relatively small compared to the reaction wheel momentum capacity. 'Thus
reduction of the biases will not be further pursued at this time.
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on the axes and -12.68 N-m-s for the fourth wheel. This will allow the
fourth wheel to accumulate -7.32 N-m-s before momentum saturation, and
will aliow each of the other three wheels to lose 7.32 N-m-s before drop-
ping to zero speed.

The preceding bias set point may be tailored slightly to specific or-
bits if it is known that the stored momentum wili show a bias., However,
the range of + 7.32 N-m-s is used here. Based con it, the 1.86 N-m-s maxi-
mum excursion shown in Table 4-2 can be easily handled by the proposed
20 N-m-s SRW's.

Figure 4~2c contains plots of the roll, pitch, and yaw wheel momenta
which show that the roll momentum is approximately zero biased. Although
the initial momentum was zero at the ascending node, a complete orbit shows
that there is a net accumulated momentum. To insure that the momentum does
not continue to accumulate on succeeding orbits, three-orbit simulation
plots are shown in Figure 4-3. These show more clearly that the roll mo-
mentum is zero biased and periodic. However, although the pitch and yaw
momenta are periodic after an initial transient, there is a net bias momen-
tum.

This bias is caused by the magnetic unloading law which requires that
a certain momentum error ﬁé exists before any unloading torques are gen-
erated. The observed bias values thus reflect the equilibrium condition
of the magnetic unloading law. These biases may be reduced by increasing
the unloading gain K or'by changing the magnetic control law to include a
tead term representing an estimate of the disturbance torque in body co-
ordinates. In inertial coordinates, the momentum biases are about equal
in all axes, but in body coordinates they mainly appear in pitch and yaw.
The results of the present investigation into the adequacy of the wheels
and the magnetic torque bars are not affected by the biases since they are
relatively small compared to the reaction wheel momentum capacity. Thus
reduction of the biases will not be further pursued at this time.
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Disturbance Torques

Figure 4-3b.

4.57 m Antenna, Pointing Ahead:
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Wheel Momenta

Figure 4-3c.

4,57 m Antenna, Pointing Ahead:
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For the plots shown in Figures 4-2 and 4-3, the spacecraft was started
in orbit at the ascending node with zero wheel momenta. Other plots not
included here show that the wheel momenta appearance vafies when the space-
craft is started at orbit positions of 90 and 180 degrees with zero initial
momenta. The reason is that an unloading error exists depending on the
relative orientations of the Fé and B vectors, which in fact depends on the
initial conditions. Additional studies should examine the possibility of
reducing the bias momentum on succeeding orbits. This may require a more
detailed study of unloading gains. '

Figure 4-4 shows the momentum for the three axes as it accumulates
when no unloading torques are commanded., The RSS value for one orbit is
approximately 4.6 N-m-s. In the pitch axis., the aerodynamic torque on the
antenna (looking ahead) is primarily causing the constant buildup, while
the small superimposed oscillation is from solar effects.

To show the sensitivity of the disturbance torques to the mast height
and antenna orientation, the Fourier coefficients for the fundamental and
first harmonic are tabulated in Table 4-3. These may also be used later
sy’ Tsz denote the solar roll,
az? the aerodynamic roll, pitch, and

for simulation models. In the Table, Tsx’ T
pitch, and yaw torques, Tax’ Tay’ T
gx® Tgy’ ng, the gravity gradient roll, pitch, and yaw
torques, me, Tmy’ Tmz’ the residual magnetic torques, and de, Tdy’ Td
denote the total disturbance torques. The Fourier model is

yaw torques, T

Z

2
Tij = a, + E a, €os n wot'+ bn sin n wqt
n=1 ;
where
i = s,a,g,md
i = Xy, 2
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Wheel Momenta

No Unloading, 4.57 m Antenna Looking Ahead:

Figure 4-4.
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Table 4-3. Fourier Coefficients for .Disturbance Torques
4,57 m Antenna, Pointing Zenith
Torques " Fourier Coefficiénts

N-m % 4 by % b,
T, [-12.5x 101 219 x107% } ~2.17 x10°° | -1.03 x 1074 | 1.20 x 1070
T, | 407 x 107° | -6.49 x 1072 | -1.05 x 10°° ] 2.39 x 10°° | 3.09 x 1078
T, |-4.66 x107° | 2.63x 107§ -2.97 x 107 | 3.32x 1070 | 1.09 x 107"
T 277 x107° | -1.26 x 107 | 1115 x 10°%7 1.00x10° | 6.07 x107°
T, |29 x 10° ) 153 x107% ) 2.36x107° | 3.88x 107 | -2.49 x 1077
T, |-4.68 x 10041 -3.29 x 108 [ -3.00x10°° | 3.15x107% | -6.72 x 10°°

-4
Toe [ 91010 0. 0. 0. 0.

-4
Ty, |-9-10 x 10 y 0. 0. . 0. 0.
Tg 153 %10 0. 0. 0. 0.
T |o 0. 0. 0. 0.
T, [210x 10770 2.64 x 1078 1 -4.47 x 107" -4.19 x 10°'%) -1.14 x 1078

-4
T J1.87x10 0. 0. 0. 0.
Ty || 795 104! 2.18x10% ] <332 x107° | =9.38 x 1070 | 7.27 x 107°
Ty [-8-98 x107% | 8.79 x 107° | <4.34 x 10% | 6.26 x107° | -2.18 x 107°
] - - - - - -

Ty,  [F4-81 x 10 81 230 x1075 | -3.27 x 1074 | 3.47x 1074 ] 4.15 x 1070
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Table 4—3. Fourier Coefficients for Disturbance Torques (continued)

4.57 m Antenna, Pointing Ahead

Torques Fourier Coefficients
R-m a, ay b1 ) a5 b2
T, |F19x107% | 2.0 x 107 | 217 107° | -1.04 x 104 1.28x107°
Te, || 397 x107% | 622 x 1070 | 2.09 %107 | 235 x 1075 | -3.24 x 107
1 fls.07 x 108 | 275 x 1078 | ~3.02 x 107 | 388 x 707 | 1.08 107
T, |27 %107 ) s x 0t | 15 1075 1.00x10°% | 6.07 x 107°
Ty | 199 % w4l 153x10t] 2,36 x 1075 | 388 x 1078 | ~2.49 x 1077
T i1s.42 x 107 | -3.20 x 107° | -3.00 x 107° | 315 x107% | -6.72 x 107
Tox || 910 % 1074 | o. 0 0. 0.
Ty |10 104 o 0 0. 0
T, |F1-53 x10713] 0. 0. 0. 0.
T o 0. 0 0. 0.
Toy | 210 % 10700 264 x 1078 | -4.47 x 10719] —4.19 x 10719 -1.14 x"1078
T |[3.23x107 | o 0 0. 0
T, 793 x107" | 233 %107 | -3.32 x 107 | -0.40 x 10°% | 7.35 x 107°
Ty {1720 % 1074 | s.06 x 1078} —a.03x 1074 | 6.22 x107° | -2.82 x 1070
T, |F5.60 x 107" | 2.43 x 1077 | -3.32 x 104 | ss3x 107t | 401 x 1070
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Table 4-3. Fourier Coefficients fo% Disturpance Torques {continued)

6.10 m Antenna, Pointirg Ahead

Torques Fourier Coefficients
H-m 4 3 by - 2
T, J7xi0t | zazx10 | 207 x 1078 { <1006 x 1070 | 1.30 x 1070
-5 -5 -5 -5 . -6
T, | 3:95x107° | -6.13 x 10 3.40 x 10 2.30 x 10°° | -6.87 x 10
T, |-5.14 x 105 2.75 x10° | -3.02x 1074 | 3.8 x10° ] 1.08x10%
T, | 277x 1008 | -1.30x 108 | <118 x107° | 1.00x 107% | 6.07 x 107°
T, | 217 x 104 153x10% | 2.36x107° | 4.01 x107° | -2.52 x 1072
T, |-5.42 10741 2320 x 1076 | -3.00 x 1072 | 315 x 1074 | -6.72 x 107°
-4
Ty | 870 x 10 0. 0. 0. 0.
4
-9, ] ) . .
T, 10 x 10 N 0 0 0 0
T, [-1.53 % 10 0. 0. 0. 0.
T o 0. 0. 1 o 0.
Ty |-2-10 107761 2,68 x 1078 | <2.47 x 1074 | 4219 x 10719 1.1 x 107°
-5
T | 3.23x10 0. 0. 0. 0.
Ty | 7.9 x 070 ] 212 x 107 | 2336 x 107° | -9.59 x 1070 | 7.38 x 107
Ty, | -6:50 x 104 ] 997 x107° | -3.90 x 1074 | 6.32 x 107% | -3.20 x 107°
T, [-5.60x107% | 2.43x107° | -3.32x 107 | 3.53x 107" | 411 x 107
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Note that the cross products of inertia contribute small constant
gravity gradient torques. These may be computed to be 9.1 x 10"4 and

9.1 x 10'4 N~m in roll and pitch, respectively. These compare very well
with the table values for roll and pitch.
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5.0 INITIALIZATION OF FINE CONTROL -

After completion of the initial orbit acquisition, and later on if
necessary after stationkeeping or any other maneuvers, the fine control
mode must be initiated. The TDRS antenna must be deployed and ‘the solar
array drive placed into normal operation.

Normal on-orbit attitude control of the L-D is accomplished using
reaction wheels (RW's) and only two areas important to fine conirol mode
initialization must be examined.

(1) When entering the RW attitude control mode, the spacecraft body
rates must be compatibie with the RW capabilities and the mini-
mum impulse bit of the reaction control system (RCS) used for
momentum unloading.

(2) An accurate and stable attitude reference for earth pointing
must be available.

Since the L-D mission will be flown on an MMS bus, point 1 abave hardly
needs any further examination. The mass expulision RCS and the torque and
momentum capabilities of the RW's specified for the MMS [1,2], are com-
patible. When under mass expulsion attitude control, the MMS is capable
of reducing spacecraft rates to less than 0.1 deg/sec per axis. The RW
attitude control system (ACS) is capable of stabilizing the spacecraft
within 30 minutes from initial rates of up to 0.25 deg/sec about any

axis [2]. The minimum torque impulse bit available from the O.ZAIbf
thruster is conservatively estimated for L-D as 0.06 ft-1b-sec which is
more than two orders of magnitude smaller than the wheel capacity of

15 ft-1b-sec (20 Nms) and the ability to unload the wheel is assured. 1In
conclusion, there exists no problem in transferring from RCS to RW atti-
tude control. ‘

Establishing an accurate and stable attitude reference for earth
pointing is thus the main problem encountered when initializing the fine
control mode and this section is therefore mainly concerned with the



initialization of the MMS stellar-inertial attitude reference system. The
latter task separates into two sub-tasks. Following the normal MMS acqui-
sition procedure {described below) it must first be shown that stars
sighted by the on-board star trackers can be identified, and secondly,
that the on-board attitude reference algorithm (filter) will converge from
the attendant, relatively large, initial attitude uncertainty. Sec-

tions 5.2 and 5.3, respectively, will address two different methods of
star identification for initializing the on-board stellar-inertial atti-
tude reference system {ARS). The method presented in Section 5.2 utilizes
earth magnetic field measurements to aid in the initial star identifica-
tion, while the method in Section 5.3 correlates observed star sightings
with entries in a reduced star catalog. The convergence of the on-board
filtering algorithm is demonstrated in Section 5.4. Initialization of

the fine control mode appears to pose no problems for ‘L-D.

Once a precise inertial attitude reference of the spacecraft has been
established, L-D ephemeris data is used to convert the inertial reference
to an earth pointing reference. Then ACS commands are jssued that cause
the spacecraft to maneuver from an inertial.hold mode to its normal
on-orbit attitudei yaw (ib) to nadir, pitch (§b) normal to the orbit
plane, and roll (xb) in direction of orbital motion. The RW's will be
used to perform this maneuver. Any further maneuvers performed during the
1ife of the spacecraft, such as stationkeeping, for example, will not
require a reinitialization of the ARS. At the end of even the longest of
any such maneuvers, the inertial reference unit (gyros) provides an atti-
tude reference that will certainly be accurate enough to identify the
stars sighted by the trackers. Attitude and gyro bias updates can then
be computed.

The TDRS antenna should be deployed once coarse sun acquisition has
been compieted. Since MMS/L-D will probably acquire the sun with the
negative yaw (-Eb) axis, the antenna dish could find itself Tooking
directly into the sun, a situation rarely encountered during normal
on-orbit operations. To assure thermal loads compatible with normal
on-orbit conditions the antenna elevation angle should be commanded to its
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maximum dip angle of -26° and the azimuth to +90° so that the antenna
looks away from the sun and in the positive pitch direction.

The solar array will be placed into normal operation (see Section 3.5)
once the spacecraft has maneuvered to its nominal earth pointing orienta-
tion. Correct initial positioning of the array will be accomplished by
ground command. Spacecraft ephemeris in ECI coordinates and time of year
are sufficient information to compute the correct array angle relative to
the solar array/spacecraft scribe-mark. The correct array orientation can
be verified from telemetry data of the coarse sun sensor which is mounted
on the solar array.

5.1 Normal MMS/L-D Acquisition Sequence

During launch the ACS is in a standby condition and the actuators are
disabled. After separation from the launch vehicle (shuttle or Delta 3910
booster) the ACS is enabled and the solar array is deployed and subse-
quently rotated to a predetermined position relative to its scribe-mark.
For L-D the solar cells will look toward -Eb. The normal MMS acquisition
sequence is to be autonomous by utiiizing the on-board computer.

Coarse Sun Acguisition

After array deployment the spacecraft acquires the sun with its nega-
tive yaw axis (-Eb axis) and the spacecraft rates are reduced to an appro-
priate level. This maneuver is accomplished by the on-board computer using
coarse sun sensors located on the solar array, the Inertial Reference Unit
(gyros) for rate information, and the reaction control jets. magnetic tor-
quers and/or reaction wheels to provide control torques. Normally coarse
sun acquisition seeks an orientation with the solar array normal to the
sun Tine. Because of the array cant angle of 37.5° (9:30 am orbit) the
sun 1ine would then not be aligned with one of the principal control axes
of the spacecraft. Since it may be required to perform a rotation about
the sun Tine to acquire appropriate stars into the fields of view of the
star trackers, it is preferred to align the ;EB axis with the sun which
keeps the solar array at 525°(90°-37.5°) to the sun line. The 20 percent
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loss in generated electrical power is not critical since the.payload
sensors, which consume more than 50 percent of the power, are not yet
activated. For one axis, the output signals of the array-mounted coarse
sun sensors must then either be biased by 37.5° to account for the array
cant angle, or the coarse sun sensors must be mounted to the uncanted

portion of the solar array shaft.

Utilizing the mass expulsion system, the ACS is capable of complieting
a coarse sun acquisition sequence within 15 minutes in a sunlit segment of
the orbit for initial rates of up to 2 deg/sec about each control axis.
This would apply to acquisition after separation from a Delta 3910 launch
vehicle. Utilizing reaction wheels, which would apply to acquisition
after a shuttle launch, the ACS can complete coarse sun acquisition within
30 minutes in a sunlit segment of the orbit for initial rates of up to
0.25 deg/sec about each control axis. Coarse sun acquisition is con-
sidered complete when the attitude -error.between the sun line and the
coarse sun sensor reference axis (biased) is less than ten (10) degrees
(including albedo effects), the maximum rate about each of the control
axes is less than 0.05 degree per second and control is maintained by the
reaction wheels., Following coarse sun acquisition, the magnetic torquers
and/or the mass expulsion system are used to reduce the reaction wheel speeds
to less than 25 percent of no load speed.

Fine Sun Acquisiticn Mode

In the fine sun acquisition mode the coarse sun sensor is replaced by
the fine digital sun sensor located in the ACS module with reference axis
aligned with the 'Eb axis. The initial conditions for the fine sun acqui-
sition mode are defined by the final conditions of the coarse sun acqui-
sition mode., Fine sun acquisition shall be considered complete when the
attitude error between the sun line and the fine sun sensor reference is
less then 0.1 degree, the meximum rate about each of the control axes is
less than 0.05 degree per second, and the reaction wheel speeds are less
than 25 percent of no load speed. Fine sun acquisition can be completed
within ten (10) minutes of entering the mode.
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After completion of the fine sun acquisition mode the spacecraft
enters the stellar acquisition mode, which, as was mentioned above, is
part of the main topic of this section.

Stellar Acquisition Mode

The initial conditions for the stellar acquisition mode are defined )
by the fine sun acquisition mede. Stellar acquisition shall be considered
complete when the attitude of the ACS reference (optical cube) in the ACS
module is aligned within 0.1 degree (each of three axes) of a specified
inertial attitude {including verification of required guide stars), the
maximum rate about each of the control axes is less than 0.01 degree per
second, and the reaction wheel speeds are less than 25 percent of no load
speed. Stellar acquisition must be completed within four hours after
entering the mode. At the end of stellar acquisition for spacecraft is
considered to be in an inertial hold mode from which its normal on-orbit

orientation is acquired by performing-the appropriate maneuver.

5.2 Star Identification/Attitude Determination From Magnet1c Field
Measurements

Conditions at the completion of fine sun acquisition establish the
initial conditions for the start of attitude determination from magnetom-
eter measurements. The conditions are that the negative yaw axis is
within 0.1 degree of the sun Tine and that the maximum rates are
0.05 deg/sec about any of the contro] axes. The attitude about the sun
tine is unknown and is to be estimated. The preferred way to do this for
low orbit missions is to wait for a point in the sunlit portion of the
orbit at which the earth's magnetic field is.oriented more or less ortho-
gonal to the sunline (60° or more). For high inclination missions, such
as L-D, the portion of the orbit around the poles is generally not satis-
factory. One purpose here is to point out angular error sources in the
overall magnetic attitude determination scheme.

5.2.1 Magnetic B Field Modeling

Autonomous attitude determination is desired and to do this a suffi-
ciently accurate magnetic'§ field model must be avaiiable on-board at the

5-5



time of attitude determination. Comparisons of a simpie tilted dipole
field model and the standard spherical harmonic model reveal that the

B field vectors computed by the models may differ in direction by as much
as 10-15° or more. This rules out the possibility of using the tilted
dipole model on-board for autonomous attitude determination since the star
tracker field-of-view is only 8° x 8° and a 10° - 15° uncertainty would
also be unsatisfactory for star identification. Since launch date and
therefore approximate vehicle location in the ﬁhfield is known before
launch, a local portion of the spherical harmonic model may be stored into
the on-board processor. This would still permit autonomous attitude
determination. However, storage of a complete harmonic model may be pro-
hibitive, and if it should be required, the model would have to be com-
puted on the ground and sent up for use at the proper time.

Finally, the agreement between the harmonic model and nature has to
be determined since it is a direct error source in the attitude deteymina-
tion. Estimates of the divergence between the harmonic model and nature
are not well known because of a lack of data, but published results [7]
show that solar-magnetic field attitude determination produces accuracies
of 1 to 3.5 degrees from field measurements that are in error by up to
9.2 degrees. Repeated measurements at successive points in orbit do, how-
ever, help to reduce the field uncertainty effects.

To be of use in the attitude estimation process, the magnetic field
must be available in a proper coordinate frame for on-board use. This
coordinate frame is referred to as the sun frame and is defined in detail
in the next section. Typically, the tenth order harmonic model'ﬁ field
is computed in spherical coordinates as

where r is the radius from the geocenter to thé field point, A.is the East
longitude, and @ is the colatitude. This field vector is then transformed
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by suitable routine orthogonal transformations to obtain it finally in

sun coordinates. Possible errors in the final field vector as a result

of unknown angular errors in the transformations are discussed after the
coordinate systems are defined. In any event, the magnetic field is
assumed to be transformed error-free into a standard set of Earth-Centered-
Inertial coordinates which will be related to the sun coordinates by
standard orbit transformations. The error-free assumption is justified
because up to that point the transformation does not involve orbital
geometry.

5.2.2 Coordinate Transformations and Frames

It is convenient to have a set of Earth-Centered-Inertial coordinates
Xp Y1 2p with QI toward the vernal equinox point, 2; normal to the -
equatorial plane, and 91 completing the set. It is in this set that the
magnetic field is assumed available by error-free transformation from
magnetic coordinates.

To perform the attitude determination, it is convenient to establish

a set of sun coordinates X, y, Z, centered in the spacecraft with

-ES toward the sun, is in the oibita1 plane, and Yo completing the set.
Then the vehicle body coordinate set Xgs Yp» Zg is defined by the respec-
tive rotations o, B, y where o is about the ﬁs axis, 8 is about the inter-
mediate ¥y axis, and v is about the final EB axis. Angles o and B are less
than or equal to 0.1 degree as noted.earTier, and y is arbitrary about the
EB axis which is nominally the anti-sun Tine. Figure 5-1 shows the frames

and angles involved.

The transformation from sun to body coordinates is [A]BS given by

COSY COSB cosy sinB sina + siny cose -cosy sinB cose + siny sina
[Aqif-siny cosp  ~-siny sinBg sina + coSy cose  siny sing cosa + cosy sina

sing ~C0OSB sine COSR cOSsa

~and 1s explicitly required for the least-squares attitude determination in
Section 5.2.3.
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Figure 5-1., Sun-Body Coordinate Conventions
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Additional transformations are required also, but those involve angu-
lar quantities such as orbit inclination, orbit position angle, and angle
of the ascending node which are all known quite accurately. For instance,
spacecrafi position is assumed known to within 100 meters which, at an
altitude of 705 km (388 nautical wiles) creates an angular arror of
approximately 3 arc-sec. Errors such as this in the computation of trans-
formations are entirely negligible compared to the potential disagreement
between the magnetic model and nature so they may be ignored. The errors
are also negigibly small compared to the 8° x 8° field-of-view for the
star tracker. Thus the overall transformation from ECI coordinates to sun
coordinates is designated as [A]SI and with it the magnetic field avail-
able in ECI coordinates may be transformed to the sun coordinates by

By = [Alg; B;
for use in the attitude determination.

5.2.3 Attitude Determination

Magnetic field measurements are obtained from the magnetometers in
body axes, and since the field model is known in sun coordinates as ﬁ;,
the measurement equation may be written as

RN

z = [Al E‘S + v

where z is the vector of three measurements are

'BXS

S ys
st
The additive noise is represented by the vector V, and since the measure-
ments are processed at discrete times in orbit, the covariance matrix of
V may be written as
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ELU(e,) V(£)3. = [RD s,

where [R] is a constant matrix. Modeling the noise as uncorrelated between
the axes and with equal variance in all axes permits writing [R] as

2
9, 0 0
: _ 2
[R] =10 o, 0
0 [t} 03

For the magnetometers considered here, the resolution is 0.004 gauss
which yields a o, = 0.007 gauss if a rounding-error model with a uniform
distribution is used. The noise is considered zero mean although bias
may result since the accuracy of the magnetometers is +1% of the full
scale value of +0.5 gauss.

The emphasis here is on a computatioﬁa]]y simple algorithm that will
nroduce estimates for the angle about the sun 1line accurately enough so
that unambigous star identifications can be made and the stellar-inertial
attitude reference system can be initialized. ‘Thus the extended Kalman
filter is not considered for magnetic attitude determination. Also of
importance is the fact that rates about the sun Tine can be appreciable
at this time and thus the yaw attitude may change between successive
magnetometer attitude determinations. Thus the yaw gyro rate has to be
integrated so that the yaw angle change can be propagated between succes-
sive attitude determinations. Since the yaw axis is within 0.1 degree of
the sunline, o and 8 are always small and accurate enough for stellar con-
vergence; however they may also readily be estimated by the least squares
procedure if desired. The procedure s as follows.

Let x° represent the initial best estimate of the vector x & (u,B,Y)T.
Since the measurement equation is nonlinear and implicitly involves X,
it may be written as

z = h{x) + v



CnCBBXS + (cysBsa + SYFG) B s + (-cysBca + sysa) BZS

A
h(x) = "SYCBBXS + (-sysBsa + cyca) B.ys + (sysBca + cysw) BZS
sBBxs - CcRsa Bys + CBcu BZS

(0,0, yo) to obtain the matrix H defined as

It}

and linearized about x

4 - 2h(X)
3% |7 o 30
sinyo B —cosY0 B -siny B, + B _ -
zs zs XS ys
H = cosY0 st sinyo st ~-COSY BXs - siny Bys
B Bys Bys 0

The complete linearization may now be written as

where the x and z are defined as

AX = % - x°

Az =

MY

- [A(x°) ] Bq

These equations would be suitable for estimating the attitude x based on
AX computed from the relation

However, in the present case a and g are known within 0.1° if the fine sun
sensor is operative. This accuracy is probably greater than can be
obtained from the magnetic field, and thus « and 8 do not normally have

to be estimated. The preceding formulation is still applicable with some
notational changes as follows. '
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Using only the last column of matrix H, define

- S'inYo BXs + B‘ys

- cosYo Bxs - sinyo Eys

Then the measurement equation may be condensed to

from which a least squares estimate for Ay may be obtained as

AZ
sy = (M1 T
AZZ
The attitude vy is then obtained from
v o= ¥+ ()T M (az - [A' (x°)ge] B,) — (5.2-1)

where AE is understood to be

and the primed transformation A'(QO)BS is obtained from A(QO)BS by delet-
ing the last row, as

cosycosB  cosysingsina + sinycose - cosysinBcosat sinysing

[A'Joe =
BS -sinycosp -sinysinBsina + cosycosa  sinysinBcosa + cosysina
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The first estimate of v° will be determined shortly, and then Es’
[A'(io)]BS, and the measurement E(ti) are all known so that vy may be com-
puted. Let the first estimate be Y(t]), and determine the incremental

. attitude change Yq up to time b2 by integration of the gyro outputs. Then
the new initial estimate for the second least-squares determination is
given by -

' Yo(tz) = Y(t])+Yg(t2)

Using this Yo(tz), the computation in (5.2-1) may be repeated to determine
the second attitude estimate Y{tz). The process is repeated until Y(ti)
has converged, i.e., successive computed updates Ay are small and have
Zero mearn.

The first estimate io(t]), i.e., Yo(t]), may be determined as follows.
Since o« and p are within 0.1 degree, they may be set to zero in the
measurement equation

z = [A]BS és

Writing the equation out and solving for the remaining unknown yo yields
the expression

which provides the starting estimate.

The flow diagram which follows contains the main steps for the
magnetometer attitude estimation.
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Process first §'measurement to get
’ xo(t]) = (0 » 0 ’ To(t'I))T

and [A'(x°(t1)) 15

F

M= M(x°)
Compute (MTM)"] u

1

Initialize integration of gyro
outputs to begin obtaining
incremental attitude change yq(tz)

Evaluate the attitude estimate
v(t) = v2(t) + ()71 wi(E(E) - AB)

]

Propagate the attitude by

integration of gyro outputs
to obtain yg(tz) i

From the new initial estimate
0
Y (tz = 'Y(t]) + Yg(tz)

Take the magnetometer reading
at time to

Compute the new
('myT w7

Reinitialize integration
of gyro outputs

Evaluate the attitude estimate
¥(ty) = ¥°(t,) + (MM) T (2(t,) - A'B)

Return and
Increment
the time step

NO

[ YEs

Begin Stellar Attitude
Acquisition Procedure

Figure 5-la. Attitude Processing Fiow Chart
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The arrangement of the preceding flow chart is arbitrary in several
places, and it is implicitly assumed that the computational time per esti-
mate is negligible compared to the time difference ti - tj between esti~-
ma tes. '

5.2.4 Error Sources and Effects

This section summarizes the potential error sources and indicates the
accuracy expected for the magnetic attitude determination. The error
sources and their effects are:

(1) Divergence between the magnetic model and nature. A mean
anguiar error is 4.3° extracted from Reference 1, with a
maximum error of 9.2°, Effects of this divergence are reduced
by'repeated measurements at several points along the orbit.

(2) Magnetometer measurement noise of 0.004 gauss. These effects
are also reduced by repeated measurements along the orbit.

(3) Errors in coordinate transformations. Since the transforma-
tions involve angular quantities that are accurately known,
the error in attitude determination that results’ from an
inaccurately transformed B field is negligible.

Results in Reference 7 show that attitude errors on the order of
1.56° {average) with a maximum of 3.5° are achievable. Such errors are
well within the 8° x 8° field-of-view of the star tracker, and thus the

solar-magnetic determination should be accurate enough to permit initiation
of stellar acquisition.

5.3 Star Identification By Correlation

Another method of determining the orientation of the spacecraft about
the sun Tine is by correlating star tracker observations with a star
catalog. The star catalog contains only those stars above a certain
brightness MV which should be encountered by the spacecraft’s star tracker
as it sweeps out at a swath about the sun line. The correlation method
will now be briefly described.
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5.3.1 Description of Method

The spacecraft is commanded to rotate about the sun line at a fixed
rate, say 0.1 deg/sec, and the star tracker sensitivity threshold is set
such that it will detect only stars above a specified brightness which
matches the brightness of the stars included inh the catalog. At the
beginning of the spacecraft rotation, or scan, the inertial reference sys-
tem is initialized with a guess of zero rotation angle about the sun
Tine, the rotation angle being referenced to a suitably defined sun point-
ing reference frame. The stars in the star catalog are sequentially
ordered according to this reference point and each star is specified by an
azimuth or scan angle ¢C measured from the reference (in the direction of
spacecraft rotation) and a declination relative to the swath plane, Gc
(the subscript c stands for catalog). Then, as the star tracker sweeps
out the swath, the time and the scan angle for each star encountered by the
tracker will be recorded. The scan angle is obtained from the inertial
reference unit, i.e., integrated gyro rate, and is denoted by o1 {sub~-
script T for tracker). If the spacecraft is controlled so that it remains
well aligned with the sunline, one can start to correlate the sequence of
star observations to the catalog entries after one revolution. If tﬁe
spacecraft rotation axis does not remain well aligned with the sunline,
some stars may be missed due to the resulting wobble, and 2-3 revolutions
of data taking may be required. LANDSAT D will be maintained sun point-
ing to within 0.1 degree when using the fine digital sun sensor or an
attitude reference and one revolution should suffice.

The correlation proceeds then as follows. The first star encountered
by the tracker is assumed to be the first star in the catalog and the dif-
ference % of the scan angles is computed,

H

0,(1) = .(1) - o-(1)

The angle ¢0(]) may be considered the first update on the initial zero
estimate for the orientation angle of the spacecraft about the sun line
and it is-added to all the observed scan angles ¢T(n). A1l the observed
stars are now correlated with the entries in the star catalog, considering
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all possible combinations, and the number of successful correlations or
matches are recorded. A successful match is considered to occur between
two stars when the observed star scan angle ¢T(n) falls within a specified.
e of the catalog scan angle ¢C(m), i.el,

loz(m) = oq(n}l < ¢

The process is then repeated for the next pair of .stars, for example the
first star encountered by the tracker is assumed to be star No. 2 in the
catalog and the number of successful correlations are determined under
this assumption. This process is repeated until all possible star pairs
have been exhausted, and the pairing that produced the most matches is
declared the winner and the corresponding scan phasing angle ¢, is the
final estimate of the orientation angle of the spacecraft about the sun
line. ¢ is not selected as the angle computed for the first forced pair
in the sequence, but once good correlation for a particular sequence has
been established, all star measurements are considered and a Teast squares
fit to ¢, can be obtained. Initial calibration of the scan axis gyro bias
can also be obtained. In principle, the elapsed time between two star
observations, the Ay scan angle as obtained from the gyros, and the 8.
for the two stars as obtained from the catalog, contain all the informa-
tion to compute gyro bias. Namely

By, - Adg

b = At

gscan

In practice one uses all the data and computes a least squares fit estimate
for the gyro bias.

Using this method the spacecraft orientation about the sun line can
usually be determined within about 0.2 degree and the gyro bias estimate
within 0.2 deg/hr. The errors are mainly due to bias and noise imperfec-
tions in the tracker and gyros. Resjdual gyro bias appears to be the
main error éource in the estimate of the scan phasing angle 9y- The num-
ber of stars also influences the accuracy; the more data, the better the
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estimate. The latter is, however, of Tittle concern to LANDSAT D since
one is not so much interested in the accuracy during initialization, as
one is interested in a fast correlation process using only a few good
stars.

A potential disadvantage of the correlation method is the length of
time that may be required to obtain enough stars since trackers will not
read accurately above & certain angular rate which 1imits the speed of
commanded rotation about the sun line. Depending on the number of stars
in the swath/catalog, a more serious requirement is the rather large
amount of computation required to perform the correlation tests. Since
the correlation is nominally only performed at the beginning of the mission,
the software, which includes the swath catailog, should not be left in the
computer. But erasing it and reading a new software from a special
memory would reguire a ground command which does not fit the desired
autonamous operation plan. Also, .the ground command may have to be
delayed until a certain favorabie orbit pdsition is reached. Since
autonomous operation seems hard to attain with this method, it is recom-
mended to perform the correlation task on the ground. In this case the
star tracker data is telemetered to the ground and after convergence of
the correiation procedure, the correct scan.phasing angle about the sun
line and the initial gyro bias calibration results are sent back to the
spacecraft.

5.3.2 Simulated Star Identification by Correlation

Star identification by correlation has been simulated for L-D by a
digital program using real star locations as obtained from the Yale star
catalog. The time of year was assumed to be around July 20th such that
the earth had moved 120° in the ecliptic away from the vernal equinox. The
negative yaw axis of L-D was pointed to the sun with an accuracy of 0.1 de-
gree and the spacecraft rotated about the sun Tine at 0.1 deg/sec. The
cross axis rates were assumed in a sinusojdal Timit cycle with peak rates of
0.05 deg/sec and position amplitude limited to 0.1 degree. Initial uncali-
brated gyro biases were set at values averaging to 1.5 deg/hr and the
sensitivity threshold of the 8° x 8° FOV star tracker (BBRC Cf-401) was set
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to Mv = +4, The latter will result in a small star catalog for the swath
and provide for faster and less ambiguous star identification/correlation
thereby taking full advantage of the relatively large Tield-of-view (FOV)
of the tracker.

The tracker slant angle ¢ relative to the ACS module, see.Figure 2-5,
has been assumed as ¢ = 30°, and the angle between the 1ines of sight of
the two trackers as 70°, i.e., + 35° from the projection of the pitch axis
onto the plane defined by the 1ines of sight of the trackers. Since both
trackers make the same angle of 65.8° with the negative yaw axis, only
one tracker is used.

Figure 5-2 shows a plot of all stars of 4th order magnitude and
brighter and also shows the line traced out by the tracker boresight on
the celestial sphere. Figure 5-3 removes all stars which do not fail into
the swath traced out by the field-of-view of the tracker and marks those
which are eclipsed by the earth. As can be seen, only four stars are
left making correlation of tracker observations with the catalog very
simple. Figure 5-3 also shows the assumed starting point of the scan
according to which the sequence of stars in the star catalog is organized,
and also shows the actual starting point. Thus, the first star encountered
by the tracker is actually the star with Yale number 3487 but the tracker
assumed at first that it was star number 1038. During the correlation
process all stars are eventually correctly identified and a scan phasing
angle of $0 = 224.9 degrees is determined. This is within 0.1 degree of
the actual scan phasing angle of ¢ = 225 degrees between the initially
assumed scan starting point and the actual starting point. The yaw gyro
bias was estimated as 1.2 deg/hr and its actual value was 1.4 deg/hr.

It is seen that the accuracy-of the correlation method is much better
than determination if the orientation about the sun 1ine using magnetic
field measurements. However, as shall be shown in the following section,
this improved accuracy is not required to iﬁitia1ize the stellar-inertial
attitude reference system and the magnetic method will work just fine.
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5.4 Convergence of On-Board Attitude Reference Filter

Attitude of the spacecraft about the sun line was estimated to within
about 2° when magnetic field measurements were used, and to within about
0.1° when the star catalog correlation method was used. The magnetic
method is simpler and faster and is preferred.

To demonstrate convergence of the on-board attitude reference filter
with initial conditions corresponding to the nominal conditions at the end
of magnetic-solar acquisition, an attitude estimation simulation was per-
formed using an extended Kalman filter. For the spacecraft this is a
part of the stellar acquisition mode. Since the negative yaw axis is sun
pointing to within 0.1 degree, roll and pitch attitude uncertainties are
a maximum of 0.1 degree at the initiation of fine stellar acquisition.
These errors along with a nominal 2.0 degree estimation error about yaw
resulting from the magnetic-solar attitude determination are used as
initial conditions for the filter.

Actual stars that the star tracker would see are determined by select-
ing a time of year for the sun position. As in Section 5.3, the time
around the 20th of July is again selected with the sun angle at 120°
measured in the ecliptic plane. As described earlier, when the spacecraft
is sun pointing the star trackers are inclined at an angle of 65.82° to
the sun line. -The star tracker sensitivity threshold has been set to
Mv = 5 so that the tracker will sweep out a swath of fifth magnitude or
brighter stars as shown in Figure 5.4 when the spacecraft is commanded to
rotate about the sun line. The field-of-view is 8° x 8°, and stars
eclipsed by the earth are not shown. Also several other stars satisfying
the Mv = 5 or brighter criterion, are not shown and the stars indicated
in Figure 5-4 represent the reference star catalog to be used in stellar

convergence. The stars are listed in Table 5-1.

With a 2° attitude uncertainty about yaw at the end of solar-magnetic
acquisition, it is doubtful whether the stars that happen to appear in the
field-of-view of the trackers at that time are sufficiently separated from
neighboring stars to yield an unambiguous star identification. To avoid
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false identification, a bright star is selected that is sufficiently sepa-
rated from neighboring stars, even if dimmer. The spacecraft is commanded
to rotate about the sun line, look for this star, and use it to initialize
the attitude filter. This assures correct identification of the star used
in the first attitude update. This first update significantly impreves
attitude knowledge and identifications of subsequent stars of 5th order
magnitude and brighter will pose no probiems.

The required rotation about the sun 1ine js the main reason why it was
recommended that L-D should align the yaw axis with the sun line and not
the (canted) solar array normal. Rotation about a non-principal axis that
is not a spacecraft control axis and to which the star tracker 1ines of
sight are not symmetric, appears undesirable.

The bright and isolated star selected here for initializing the filter
is indicated by an arrow in Figure 5-4. Tt is star number 29 in Table 5-1
and it has the Yale Number 4023. In the filter simulation, the forward
looking star tracker encounters this star almost immediately and conver-
gence is rapid as shown in Figure 5-5. An enlarged plot of the same data
is shown in Figure 5-6 where it is seen that the errors in all axes have
converged to approximately 5 arc-sec {1s) at the end of half a revolution
(0.5 hr) about the sun line. Gyro biases were calibrated to within
0.0013 deg/hr (1¢). Both trackers were read in this simulation every
30 seconds. If both trackers are read only every 300 seconds, the results
of Figures 5-7 and 5-8 are obtained where convergence to about 10 arc-sec {1q)
is achieved with gyro bias calibration being about the same, j.e.,
0.0013 deg/hr (10). Both performances satisfy the requirements for suc-
cessful stellar acquisition and the spacecraft can be considered in inertial
hold mode.

With a precision stellar inertial attitude reference successfully
established, spacecraft ephemeris data is used to obtain an earth pointing
attitude reference. This may be done as follows. Let Abr denote the direc-
tion cosine matrix describing the spacecraft's attitude relative to the

5-25



ATTITUBE ESTIMATION CONVERGENCE

Wy

00% 0ce

JdS30d8 110d

0

U

- —— -

——— e

—— v ———— ]

e et

SR PR —

00%

00z . 0
3350488 HOLId

0T

1 S°0 0
J3S348 MU

3600

TIME SEC

Attitude Reference Filter Convergence After Initialization from

Large Attitude Uncertainties (30 Second Update Interval)

Figure 5-5.

5-26



ATTITUDE ESTIMARTION CONVERGENCE

. — =

0
0dS3d8 110d

——— ———

g
03508 HQLTd

o
335348 MUX

TIME SEC
Attitude Reference Filter Conve

(Expanded Scale Figure 5-5)

rgence After Initialization

5-27

Figure 5-6.



ATTITUDE ESTIMATION CONVERGENCE

600z g o

J35348 17104

0°002
JdS08d HALld

——

o

N . T F Sy

1800.0

0°]

1%

5'0 Q°g

J3S348 MBA

~3000.0 3600.0

2400.0

1200.0

600.0

‘0.0

TIME SEC..
Attitude Reference Filter Convergence After Initialization

Figuﬁé 5-7.

from Large Attitude Uncertainties (300 Second Update Interval)

5-28



ATTITUBE ESTIMATION CONVERGENCE

—— e - —

o us e

b e S, — —

b=

—tmm—— =L

e ettt

0 0%

J350

0°St 00

dd 1710d

0°0F

00

J3S3d¢Y HALId

00z

0751

g°o

J3508Y MUA

1800.0 2400.0 3000.0 3600.0

1200.0

TIME SEC
Attitude Reference Filter Conver

(Expanded Scale Figure 5-7)

600.0

0.0

gence After Initialization

Figure 5-8,

5-29



the earth pointing orbital reference frame {ir, §r, ir}. Then A . is the
desired earth pointing attitude reference. The stellar inertial attitude
reference system provides the spacecraft's attitude relative to ECI given
by the direction cosine matrix A,q> the ephemeris provides the attitude of
the earth pointing , orbital reference frame relative to ECI by the direc-
tijon cosine matrix Arl' Hence, the desired earth oriented attitude refer-
ence Abr is given by

T

Aor = ot A

The above could have also been done in terms of quaternions and quaternion
algebra, but frequently direction cosine matrices are required in any

event and it is advantagecus to perform the computations as indicated.
Figure 5-9 shows a functional block djagram of the on-board attitude refer-
ence system.

With Abr established, the spacecraft s commanded to slew away from
the sun and assume its earth pointing orientation. After attitude settling,
the spacecraft is in the normal on-orbit fine pointing mode and ready to
turn on the payload sensors and take.data. Abr represents then a very-
small-angle rotation matrix,and single axis, i.e., roll, pitch and yaw,
control errors can be extracted from the appropriate off-diagonal terms of

Abr'
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6.0 NORMAL ON-ORBIT ATTITUDE CONTROL:

The objective of this section is to present a preliminary.design of
the normal on-orbit attitude control system for L-D and to assess achiev-
able performance. Since pointing stability is important to the LANDSAT-D
mission and has been specified to a stringent + 10.5 urad (1o) over 20
minutes, the effects of (internally) moving parts and appendages, as well
as the effects of structural flexibility in the TDRS antenna mast and the
solar array, must be included in the performance assessment. Section 6.1
will assess the effects of internally moving parts and appendages in a
rigid body sense and determine whether any motion Eompensation is required,
either by modification in the on-orbit control Taw, or by adding momentum
compensation devices. 1In Section 6.2 the effects of a flexible Ku-band
antenna mast are studied and criteria for selecting the stiffness of the
mast are presented. In Section 6.3 the effects of a flexible solar array
are studied. Section 6.4 addresses the normal on-orbit ACS design config-
uration, and Section 6.5 assess predicted system performance based on
analysis and simulation. ’

6.1 Effects of Internail Motion

Reaction to the inertial motions df internal parts or components
appended to the spacecraft causes rotation of the spacecraft. This sec-
tion investigates the extent of the L-D spacecraft reaction to the motions
of the Ku-band antenna, the solar array, the Thematic Mapper and Multi-
Spectral Scanner scanning devices, and reaction wheel dynamic mass im-
balance. Each. of these devices will be considered in a separate subsec-
tion. The results are summarized in subsection 6.1.6. It will also be
ascertained whether or not a standard stepper drive is acceptable for driv-
ing the solar array and whether or not any torque.preemphasis or momentum
compensation is needed for the disturbances studied. The L-D spacecraft
performance specifications requires that the ACS control spacecraft point-
ing with a jitter stability of + 10.5 wrad (+.2.16 arc-seconds) 1o, or
better over a 20 minute period. The spacecraft reaction to the motions of
the components Tisted above must, therefore, be §1gn1f1cant1y less than
+ 2.16 arc-seconds, 1o, since part of the error budget must be reserved for
the attitude reference system.
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6.1.1 General Two-Body Problem

The study of the spacecraft reaction to the motion of an appended
component involves an analysis of the two-body problem in a plane as
sketched in Figure 6-1. The dynamic equations can be shown to be

. - MM . .o
TC = I_n g+ I.12 a - m 2.1 2.2 (28 + u) g SIN o (6.1-])

and

- v M2 g2
T. = 12] 0+ Iy ot m +m, 29 %, sina &7, (6.1-2)

where TC is the ACS control torque app]ied to the spacecraft, Tm is the
hinge torque applied against the spacecraft and the appended component,
o is the spacecraft attitude error about the axis perpendicular to the
paper, and the inertia parameters are given by

m .
- 1M 2. .2
I-l-’ = I-I + 12 + r—n-]—_}.—l—_n—z— (R,.' + 22 + 2,@,-[ 2,2 cos C‘.’.) (6_"__3)
m, m,
a1 = 12 ,2
I, = Iy = I, + D (22 + Ly &, €OS a) (6.1-4)
and
m, m
_ 172 2
122 = 12 +-ﬁTf;7ﬁ£ 25 ‘ (6.1-5)

The nonlinear terms will be neglected %o simplify tﬁe'éna?&sis -~ this is

acceptable because either a or the product %1 %, Ts small 1n the cases
considered. :



mn,, 12 Appended Component

Spacecraft
m’l I]

Figure 6-1. Schematic of the Two-Body Problem

The effect of the ACS can be ignoréd by letting Tc = 0; this results

in
- Ing
8= - ‘f‘lg @ (6.1-6)
11
Ll - .
whichcan be integrated twice -- if T;; is constant -- to obtain
. I .
§ = f}gu (6.1-7)
, N

Note that this approximation is valid only when the motion is fast relative
to the ACS bandwidth. In general, it is desirable to Tnclude tha effects
of the ACS: from Equations (6.1-1) and {6.1-2) & is found to be given by



I, T . -1.,,T
p=-22c_12m (6.1-8)
0
where
A =1.,1,,-1¢ (6.1-9)
] i1 722 12
This leads to the simplified block diagram in Figure 6-2 where the ACS
controller is assumed to be a second-order system with £ = 0.5 and
w, = 0.5 rad/second.
(Krs+Kp) -
<}
c ]
o K > 7 - 8
p Ao [ |
- iz
T Internal
m Appendage - a

Figure 6-2. Simplified Controiler Block Diagram
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The spacecraft response to the torgue Tm is given by

£ (s) = h12/% Dl :
s Tk Tk -3 (6.1-10)
m 2 22 v . .22 p s+ 0.5s+0.25
A S

0 ; AO

This equation along with Equations (6.1-3) - (6.1-5) and (6.1-9) is used
to determine the spacecraft reaction 6(t), to the internal disturbance
torques for each case considered in this memo. The spacecraft parameters

are given in Table 6-1.

Table 6-1. Spacecraft Pa%ameters

Parameter JL_ Symbo1l E Value
Mass m, 1498.26 kg 102.48 slugs
Rol1 Inertia Iy 2037 kg-nf | 1500 slug £t
Pitch Inertia L, .2676  kg-m® | 1970 slug Ft?
Yaw Inertia I, 2377 kg-m® | 1750 slug ft
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6.1.2 Solar Array Motion

As recommended in Section 3.5, the solar array is a FRUSA array 8.08 m
(26.52 feet) long and 1.93 m (6.33 feet) wide canted 37.5 degrees to the
spacecraft ;b—axis and rotating about that spacecraft axis. The inertia
matrix is calculated assuming the array has negligible thickness and its
For the principal axes -- the primed axes

mass is uniformly distributed.
in Figure 6-3 -~ the inertia matrix is

Il

7.04
0
0

0 -
123.37
0

0
0
130.41

kg-m

(6.1-11)

and for the unprimed axes -- where axis 1 is aligned with the spacecraft
pitch axis, the axis of rotation --

52.75

0

- 59.58

0
123.37

0

arren

- 59.58
0

84.69

(6.1-12)

The parameters pertaining to solar array motion-about the spacecraft pitch

axis are summarized in Table 6-2.

A standard stepper motor which is available for this application steps
at the rate of 1.8 degrees per step, and a 100:1 harmonic drive gear train
Since the array must
rotate at the orbit rate of 220.31 degrees/hour, it must step once every
294,71 msecond, where each step can be accompiished by a torque doublet as
Since the sun is nearly stationary, the solar array

reduces this to 0.018 degree per step at the array.

shown in Figure 6-4,
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Figure 6-3. Sketch of the So]ér Array

Table 6-2. Parameters for the Solar Array Analvsis

Parameter . Value

2 0 0

%5 2.46m 8.07 ft

my 1498 kg 102.48 stugs

My 22.66 kg 1.55 slugs

Iy 2676 kg-me 1970 slug fte

I, 52.75 kg-mé 38.84 slug ft<

I 2863.32 kg-m¢ “2108 slug fte
112 = 121 187.80 kg-me 138.28 slug ftc
Lo 187.80 kg-me 138.28 slug fte




would be inertially fixed if it were driven to follow the sun continuously.
But, each step is completed in such a short period of time that the space-
craft is essentially stationary and the effect is the same as moving the
array inertially, Thus, using the assumed 30 mseconds torque double

shown in Figure 6-4, the required array torque is TO = 73.65 N-m (54.23
foot-pounds) -- 0.5423 foot-pounds of motor torque -- and Equation (6.1-10)
reduces to '

2,737 x 107% T (s)
o(s) = (6.1-13)
5
¢ 4+ 0.55 + 0.25

with Tm(t) as shown in Figure 6-4, the steady-state spacecraft response
is shown in Figure 6-5. The response of + 0.60 arc-second is acceptable.

Tm 4
T0
4; e t
'Tb f .
a{Deg) A /A
0. "
-3— } { - Ly —— o
' 0 15 30 ' 294,1 t{msec)

Figure 6-4. Solar Array Stepping
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Vehicle Pitch Axis Response (arcsec)

RESPONSE ( ARCSEC )

0.8

0.4

0.9 “\

BRI

-9 0.0 0.4 - 0.8 1.2 1.8
TIME ( SEC )

Figure 6-5., Steady-State Spacecraft Response to Sclar Array Stepping

Because the solar array is canted from its axis of rotation, the
torque applied to it is coupled into the other axes. The worst case occurs
when the array is as shown in Figure 6-6 and the spacecraft is caused to
rotate about its roll axis. The 73.65 N-m torque appiied to the array pro-
duces the approximate force F, = 16.17 N (3.65 pounds) at the array; and
the reaction force Fb = Fa applied a torque to the spacecraft which is
given by TSc = 14,87 N-m {10.95 foot-pounds). Thus the spacecraft roll
reaction will have the same time history as shown in Figure 6-5 but with a
time-varying amplitude that reaches a maximum of * 0.13 arc-second. As
the array rotates to other positions, the cross coupled torque is split be-
tween the yaw axis and the roll axis. When the coupling is all into the
yaw axis, the maximum spacecraft reaction is + 0.11 arc-second. This re-
action is also acceptable.

6-9
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Spacecraft

) 22 Tm

7
Iy +my 2,

F =

Figure 6-6. Solar Array Torque Coupling into Spacecraft Roll Axis

One further requirement is that the solar array must occasionally be
slewed through 45 degrees to avoid interference with the Ku-band antenna.
Using the stepﬁing motor arrangement described above, this would probably
be accomplished by'stepping more frequently: the slew rate is achieved by
stepping every 30 mseconds -- provided 30 mseconds is requifed to complete
the step -- so the 45 degree slew can be accomplished in as Tittle as 75
seconds. The Tower Timit on the achievable slew time is found -- using
the 250 step/second maximum response speed of the motor -- to be 10 seconds.
In practice, this time is increased by the harmonic drive, etc. The 75
seconds for slewing the array corresponds to 0.34 degree of orbit angle.
Because this slewing will be done over a dark earth, the épacecraft reac-
tion is not important.
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6.1.3 Xu-Band Antenna Motions -

Antenna motions which cause spacecraft reaétions are basically from
two sources: the antenna slewing from one TDRS target to the other, and
the antenna tracking a particular TDRS target. The mass properties of the
antenna are as f011ows the mass.is 31 14 kg (2.13 $lugs); the .moments of
inertia are 2. 63 kg~m (1.94 slug feet ) about the bores1ght 4.98 kg m2
(3.67 slug feet? } about the mast axis, and 4.39 kg-m (3.23 stug feet? )
about the remaining orthogonal ax is, and the c.m. is 0.37 m (1 21 feet)
from the gimbal center along the boresight. Cross products of 1nert1a are
ignored. The antenna is shown in Figure 6-7.

}*— 0. 37m

//’,—‘\\\ 9,, Elevation

>

e
91 azimuth Q:i, ~\:)

a-—_$¥ast

Figure 6-7. Ku-Band Antenna in the Null Position
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If the antenna is assumed to slew 130 degrees about the azimuth axis
while maintaining a 0 degree elevation, the parameters are as given 1in
Table 6-3. Since the antenna is slewed over earth night, it is first as-
sumed that 30 minutes is available., Thus the movement can be accomplished
by applying a 2.56 x 107° N-m {1.885 x 107° foot-pounds) torque for 15
minutes followed by a -2.56 X 107° N-m (1.885 x 1075 foot-pounds) torque
for 15 minutes. This resuits in a peak spacecraft response of 0.025 arc-
second; the first part of the response is shown in Figure 6-8. If instead,
2.5 minute torque puises are applied, the torque level must be
9.22 x 10°% Nem (6.79 x 107 foot-pounds) and the peak spacecraft reaction
would be 0.90 arc-second, which is an acceptable solution. In fact, the
time could be shortened even further, because the 2.16 arc-second pointing
accuracy is not really necessary over the dark earth. Note in Figure 6-8
that the spacecraft has a steady-state "hang-off" error when the antenna
is receiving the constant torque. This error could be reduced or removed
by proper controller design, but the error is so small that such measures
were not considered necessary.

Table 6-3. Antenna Slewing Parameters

Parameter Value
2 0.9T m 3 ft
22 .37 m 1.21 Tt
my T . 1498 kg 102.48 slugs
e, 31.74 kg 2.13 slugs
I 2377 kg-m< 1750 stug fte
12 4,98 kg-m< 3.67 siug ft<
I 2432 kg-m2 | 1790 sTug ftZ
112 = 1, 19.42 kg-mé 14.30 sTug fte
122 9.74 kg-mZ 6.73 slug ft<
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400.0

300.0

200.0. /N

100.0

0.0

0.0 10.0 20.0 30.0 40.0 50.0
TIME ( SEC ) '

Figure 6-8. Spacecraft Response to Antenna Slewing

The Targest rates and accelerations experienced by the antenna in
tracking the TDRS target occur near gimbal-lock. This must not necessarily
result in the Targest spacecraft reaction because antenna inertia is at its
minimum near gimbal-lock. Near gimbai-lock, the target is nearly aligned
with the mast and the antenna inertia is 2.63 kg~m2 (1.94 siug feetz).

But when the target is at O degrees elevation, the antenna inertia is

9.14 kg-m2 (6.73 slug feetg) - Iy in Table 6-3. Since the ratio of

these numbers is only 3.5, the worst spacecraft reaction could. however, be
at or near gimbal-Tock and the situation must be examined.- The gimbal-
lock case s analyzed in the following paragraphs.

The spacecraft reaction is due to the gimbal accelerations involved
in following the target. The first step is to find these gimbal accelera-
tions, 95 and 9o The geometry for the situation near gimbal-Tock is

6-13
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shown in Figure 6-9. The TDRS is e degrees out of the L-D orbit plane,
and -- as long as ¢ is small -~ o is the orbit angle between the L-D, and
the target line. The coordinate system shown is centered at the L-D c.m.
but is fixed inertially. Let the unit vector

-l
It
|

represent the target direction from the L-D. The angle v is the target
elevation angle in the L-D orbit plane, so

Ty = sine (6.1-14)
T, = ¢os ycose (6.1-15)
TZ = ~5iNn v cos ¢

The true gimbal angles are defined relative to a body-fixed coordinate
system, but the gimbal motion is not a true indication of the inertial mo-
tion of the antenna. The angles 91 and g, are defined relative to the
inertial coordinates in Figure 6-9 so that

T/T (6.1-17)

y' '

n

tan gy

and

sing, = -T, (6.1-18)

If the coordinate system were body-fixed, these would be the true gimbal
angles; in this case, they are a good approximafion to the gimbal move-
ments measured relative to inertial coordinates. Now, combining Equations
(6.1-14) - (6.1-18), the pseudo-elevation angle ¥s given by

6-14



TDRS @—

(e® out of paper)

Figure 6-9. Geometry Near Gimbal-Lock

sing, = sinycos'e (6.1-19)
and the pseudo-azimuth angle by

tan e
CcOs vy

tan g, = (6.1-20)
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From Figure 6-9

T - €0S a
tan y = L ST s s (6.1-21)

s0 as o varies from -80 degrees to +80 degrees, y varies from 80 degrees
to 100 degrees. This leads to the approximation

sin vy & 1 (6.1-22)
Thus

.
5~ C
tan e RL 0% o

o~ E R —
cos 5 tan € tan v STn 2 tan e (6.1-23)

tan 9y =

where ¢ is small, so tan e =~ e. Differentiating (6.1-23) results in

R

, (1- R—T cos o)
§1 sec” g, = £ tan y + o tan ¢ . é ) (6.1-24)
SN o
and substituting for sec2 9,
. R ) Ry
£ 05— - co0s a) sina+ a (1 - | cos o) tan ¢
gy = L R _— L . (6.1-25)
sin o sec? ¢ + (ﬁl-— €05 o) tan? e
L

This approximation is valid for small ¢ and o < 30 degrees.



Using the parameter values

(1) e = 2 deg,
(2) ¢ = -15 deg/hr, and
(3) o = 220.31 deg hr

and determining 51 numerically from él in (6.1-25), results in §1 as shown
in Figure 6~10. The acceleration history can be replaced by the straight
Tine box cart approximation as shown and a closed form spacecraft reéponse
can be computed. Using the parameters of Table 6-4, the calculated space-
craft response is plotted in Figure 6-11, where the peak response is seen
to be slightly more then 0.02 arc-second.. It is obvious that the straight
line approximation to the acceleration does not result in an accurate re-
sponse shape, but the fact that the peak response is 0.1 percent of the
alTowable indicates that the error is negiigibie. Also the reaction to
the siight change in 9o is negligible. If the true é] profile had been
used instead of the approximation, the resulting spacecraft reaction would
be smooth.

6.1.4 Payload Scanning Devices

The two scanning devices are the Multi-Spectral Scanner (MSS) and the
Thematic Mapper (TM), and there are two versions of the TM: the TRW ver-
sion and the Hughes version. The TRW Thematic Mapper has a continuously
- rotating scan wheel; so, after start-up, there are no disturbance torques,
and the main consideration here is to determine how the TM wheel momentum
can best be accommodated by the skewed wheel system. The TM wheel has
inertia ITM = 1,59 kg-m2 (1.17 slug feetz) and spins at the rate of
Wy = 2.461 rad/second; thus its steady-state momentum is

M

I 3.89 N-m-sec

™ = M T

The axis of this wheel lies in the spacecraft X-1 plane and is canted 10
degrees to the roll axis.
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Figure 6-10. Pseudo~Azimuth versus Orbit Angle



RESPONSE ( ARCSEC )x 1073

Table 6-4. barameters for Tracking Near Gimbal-Lock

Parameter Value
i i
2 0.9 m 3 ft-
2, 0 0
m 1498 kg 102.48 slugs
m, 31.14 kg 2.13 sTugs
I 2377 kg-mé 1750 slug ft&
I, 2.63 kg-m¢ 1.94 slug ft
I]] 2405 kg-m< 17717 slug ft<
112 = 12] 2.63 kg-mé 1.94 slug ft<
Ioo 2.63 kg-m< 1.94 slug ft
60.0
40.0
\
20.0 v
0.0 \—\'- N
~20.0 -
0.0 200.0 400.0 600.0 800.0 1000.0
TIME ( SEC )

Figure 6-11. Approximated Spacecraft Response to Antenna
Tracking Near Gimbal-Lock
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Each of the four spacecraft reaction wheels is a NASA Standard Reac-
tion Wheel (SRW) with a maximum stored momentum of + 20 N-m-sec. “Three
of these are aligned with the orthogonal spacecraft body axes and the
fourth one is skewed and positioned in such a way that its nominal momen-
tum cancels the resultant moments of the other three wheels when the wheels
are operated at a speed bfas. In this way the spacecraft nominally has
zero momentum bias. If only the four SRW's were considered, the nominal
momentums would have to satisfy the question

~

Mg X ¥ My0 y+M, z+M, = 0 (6.1-26)

where Ms is the momentum of the fourth or skewed wheel. But the TM wheel
momentum must be added to the Teft side of the equation.

The nominal wheel momentums are chosen so that: 1) the fourth wheel
does not have to run too much faster than half speed, and 2) the three
orthogonal wheels have sufficient range to perform the necessary tasks
without being required to go through zero speed. If there were no TM this
could be accomplished with Mo = My0 =M,, =7 N-m-sec -- wheel speed of
840 RPM assuming a synchronous speed of 2400 RPM ~-- and MSo = 12,12 N-m-sec --
wheel speed of 1455 RPM. Assuming the TM wheel is aligned with the roll
axis, it can be assumed to rotate in the opposite direction of the roll
wheel so that Myo’ Mzo’ and MSO remain unchanged but Mxo becomes 10.89
N-m-sec -- wheel speed of 1307 RPM. This actually increases the available
range of the roll wheel and is the recommended solution.

The MSS and the HAC TM version have scanning devices which are very
similar in operation. Each one scans back-and-forth at constant rate with
a turn-around at each end as shown in Figure 6-12. These scah motions are
accomplished with the torque pulses shown in Figure 6-12. The scanning
parameters are summarized in Table 6-5, and the steady-state spacecraft
responses to the two scanners are shown in Figures 6-13 and 6-14 -- the
parameters for the Hughes ™M are taken from Reference 8. It was assumed
in the analysis that the scanning motion is about the spacecraft roll axis
and that both mass centers 1ie on that axis:; thus, Ao/IIZ = I} = 2037 kg—m2
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Figure 6-12. Rate and Torque Profiles for the Scanning Devices
Table 6~5. Results of Scanner Analyses
Parameter MSS Hughes TH
Frequency, f (Hz) 18.5 7.14
Scan Efficiency (%) 92 80
Active Scan Time, S 24,865 - 56
(MSEC)
Period, P {MSEC) 54.054 140
Scan Rate, j
Inertia, I (kg-m) 0.0113 0.02614
1 Torque, T0 {N-m) 54.84 8.65
Pea Sgacecraft Resp, 0.08 0.2
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Figure 6-13. Steady-State Spacecraft Response to MSS Scanning
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Figure 6-14. Steady-State Spacecraft Response to Hughes TM Scanning
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(1500 slug feetz). Both devices scan at frequencies considerably higher
than the 0.5 rad/second bandwidth of the ACS, so the ACS has no noticeable
effect on these results and the responses are related to the wheel motions
by the inertia ratios as indicated by Equation ((6.7-7). The responses
shown are acceptable and no compensation is needed.

6.1.5 Reaction Wheel Dynamic Imbalance

Limitations in manufacturing accuracy result in small mass imbalances
in the reaction wheel rotors. The effect of these imbalances creates small
non-zero cross products of inertia which cause small sinusoidal disturbance
torques at the wheel frequencies. To detérmine the effects of these im-
balances on the rigid-body pointing jitter, the disturbance torques from
the four wheels are combined to obtain the total disturbance in roll, pitch,
and yaw. Since wheel speeds are continually changing in response to un-
loading torques, the relative phasing of the individual imbalance torques
is also changing. To obtain the worst case, the individual wheel imbalance
torques should have their magnitudes added directly, while an RSS vaiue
would give an average disturbance torque. The approach here is to examine
the worst case for all wheel speeds near the nominal bias speed. The total
ro11 axis disturbance torque is computed and applied to a single axis
analytic model to estimate the amplitude of the resulting rigid-body mo-
tion which turns out to be very small.

The torque on the body is the negative of the torque on the rotor, so
Euler's equation may be written
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where

T = the reaction torque applied to the vehicle in rotor
coordinates
Ta = the reaction disturbance torque due to wheel dynamic mass
imbalance
H = the total angular momentum of the rotor
T = the rotor inertia matrix

rotor angular velocity

E|
1

For the roll reaction wheel with its spin axis fixed along the spacecraft
roil axis, the velocity of the rotor may be written

w = [ww, 0, 0]

Performing the differentiation in the torque balance equation yields
T = Te+taxls

and since the angular acceleration in response to external disturbance
torques is small compared to the wheel speed, the previous equation may be

written
T 9
= 2
T = “w 1z
2
Oy Ixy

as the total torque in wheel coordinates. The x-component is, of course,
the desired control torque of the roll wheel. Since only the disturbance
torque due to wheel imbalance is of interest here, one has



This is transformed into body fixed coordinates by the time-varying trans-

formation
1 - 0 0 ]
Abw = 0 cos w t -sin w b
_0 sin wwt cas mwt“

from wheel to body coordinates. Applying it to the rotor torques yields

de 0
T =T = Wl coswt + w I sinw t
body ,rotl dy W Xz w W ooxy W
2 . b
-sz- i W IXZ sin wwt - w, Ixy cos wwt |

which shows the sinusoidal disturbance torque in the pitch and yaw axes
perpendicular to the spin axis as expected.

Considering Tdy as an example, the sine and cosine terms could be
combined into a single sinusoid of the form

pa 2 :
wo \JLS + Ixy cos (mwt + 9)

where @ is an appropriate phase, angle. However, since torques from all wheels
are to be combined “in-phase" so that their magnitudes add, the phase is

irrelevant and may be set to zero. This yields

_2\/2 2
Tdy = ww Ixz + Ixy €os wwt
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2 2 . ..
where Ixz + Ixy is the dynamic imbalance.

Computations similar to the above may be performed for the pitch and
yaw wheels to yield

_wi Iyg + Ixy cos mwtd
Thody,pitch 0

~mu2\’ Iyg + Ixf cos wth

rmﬁ yi + IXZ cos wwt-
Tbody,yaw - ”S I}i * ng cos w,t

X 0 |

the quoted imbalance value is 0:5 inchz-ounces which converts to

9.75 x 10"6 kg-mz, and the nominal wheel freguency is 91.5 rad/second
which resuits in the required 7.32 N-m-s bias momentum value. Inserting
these values in the disturbance torques and summing the results yields
the disturbance torques for three wheel as

.153 cos 91.5t
Td = .153 cos 91.5t| Nm
.153 cos 91.5t

the fourth wheel is skewed symmetrically to the above three wheels and thus
contributes disturbance torgues into all three axes. 1In addition, the fourth
wheel runs at a higher bias speed. Performing the éomputations for the
fourth wheel yields
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éji Il\)

Thody ,wt

2
qul CosS

-

- t‘
ww| cOSs LLJW1

cos
Lﬂwx

9.15 x 10°°

.265 cos 158.5t

.265 cos 158.5t

265 cos 158.5t

To evaluate the jitter level, the single axis roll diagram in Figure

6-15 may be used. The transfer function from the disturbance torque to
the attitude may be computed as

#(s) XX
T(s) s+ Kp
Ixx
and the coefficients evaluated as
K
__?.(.B. = chn
XX
Yo o 2
I T %y
XX

for ¢

0.5 and w, = 0.7 in the vehicle attitude controller. Considering

first the total disturbance torque 0.153 from the three on-axis wheels,
the response is
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IXXS

KxR -

I -1

0.
o(s) = . XX > ]532
ST+ 0.75 + (.49 §% + W,

The steady-state amplitude of this jitter may be computed to be

lo(t)] 0.00898 yurad

(0.00185 arc-sec

which is quite small compared to the total budget.

Similarly, the jitter from the fourth wheel may be computed to be

[o(t)] 0.00518 qurad

1]

0.007106 arc-sec

Directly adding these two values yields a worst case value of 0.0142 urad
jitter, although this could not persist for long because of the differences
in wheel speeds. If the two values are root-sum-squared, the value becomes
0.0104 urad RSS jitter. I
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Since wheel speeds will vary with magnetic-unloading torques, the
jitter values computed here will vary somewhat throughout orbit, but the
overall effect of the dynamic mass .imbalance still remains an insignificant
portion of the error budget.

6.1.6 Summary of Internal Motion Effgpts

The peak spacecraft responses to each of the internal motions studied
are summarized in Table 6-6. These results were obtained without the nec-
essity of using torque preemphasis in the ACS or momentum compensation,
and all of the results are well within the + 2.6 arc-second requirement.
The largest reaction is due to the motion of the solar array; this result
is based on the use of a standard stepper motor and harmonic drive to move
the array at 0.018 degree per step and one step every 294.7 msecond during
normal operation. The TRW TM causes no spacecraft pointing error during
normal operation because its only moving element is a continuously rotat-
ing wheel. It was shown that the momentum of this wheel can be accommo-
dated with no reduction in the avaitable SRW wheel momentums. Disturbances
due to reaction wheel mass imbalance are completely negligible assuming
that the space-raft body is rigid and no structural modes are excited.

Two other points shown in this memo are:

(1) The 45 degree solar array slewing to avoid interference with
the Ku-band antenna can be accomplished in 75 seconds, which
is 0.34 degree of orbit angle. '

(2) The 3.89 N-m-sec momentum of the TRW TM can be absorbed by

increasing the ; SRW speed bias from a 7 N-m-sec equivalent
to a 10.89 N-m-sec equivalent. '
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Table 6-6. Summary of Spacecraft Reaction to Internal -Motions.
Assumed ACS with £ =-0.5 and w, = 0.5 rad/sec

Peak Spacecraft Response (Sec)
Internal Component

Rotl Pitch Yaw
Solar Array (rigid body) 0.13 0.60 0.11
fuokand hntemra (Tracking | o | 0| o0
TRW TM 0 0 0
Hughes T™ O.ZQ 0 0
MSS 0.08 0 0
RW Dynamic Mass Imbalance 0.003 0.0023 0.0026

- 6.2 Flexible Ku-Band Antenna Mast

This section contains the results of a study which examines the dy-
namic damping obtainabte for the antenna boom by suitably designing the
vehicle and antenna controilers. Since the design is in a preliminary
stage, physical parameters are perturbed over expected ranges and appro-
priate corresponding controllers are designed to study boom damping.

Conclusions of this study show that:
(1) A stable coupled control system consisting of the vehicle

and antenna controllers can be obtained for parameter ranges
of interest.
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(2)

(3)

(4)

(5)

(6)

As long as the vehicle controller natural fyeqﬁency is near
the range 0.5 to 1.0 rad/second, changas in its bandwidth do
not appreciably affect the attainable hoom damping.

For parameter ranges of interest, an optimum value of attain-
able dynamic boom damping exists as a function of boom stiff-
ness and antenna controller bandwidth.

If maximum dynamic boom damping is the criterion, it is nec-
essary to design so that the antenna controlier bandwidth is
near the boom natural frequency. In this way. the controlier
“sees" the boom vibrating and acts to dynamically dampen the
vibrations. Preferences for physical parémeters to achieve
maximum damping are short boom length, short masss-center
offset of the antenna and boom stiffness matched to antenna
controller bandwidth. '

If minimizing the decay time of boom oscillations is the de-
sign criterion, no single optimum boom stiffness matched to
the antenna controller exists; the boom must merely be stif-
fer than a specified minimum which is a function of the an-
tenna controller bandwidth. The rule of thumb here is simply
that the undamped boom natural frequency should at least be
1.4 times the natural frequency of the antenna controller,

or larger. In essence, a short and stiff boom is desirable,
which is no surprise.

A 10 foot boom having stiffness EI = 350,000 pound-feetz,
which corrasponds to a boom/tip mass natural frequency of

30 rad/second, would yield good performance achieving a damp-
ing ratio of ¢ = 0.27 and an oscillation decay time constant
of Thoom = 0.124 second when an antenna controller with na-
tural frequency wg = 22 rad/second is used.
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The TDRS antenna is mounted on a boom and has a double gimballed dish
with relatively high bandwidth controliers to meet pointing and slewing
requirements. Presently, the boom Tength is expected to be between 1.83 m
and 6.1 m and in any event is determined by 1ine-of-sight clearance to
Tracking Data Relay Satellites (TDRS). For the vehicle, the controller
has a relatively Tow natural frequency of 0.5 to 1.0 rad/second. The pur-
pose cf the present study is to parametrically study the antenna control-
Ter designs to determine if sufficient dynamic damping is obtainable for
the boom bending mode.

To obtain the controller designs and assess the boom damping, a
linearized set of equations is obtained for a single axis dynamic model
with a single-mode flexible massiess boom. This model includes the cable-
wrap spring torque occurring at the payload hinge point., Parameters treated
parametrically are the boom length, boom stiffness, antenna mass center
offset, and antenna controller bandwidth..

6.2.1 Antenna Mast and Vehicle System Model

A single axis dynamic model of the spacecraft, boom and antenna is
shown in Figure 6-16. The spacecraft mass and inertia are showp by m,
and Iy, respectively, while the antenna is represenﬁed by M, and 12. L]
represents the boom length to the antenna gimbal point and L2 is the
Tength of the antenna center-of-mass offset from the hinge. Torsional
restraint by cable wrap at the hinge point is shown by KeZ‘ Angles 0,
and o represent inertial attitudes of the spacecraft and antenna, respec-
tively, while X1s Xgs Y15 Yo represent lateral displacements of the mass
centers as shown,

Angle 8 is controlled by the vehicle controller while the antenna
controller controis a to follow . which may be a tracking angle or a
siewing command to another target. Angle 8, is statically determined
by e] and o since the hoom is assumed to be massless.
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Figure 6-16. Single Axis Dynamic Model for Spacecraft, Flexible Boom,
and Antenna with Mass Center Offset
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Dyn;mic Equations

Equations to describe the dynamic model are derived in Appendix C.
The problem here is similar to one that has been studied earlier in
Reference 4 and thus only a brief outline of the derivation is included.
Typically, the spacecraft inertial attitude 61 and boom angle 6, are
small, and thus the equations are derived for small 84 and B but for large
a. Inertial translation of the spacecraft is unimportant here, and thus it
is convenient to work with new variables defined by

X=X2—X]

~

|
o
]
v

in order to reduce the number of independent system equations.

From Appendix C, the equations are:

(6.2-4)

1 51 +La +a (L y+ L, ¥ cos o - L, X sina) = T," (6.2-1)
L-l 12 a k62 (L]a + 2 L2 sin a) + keZ L191 -a,a Y
t L, ¥ cos a - 2 kez y - alil, X sin a = L] T (6.2-2)
C] I] By + L] 8, * L2 sin a + 3y 25 y-y-= C]T]
X - L] - L2 cos a =0
where
. =T N
0 my + Mo, 1 g2 3
L, G L2
d = ! C:...._.I...__
2 3 1 2 EI
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Since spacecraft inertial attitude e1 js small, linearized equations
for 8y = 0 may be used for analysis. The antenna angle « is not necessarily
small, and thus the equations may be linearized about a nominal o to yield:

(6.2-5)

Lid »e e - . -y = T
18+, at aG(L] + L, cos ao) Yy (aO L, sin ao) X 1
L] 12 o+ keZ(L1 + 2L2 cos ao) o + k62 L] 0] * 2, (L-I L2 cos ay - a]) y

-2 k62 ¥y - a L} L2 X sin a

o 0

= i - 6.2-6
= L, T, -2 kgplp(sin ay - a, cos o) ( )

C] I1 e] + L] a] + L2 o COS a + a ¥y -y

1t

C; Ty - Ly (sin a - o  cos ) (6.2-7)

x+ (Ly sin g} o= L+ 1, (o, sin a, + cos a) {(6.2-8)

A realistic and typical antenna pointing position is overhead, i.e.,
looking in- the -2 direction in body reference axes. For this-case %, = O
and the Fquations (6.2-5) to (6.2-8) decouple in x and y. - The results are

I 5] + 12& + (L + L) a y = T, (6.2-9)
L, Lo+ kgp (Ly *+ 2Ly) a *'kyp Ly 0 =2 (a = Ly L) y

-2k, ¥ =L T, (6.2-10)
G 1, oyt Ly 8y tLlata a,y-y=0 T, (6.2-11)

where the y motion is coupled with all the rotational motion. Taking
Laplace transforms of (6.2-9}, (6.2-10), (6.2-11) yields the following set
of equations.
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I, 52 6](5) + 1, g2 afs) + a, (L] + LZ) g2 y(s) = T](S)‘ | (6.2-12)

2

oz by 01(5) + [Ly 1 7+ Kyl + 21p)] als)

- [aO (a'l = L] L2) 52 - 2k82] .Y(S) = L1 TO(S) (6'2"‘13)

- Lt

[cl I, $% + L]] oy(s) + L, als) + [a, 2, % - 1_] y(s) = ¢ Ty(s) (6.2-14)

6.2.2 Control Law Development

Separate controllers are to be used for the vehicle and antenna which
implies rate and position as the most straightforward control law since
the possib{iity of designing a decoupled multivariable control system is
ruled out by the separate controllers. With rate and position controllers,
the overall system may be represented as shown in Figure 6-17. To achieve
performance requirements on the antenna controller, an integral-of-position
may have to be added. However, this will not significantly change the ob-
tainable dynamic boom damping, and, since the analysis is considerably
simplified without it, the integral term is not shown. Also, & rate command
EC may be necessary for slewing but for the sma11-signa1 Tinearized analy-
sis it is not used.

From the set of transformed Equations (6.2-12) to (6.2-14), all the
various transfer functions relating input and output variables may be ob-
tained by zeroing the undesired inputs and solving the resulting equations.
They are tisted here in factored form, but the coefficients for the b01y~
nomial form are shown in Appendix D,
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Gyq(s) = :1 = f: EZ (;:1E2:1§j (;szziiz) (6.2-15)
Gyq(s) = {2 = Ky, ;2 - (s-;:zgs:z% - péz) (6.2-16)
G1éfs)-= ?l = Ko ::;zioiléj :Szl?)pzz)

Gypls) = f: = Koo (<2 ES:};)Zjio)_ D) (6.2-18)

Since repeated studies with various system parameters are planned, a
computer program which computes the approbriate polynomial coefficients is -
shown in Appendix D. It also computes the complex vroots and thus provides
the factored forms required for analysis and design.

With the preceding transfer functions defined, the multivariable sys-
tem may be drawn as shown in Figure 6-18. The torque transducers are
assumed ideal with unity gain for the analysis since saturation, friction
and possible hystersis nonlinearities should not affect the linearized

analysis for damping.

6.2.3 Closed-lLoop Dynamic Studies

The purpose of this section is to develop the methods for controller
design and examine the resultant dynamic boom damping. Physical param-
eters are perturbed over expected ranges although not all combinations are
tried because of the number of possibilities. In general, it is desired
to draw conclusions that are indicative of general behavior without being

heavily dependent on Specific parameter values. Many of these can be
arrived at heuristically, such as using the shortest possible boom Tength,

but it is still necessary to quantify the results.
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Figure 6-18, Transfer Function Description of the Coupled Dynamic System
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Pertinent system design parameters and physical values are listed
next for reference. Accuracy, angular ranges, and slewing requirements
are not listed here since they do not bear directly on the linearized damp-
ing analysis. The following values are for the pitch axis with the anten-
na pointing to zenith.

SYSTEM PARAMETER VALUES

2

Spacecraft: Iy = 2671 kg-m My = 1496.6 kg
Antenna: 12 = 4,39 kg-m2 M2 = 29.8 kg
Boom: L, =1.83t0 6.10m  EI = 33,060 to 206,625. N-m?

. (80,000 to 500,000 1b-ft%)
Hinge: K62 = (.013558 N-m/rad
Antenna
Offset: L2 = 0.3to0.45m

CONTROLLER SPECIFICATIONS

Spacecraft: te = 0.5 wpg = 0.5 to 1.0 rad/sec
Antenna: Ce T 0.5 to 0.7 Woe © 5. to 20. rad/sec

With the form of the control laws determined, it is necessary to de-
sign values for K1], f]], K22’ and f22 such that the damping ratio and
bandwidth specifications are met.

Spacecraft Controlier

Assuming that the coupling of the antenna and spacecraft is not very
strong, the coupling transfer functions 610(5) and 621(5) may be neglected
for now. Then the system takes the form shown in Figure 6-19. For this
Toop, the root Tocus takes the general form shown in Figure 6-20.
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Figure 6-19. Loop for Spacecraft Controller Design
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Figure 6-20. General Form of Root Locus for G]]H]].
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The zero at -f]1 mainly determines the bandwidth and must be deter-
mined. The upper pole-zero pair on the jw axis is associated with the
first bending mode of the boom while the Tow-frequency dipole is related
to the torsional restraint KeZ' The pair of poles at the origin is re-
lated to the combined vehicle-antenna body in free space.

For design purposes, the dipole at very Tow frequencies is entirely
negligible. Usually the remaining boom mode pole-~zero pair has only a
very small effect on the root locus also, and thus it can be ignored in
the first setting of f]]. The remaining dominant closed-loop pole pair
is the basis for design and f1] is set to give the bandwidth approximately
equal to W, of the pair. Evaluation of the root locus gain then readily
yields Kl]‘

In the final design, possible movement of the dominant pair of
vehicle roots should be checked once K22 and f22 are determined since the
G]O(s) and 621(5) have been neglected.

Antenna Controlier

With K]1 and f11 determined, the vehicle loop may be closed, and the
overall open-loop transfer function from To(s) to afs) may be computed.
Coupling is no longer ignored. This may be ‘done by solving the appropriate
equations or by block-diagram manipulation. The steps are quite
tedious and are not included here. Denote this transfer function by

+)‘“) = 6, (s).
. TO 5 20

Then the closed loop may be drawn as in Figure 6-21. This is an exact
representation for the antenna control dynamics when f]] and K]1 are
specified. The functional form for 620‘(5) is given by

Gon'(s) = GZU(S) + [GZU(S) G-[-I(S) - G-IU(S) 821(5)3 K” (s + f]])
20 T+G(s) Ky (5+ 7))

—

(o2 T3

~42
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F X

H22(5) y EE——

Figure 6-21. Loop for Antenna Controller Design.

Note that the closed Toop poles of the vehicle loop become the open Toop
potes of GZO'(S) because of the loop arrangements. When expanded into
polynomial form, the poles and zeros of Gzo‘(s) may be computed. The com-
puter program of Appendix D evaluates-the necessary coefficients and com-
putes the polynomial roots in the same way as for 611(5).

Because of the loop arrangements, the zeros of GZO'(s) are very
nearly equal to the closed lToop poles of the vehicle. An example is

S

-0.337 + j 0.626
S

"

-0.352 + j 0.636

and thus this dipole pair does not have any effect on the design of f22

and K22. The resulting root locus has the general form shown in Figure 6-22.
The pair of poles is shown slightly off the origin because of the torsional
restraint KeZ at the hinge point.. Depending on physical parameters and
controller design, the boom mode pair may be close enough to the 1/52 part
of the locus to radically change the form of the root Tocus.
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Figure 6-22. General Form of Root Locus for GZOQHZZ'

With the root locus available, the position of f22 may be set to give
approximately the desired bandwidth. K22 may be computed from the root
locus gain and a check made on the final closed loop bandwidth. A typical
case is shown in Figure 6-23 for Ly = 3.05 m, L, = 0.3 m, EI = 33060 Nu®
and f22 = 7.0. Depending on the value of controller damping selected, the
natural frequency ranges from 9.5 to 12.5 rad/sec. For a value of &= 0.5
on the controller, a natural frequency of 9.5 rad/sec results and corresponding
to the root locus gain of 75 a maximum boom damping of 0.27 is obtained.

Disregarding the negligible effects of the dipoles, the closed loop
bandwidth of the controller may be quickly estimated from a Bode plot of the
system function. Because of the zero at 'f22’ the bandwidth is twice the
natural frequency for a damping ratio of 0.7, while for a damping of 0.5
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Figure 6-23. Example Root Locus Showing Typiéal Bandwidths and Damping
Ratios Obtainable for the Antenna Controiler.
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the bandwidth is somewhat more than twice the natural frequency e For
brevity in following discussions, bandwidth and natural frequency are used

almost synomously but the distinction should be kept in mind.

As a comparison with the boom natural frequencies indicated by
the system functions, it is possiblie to treat the boom as a spring with
a spring constant,

with a tip mass to obtain the approximate boom frequency. This is given

by

= kb

W
boom
Mo
Frequencies computed in this way are 20-25% lower than those from the
root-locus plots, but calibrated curves may be plotted to yield the actual
¥y oom from the approximation if desired.

6.2.4 Dynamic Boom Damping Studies

With the design procedures of the preceding sections, various values
and parameters may be perturbed to study their effects. As already noted,
the ciosed-loop poles of the vehicle controller form a close dipole with
the zeros of GZO‘(S). Thus the effect of the vehicle controller bandwidth
is negligible at least as long as it remains near 0.5 to 1.0 rad/sec. For
this reason, the vehicle controller bandwidth is not varied in the following
studies.

To fully characterize the dependence of achievable boom damping on
boom stiffness EI and antenna éontro11er natural freguency., a series of
designs was examined. Root locus plots were generated for many different
cases and achievable boom damping was studied parametrically. The base-

Tine system used the parameters
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3.05 m (10 ft) L

Ly = 5 = 0.3 m (1 ft)
Ky = 2003 —m f- = 0.75 sec”!
11 rad/sec 11 :

Boom stiffness EI was varied between 60,000 pound—feet2 and 500,000 pound-

feetz, i.6.,

24,795 N’ < EI < 206,625 Nm®

and the antenna controller natural frequency was varied between 7 and 25
rad/second with the damping ratio Lo constrained to remain between 0.5 and
0.7. The results are summarized in Figures 6-24 and 6-25 where achievable
boom damping is plotted versus boom natural frequency. The boom frequency
is that shown on the root locus plots, i.e., vehicle and antenna hinge dy-
namics are included, and it is about 20% higher than the frequency obtained
from the simple boom formula given earlier. As will be shown, the most
meaningful design criterion is 9y oom relative to e
that - is a function of L], Mz, and EI, and if L1 and M2 are fixed,

5 50m is directly proportional to EI: In Figures 6-24 and 6-25, the boxed
legends contain the values of EI in pound-feet2 that correspond to plotted
points on the curves directly below. Also entered are the corresponding
values of antenna controller natural frequency and dambing.

It may be recalled

Figure 6-24 displays the dynamic boom damping versus boom natural fre-
quency when the antenna controiler natural frequency 1s held constant at
11.0 and at 22.0 rad/second. The peaks are not too sharp thus showing
moderate sensitivity to boom frequency, and the peak attinable values are
almost equal. The slight improvement at increased bandwidth is negligible.

Figure 6-25 shows the boom damping when the Targest attainable value
is chosen with the antenna controller damping constrained to be in the de-
'sign interval of 0.5 <z, < 0.7 and the natural frequency is ailowed to
vary about some nominal value. In the present case, this implies choosing
the Towest permissible L6 vaiue as shown in the Tegend of Figure 6-25.
Now the peak attainable boom damping is equal for the Tow and,high bandwidth

6-47



8r-9

0.4 1

0u3'

0.2 ¢

0.1¢

Acboom

LOW BANDWIDTH CONTROLLER

EI 60K 70K 80K 120K 160K
Boc 11.0 11.0 11.0 11.0 11.0
3 0.58 0.5 0.57 0.54 0.6
¢ HIGH BANDWIDTH CONTROLLER
EI 80K 120K 200K 250K 350K 500K
“ne 22.0 22.0 22.0 22.0 22.0 22.0
e 0.69 0.61 0.5 0.5 0.57 0.63

10

Figure 6-24,

3 L s
T T ¥

15 20 25 30
(Rad/sec)

Dynamic Boom Damping vs. Boom Natural Frequency for a

Fixed Value of Antenna Controlier Natural Frequency L

The boxes contain values for EI in 1b-ft2, the closed Toop
antenna controller natural frequency, w__, and controller
damping ¢ _ which correspond to the plotggd points directiy
beneath off the respective curves.

“boom



6%-9

LOW BANDWIDTH CONTROLLER

EI 60K 70K 80K 120K 160K
W 10.7 10.7 12.5 12.0 11.0
4 0.5 0.5 0.7 0.7 0.65
€ HIGH BANDWIDTH CONTROLLER
EI 80K 120K 200K 250K 350K 500K
boom
A W 18.7 20.0 22.5 22.0 20.0 16.5
Lo 0.5 0.5 0.5 0.5 0.5 0.5
0.44
gl
0.341\.
0.2+
0.1t
+ } $ t } t y >
5 10 15 |
. 20 25 30 (Rad/sec) 3° “boom
Figure 6-25. Dynamic Boom Damping vs. Boom Natural Frequency with Antenna

Controller Damping Ratio Constrained to the Design Interval
of 0.5 to 0.7. ’

The boxes contain values for EI in Ib-ftz, the closed Toop
antenna controller natural frequency, w,., and controlier
damping &, which correspond to the plotted points directly
beneath ori the respective curves.



cases. It is, however, important to note the need for increased boom stiff-
ness as controlier bandwidth is increased if boom damping is to be main-
tained. This translates physically into the fact that a very soft boom is
difficult to damp while on the other hand the frequency of a stiffer boom
must still be sufficiently near the controller frequency so that the con-
troller "sees" the boom vibrating and can act to dampen the vibration. An
and in both cases the ratio

interesting ratio may be computed as “boom/wnc
is about 1.4, If this ratio is written in terms of the bandwidth of the
controller, the result is Doom - 0.7 x bandwidth (assuming 0.7 damping
for the antenna servo). This clearly shows that B oom must be within the
bandwidth of the controller for maximum achievable boom damping.

The overall importance of the preceding four curves in Figures 6-24
and 6-25 is that an optimum boom stiffness exists when dynamic boom damp-
ing is to be maximized. Or conversely, if the boom stiffness is design-
fixed, an optimum controiler bandwidth (natural frequency} exists and
should be determined. The latter may be constrained by servo performance
requirements. The preceding study was discussed for a nominal 3.05 inch’
(10 feet) boom, but additional studies with various boom lengths indicated
similar trends. This is clear, since Yoo in effect is a normalized vari-
able containing boom length, boom stiffness and tip mass.

Another, perhaps more meaningful criterion for selecting (optimum)
boom stiffness and antenna controller parameters is the following. The
response of the antenna boom may be considered to be damped, oscillatory,
and second-order. Then, if rapid decay to small amplitude oscillation is
considered the primary design criterion, the envelope time constant should
be minimized as a function of boom stiffness. Using Figures 6-24 and 6-25,
the attainable boom damping Zhoo has been muitiplied by the corresponding
and replotted here in Figures 6-26 and 6-27. The product of
is the reciprocal envelope time constant of the damped second-

“hoom

“boom “boom
order pole pair corresponding to the boom response and thus it is the quan-

tity to be maximized.
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Figure 6-26 shows the attainable reciprocal time-constant when the
antenna controller natural %requency is held constant over the range of
boom stiffness 24795 to 206625 N-m? (60,000 to 500,000 1b-ft?). The
shorter curve corresponds to an 11 rad/sec controller natural frequency
while the other is for 22 rad/sec. Both curves show a region of saturation
where further increase of boom stiffness does not yield faster envelope
decay. The 11 rad/sec case indicates that the ®yo0m factor begins to
predominate at around 160,000 1b-ft2 boom stiffness (”boom = 20 rad/sec),
and the same behavior is expected for the 22 rad/sec curve at some value
of stiffness above 500,000 1b-ft° (w = 35 rad/sec). Since the z,
is decreasing beyond a certain point on both curves, an increased number
of boom oscillations are being traded for faster decay time.

It is important to finally note in Figure 6-26 that the minimum attain-
able time constant is smaller for the case of a higher bandwidth antenna
controller. This is in contraxt to Figures 6-24 and 6-25 where the peak

damping %00 is nearly the same for both Tow and high antenna controller
bandwidth.

Figure 6-27 shows the attainable reciprocal time-constant when the
optimum antenna controller damping ratio is selected within the design
interval of 0.5 to 0.7. Except for small local variations, the behaviors
and magnitude of the two cases are now quite similar to that in Figure 6-26
The exception is that there is a magimum aréund Soom = 30 rad/sec. Beyond
this the time constant begins to increase again indicating longer decay times.
Again, a faster decay time is obtainable for case of the high pandwidth
antenna controller.

6.2.5 Antenna Boom Deflection Responses

Using the previous design results. a simulation was generated to ob-
tain the form and amplitude of the boom deflection angle oy and the vehicle
response. The coupled vehicle-antenna control system were shown in Figure
6-18.
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Responses for a step ac(t) coﬁmand and a ramp ac(t) cormand are con-
sidered here for the 11 rad/second and 22 rad/second natural frequency an-
‘tenna controllers. For the 11 rad/second controf1er, the above studies
indicated a boom stiffness of approximately 49,500 N-m’ (120,000 pound-
feetz) while the 22 rad/second controller requires a stiffness of at least
144,637 N-m® (350,000 pound-feet?)- to obtain the fastest transient decay
time. Boom motion in response to a unit step antenna angie command for
these two cases are shown, respectively, in Figures 6-28 and 6~29., The
upper plot of each Figure shows the vehicle attitude 0y while the middle
plot shows the antenna angle «. The lower plot shows the boom deflection
angle. Since the step input is unity and the system model is Tinear, the
outputs may be scaled by inspection for variéus input units of interest.
Degrees are indicated in the Figures. '

At times the antenna will be steered with a slewing command which is
taken here to be a representative 2 degrees/second. For other ramp inputs,
the outputs may be scaled accordingly. Figure 6-30 shows the low (11 rad/
second) natural frequency controlier case while Figure 6-31 shows the high
(22 rad/second) controller case. For both step and ramp inputs, the higher
frequency response associated with the higher boom stiffness EI is evident
in the plots. Also evident is the period of the vehicle controller. With
the design value of Woe = 0.7 rad/second natural frequency for the vehilce
controlier, the period of T = 25/0.7 = 8.98 is that shown in the plots.
Note that the initial vehicle attitude transient in response to the antenna
ramp command dies out quickly as the antenna continu-s to track/slew.

At the time the system designs were performed, the representative
value of hinge restraint Ke2 was 0.0135 N-m/rad which turns out to be
s]ight]y greater than the present estimate of 0.0093 N-wm/rad. It was ascer-
tained in design studies that the small hinge restraint K62 has an almost
negligible effect on responses o and vehicle attitude 0. However, a part
of the boom deflection 6y, may be shown to be nearly proportional to K62 as
follows. From Equation (C-18) in Appendix C, the following equation may
be obtained.
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Figuré,§r30.‘ Sigtém~§ag§ responses, 11 rad/sec controller
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Figure 6-31.

System ramp responses, 22 rad/sec controller
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where yE is the lateral hinge point displacement, and T0 is the controller
torque on the antenna. For the present flexible boom that is uniformly
curved, the bending displacement yp, can be approximated by L1 ab/Z. In-
serting the latter expression in the preceding equation yields
L] L1

o = Ko Er le-gy) - g T
For the present situation, with K62 0.01, the coefficient of the first
term is two orders of magnitude smaller than the L /El value and so the
effect of K62 on the boom is also nearly negligible. The preceding equa-

tion also shows that the boom deflection is inversely proportional to the
stiffness EI as expected. ‘

6.3 Flexible Solar Array Effects

Approximate single-axis models are used to study the effects of the
solar array stepping motion on the vehicle attitude jitter for the LANDSAT-D
spacecraft. Bending and torsional modes of array vibration are considered
for the fundamental mode frequencies, and higher mode frequencies are com-
puted. The higher modes are compared to the present cogging (stepping)
frequency and it is found that torsional modes 4 and 5 are close to integer
multiples of the cogging frequency.

The analyses here indicate that the bending disturbance from the array '
is small and that the total vehicle pitch disturbance from cogging is
+ 5.5 urad which is approximately one-half the budget of + 10.6 urad. Both
the torsional and bending'responses are stable for the Towest mode fre-
quencies. '

, The analyses conducted here must be viewéd as preliminary, since only
simplified single-axis dynamic models were used. The actual problem is
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much more compiex, mainly due to the 37.5 degree cant angle-of the array
and the existence of higher order flexible modes. '
i

Further investigation is, therefore, strongly recommended using more
complete multi-axis dynamic models together with flexible array models to
definitize vehicle jitter Jevels. .Also, the responses of higher modes,
particularly torsional modes 4 and 5, should be examined for jitter re-
sponse levels if the present cogging frequency of 3.41 Hz (0.018 degree/
step) is retained. Possible torsional modes arising from the flexible
array shaft and spring constant of the harmonic-drive gear reduction may
also require modeiling and analysis.

6.3.1 Spacecraft and Array Bending Model

This brief study examines the effects that a flexible driven solar
array has on the spacecraft attitude control system with respect to sta-
bility and pointing jifter. A preliminary spacecraft attitude control sys-
tem design has been performed in Section 6.2 with necessary consideration
given to the effects of a flexible antenna boom and an antenna controiler,
Using those design values, the purpose here is to determine how the motion
of the flexible solar array affects the pointing stability of the space-
craft. )

The problem is considerably complicated by the fact that the solar
array is canted at an angle of 37.5 degrees to the main spacecraft body as
shown in Figure 6-32. This jmmediately calls for a three-axis fiexible-
body modelling and analysis which is beyond the scope (available time/
funding level) of the present study. Thus, some simplified ané1yses based
on approximate models are performed and points of further study are out-
Tined.
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<2 __-Solar Array

l;

Figure 6-32. Array Orientation for Maximum Distuvrbance Torque

The arvay is known as a FRUSA (FieXibie Rolled-Up Solar Array) and
jts structural complexity does hot lend itself to simple modelling. How-
ever, structural information indicates that the array consideration as a
flat plate has first bending frequency modes of 0.3 Hz (torsjonal mode)
about the axis of rotation, and 0.08 Hz (bending mode} about an axis per-
pendicular to the axis of rotation and in the array plane. The possible
interaction of these mode frequenciesvand their higher mode counterparts
with the array cogging frequency is an integral aspect of the overall prob-
Tem.

Since the rol1l moment of inertia IXx is the smallest, the flapping
motion of the array will produce the greatest effect on the main body when
the array is oriented as shown in Figure 6-32 or when it is rotated 180
degreés. Analytically these positions are equivalent. The supporting
shaft from the solar array drive unit is considered perfectly rigid for
analysis at this time. In orbit, the array is being driven by a positive
pitch axis cogging torque which advances the array 0.018 degree per step.
This cogging motion induces a bending of the array about its root, .and the
bending then exerts a roll torque on the main body.
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Since the distance from the main body center-of-mass to the root of

the array is small compared to the array length, it is reasonable to model
the bending as shown in Figure 6-33.

Flexible . . .
Massless 2 RI?IT ;nertxa
Boom 2 Mo

Figure 6-33. Analytic Dynamical Model of Array

Té represents the disturbance torque acting in roll which results from the
array being stepped in the pitch axis. This interaxis coupling occurs be-

cause the array is canted. Magnitude and shape of this torque are estab-
Tished in the next section.

Since the Towest mode frequency is known, an equivalent boom stiffness
EI may be computed from basic beam relations as follows:

-\ /_k____
! M+ .25m

where k = 2 EL
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and M is the cantilevered mass, m is the boom mass and ¢ is the length.
Inserting known values and solving for EI yi€lds

El = 178.8 N-m’
which is a Tow number as expected for a flexible array.

The equations of motion are derived in Appendix E and yield the fol-
lowing open-loop transfer function between 91(s) and Té(s).

oy S4 + e, 52 + q

84(s)
TE o7 = B(s) = = i 20 (6.3-1)
. a ST {8y ST+ 8, S”*+8)

where the &y and B, are as defined in Appendix E.

The roll axis controller is treated here as rate plus position as dis-
cussed previously. Gain parameters consistent with the design procedure
must be used here and these result in a roll system with 0.5 damping and
natural frequency 0, = 0.75 rad/second. With the roll axis controller pre-
scribed, the closed-loop system may be drawn as in Figure 6-34.

T,'(s)

ik s (O)— & : 8,(s)

’Kl](s + f11)

Figure 6-34. Closed-Lloop Control System
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Hriting the overall closed-loop transfer function yields

4 2
9. (s a, S +a, s+ a
L ()) - 4 2 0 (6.3-2)
T.'(s 6 5 4 3 2
a bg ST+ by ST +b, ST+ by ST+ b, S° + by S+ by
where
3 Ty 32 T % % T %
bg = By by = Ky o by = By * Ky Tyy oy
b3 = Ky o by = B * Ky fyy o
by = Ky o bo = K1 T e
Using the roll axis values for f11 and K]],-the closed-loop roots may
be computed. When this is done, a dipole-pair cancellation may be made
for the following pole-zero pair.
Numerator: 0.0 + j 3.0720
Denominator:  .00058 + j 3.0742
and the resulting transfer function becomes
() 392 x 107 (5% + 0.21) (6.3-3)

T (s) (S% + 0.965 + 0.79) (S° + 0.017 S + 0.14)

It «can be seen that the response will contain two second-order component
responses one of which is very Tightly damped. This is the array response
with an o = 0.37 (0.06 Hz) and damping ratio of 0.023. The remaining com-
plex pair of poles represents the attitude controller response with

w, = 0.89 and damping ratio 0.54. The periodic solar array disturbance
torque Té is modelled in the next section, but first the unit-step response
is shown to display the basic behavior.
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Figure 6-35 shows the unit-step response of the system to a vehicle
torque command which reprasents the array roll torque on the vehicle. The
upper trace represents the attitude-controller contribution while the mid-
dle trace is the array response contribution. The sum of these two, plus
the constant step-term not plotted, yield the bottom trace which is the
net vehicle bending step response. As expected, the lightly damped array
mode response persists for a considerable time, but the responses are
stable. The purpose of the plot is to show the form of the response, and
thus the input is a 1 N-m step torque which is orders of magnitude greater
than the expected torque input. Also the 3.7 x ‘10"4 factor of Equation
(6.3-3) was not included in the piots for simplicity. The actual offset
shown may easiiy be computed to be 1.9 from the function in {3-3) and this
agrees with the value in the total response.

_ 6.3.2 Approximation of Array Torques on Vehicle

Although the step-response is informative, the periodic response of
the vehicle to the periodic bending array mode is of more significance,
and although the exact form of the array torque T, cannot be found without
extensive additional multi-axis modelling and simulation, an approximation
to it can be found as follows. The applied torque about the array shaft
may be approximated as shown in Figure 3-36 and from it the angular pitch
velocity of the array may be determined by considering the vehicle to be
fixed.

Tc(t) A= 015 Sec
T » . Tog 73.6 N-M
° P = .2932 Sec
0
A 2A P0+A _ED+2A I I N
Po

‘ Figure 6-36. Cogging Torque Pulse Train
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The angular veﬁocity e(t) may be found by simply integrating Tc(t)/I

where I is the inertia of the array. Doing this yields the triangular wave
train shown in Figure 3-37.

Q(t) A
{1 1
P 7, = 6.04 x 1074 v/s
Iy
24 P t

Figure 6-37. Array Angular Velocity Profiie

Approximating the centrifugal force by fc(t) = mrﬁz(t) where v 1is the
radius from the pitch axis to the array center of mass, the force acting

on the center of the array takes the form of parabolic segments as shown
in Figure 6-38. '

f.(t) A

Parabolic f = 2.69 x 10'5 N

l[‘/ Segments P

28 ( P, t

-~
L]

Figure 6-38. Array Centrifugal Force Profile
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The geometry of the problem shows that there is a moment arm of 8.3 m
from the array center-of-mass to the vehicle center-of-mass, and this used
with the normal component of fa(t) permits evaluation of the array torque
profile. It has the same form as shown in Figure 6-38, but a different
amplitude. The peak amplitude of the pulse train is easily shown to be
1.77 x 10"4 N-m which may be applied as input to the transfer function in
(6.3-3).

6.3.3 Vehicle Response to First Bending Mode

A simulation was developed to model the system of Figure 6-34 and the
array torque of the preceding section was applied as input. Since the
time interval A is smalil relative to the change in torque, a Tinear tri-
angular approximation to the parabolic wave form was used. Figure 6;39
shows a short sequence of input pulses and the resulting output response.
The response corresponds in a way to the rising early portion of the step
response in Figure 6-35, since the train of torque pulses has a constant
average vatlue. The roll attitude will, therefore, converge to a small roil
offset, since the simplified ACS model used here did not contain integral
compensation. The jitter response of interest is barely discernabie. To
measure the jitter., a portion of the plot was expanded and replotted as
shown in Figure 6-40. Based on it, the peak-peak jitter value is
2.26 X 10'9 rad which is very small compared to the specification allowance
of + 10.6 prad jitter over a 20-minute interval (ic). The step response
hang-off portion of the response can be ignored because in the steady-state
condition it will decay to zero when integral compensation js present,
Teaving only the forced jitter response. If the estimated amplitude of the
triangular array torque is estimated in a very conservative manner, then a
simple ratio of amplitudes shows that 0.83 N-m peak array torque Té may be
tolerated before the + 10.6 urad specification is reached. While the
2.26 X ]0'9 rad jitter is very small, it does agree with published remarks
concerning the FRUSA array interaction with the attitude control system in
physical experiments Reference 9.
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Figure 6-40. Enlarged Portion of Figure 6-39 to Display Bending Response
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Figure 6-40. Enlarged Portion of Figure 6-39 to Display-Bending Response




6.3.4 Spacecraft Model for Torsional Mode

Similar to the bending mode the torsional mode also requires a con-
siderably more complicated analysis than called for in this study. Instead,
a single axis model with torsional bending is used here to estimate the
vehicle response to array cogging. Only the first torsional mode is con-
sidered. Figure 6-41 shows the single-axis model used for analysis.

X
Figure 6-41. Torsional Mode Model

For a rigid main body with a rate plus position controiler, perfect
torque transducer, and a first bending mode, the block diagram of the sys-
tem is customarily drawn as shown in Figure 6-42.
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Figure 6-42. Torsional Mode System Diagram

The parameters Iyy’ Kigs F1qs Tc(t) retain the same meaning as before
while 1/K], Tys and‘w] represent the generalized mass, damping, and first
mode frequency of the array. Details of calculating K are given in Ap-
pendix F, while 01 is the specified mode frequency of 0.3 Hz. The damping
21 should be obtained from physical data, but is customarily assigned a
very Tow number on the order of 0.001 to indicate almost negligible struc-
tural array damping. A Tinear stability analysis of the system of Figure
6-42 showed that it is stable; the torsional mode merely adds a 1ightly
damped dipole pair in the s-plane at the torsional mode frequency.

Treating the cogging torque as an equal and opposite torque on the
main body, the 6(s) response may be obtained by simulation and examined
for peak-peak jitter level. For an applied cogging .torque, with profile
as shown in Figure 6-36, the response is shown in Figure 6-43. The esti-
mated peak-peak jitter value is 5.5 x 10_6 rad which is approximately one-
half the specification budget of + 10.6 urad. The small staircase effect
in the plot is a function of plotting quantization and does not represent -
system response.

6.3.5 Analysis of Mode Frequencies

Considering the array as a cantilevered beam permits the higher mode
freguencies to be determined from the fundamental modes and array physical

. parameters. The relationship is
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El

Wy T 8 i o
where
wy T Mass/Unit Length
2 = Length
EI = Stiffness

and a, is an appropriate mode constant. The mode frequencies up to, the
fifth are shown in Table 6-7 for both the bending and torsional modes.

Table 6-7. Array Mode Frequencies

MODE a, BENDING 0 TORSIONAL wy
Rad/Sec hz Rad/Sec hz .

First 3.52 0.50 0.08 1.88 0.30
Second 22.0 3.14 0.50 11.8 1.87
Third 61.7 8.81 1.40 33.0 5.25

Fourth 121.0 17.3 2.75 64.8 10.3

Fifth 200.0 28.6 4.54 107.1 17.0

The proposed cogging frequency of 3.41 hz (0.2932 sec period) may
now be compared to all the mode frequencies to see if any integer ratios
exist. It turns out that the torsional mode frequencies of Wy and wg
are integer multiples of the cogging frequency and the possibility exists
of synchronously cogging the array in phase with its natural response.
The remaining frequencies in the table are all non-integer ratios and are
acceptable. It should be remembered at this point that although exact
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numbers are obtained for higher mode frequencies, higher order modes must
be considered to be in practice increasingly more indeterminate.

6.3.6 Conclusions

Based on the approximate analysis techniques of this study, the follow-
ing conclusions can be drawn: )

(1)

(2)

For both the bending and torsional modes of array vibration,
the response of the vehicle control system is stable with a
cogged array drive.

The vehicle jitter arising from the array cogging is very
small for the 0.08 Hz bending mode; the present analysis
showed a peak-peak jitter Tevel of only 2.3 x 1077 rad.

The vehicle total jitter arising from the torsional mode and
the array cogging torque is *+ 5.5 wrad which is very near
one-half the + 10.6 ﬁrad budget. This indicales the speci-
fication can be met.

Torsional mode frequencies four and five are almost exact
integer multiples of the proposed cogging frequency. If the
Tatter is not changed, the response to these modes should be
studied to determine if they are appreciable. Sensitivity
analyses should also be conducted for wy and W because of
the indetermininacy of higher modes. Asynchronous array
stepping may be considered as an alternative.

If definitive answers regarding vehicle jitter are desired,
considerably more complex two or three axis dynamic models
should be derived which include the f]exibie array dynamics.
Except for linearized stability and damping studies, these
will probably require simulation because of their complexity.

6-75



6.4 Normal On-Orbit Control Law

This section formulates the LANDSAT on-orbit control Taws. The speed-
biased mode of reaction wheel operation is presented and normal on-orbit
performance is examined for the magnetic momentum unloading control system
and compared to earlier magnet sizing studies in Section 4.0 where a
simpler simulation was used for sizing. Present results with a detailed
3 degree-of-freedom dynamic simuiation confirm that the NASA Standard Reac-
tion Wheels can be operated on L-D at a bias speed. They also show that
the 50,000 pole-cm windings of the magnets are sufficient to achieve mo-
mentum unloading and thus they may be operated in the redundant mode using
only one winding.

Normal on-orbit performance js studied for various gyro noise levels
and scale factors. Results show that the jitter levels on an RSS basis
are less than one-half the total attitude stability error budget of
+ 10.5 urad (1s). The problem of gyro signal aliasing due to high fre-
quency jitter sources such as wheel unbalance, etc., is briefly examined
for a typical sampling frequency and appears not to be a problem.

6.4.17 Speed-Biased Control Law

The MMS ACS module, see Figure 2-5, contains nominally four NASA
Standard Reaction Wheels having the characteristics shown in Tabie 6-8
beTow. The wheels are configured such that three are orthogonal, one along
each of the three (x, ¥, z) control axes, and the fourth wheel is skewed
equiangularly from the others so that its momentum vector contributes
equally in all three control axes. The intended function of the fourth
skewed wheel in the MMS ACS module is to provide standby redundancy in case
one of the orthogonal wheels fails. With three-wheel operation on L-D,
external disturbance torques together with non-uniform magnetic unloading
(due to changes in the field) tend to produce wheel speed reversals on the
order of 4-6& times per orbit. Because of the nonlinear static and cou-
Tomb friction characteristics of the ﬁhee]s (0.005-0.01 Nm = 0.75-1.5 ‘inch-
ounces assumed) each wheel speed reversal produces attitude disturbances
between 50 and 90 prad (Reference 10) which violates the L-D attitude sta-
bility specification of 10.5 prad.
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Table 6-8. NASA Standard Reaction Wheel Characteristics

Momentum 20 Nms
Torgue Capability
" Normal Mode (stal1-0.5 sync) 0.15 Nm
Super Torque (less than 5 min/
100 min) 0.3 Nm
Breakaway Torque 0.003 Nm

Synchronous Speed

2100-2700 RPM

Tachometer (optical)

240 pulses/rev .

Power
Running 0.5 sync speed b watts
Peak Torque at 20 Nms 75 watts
Weight 10 kg
Diameter _ 0.35m
Height 0.15 m
Operating Life 5 years

Input Voitage
Normal Mode

Super Torque Mode

28 volt zero—peak‘400 Hz square
wave (2 phase, 90 deg shift)

40 volt zero-peak 400 Hz square
wave
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To avoid wheel speed reversals, it is recommended to operate all four
wheels at a speed bias while still maintaining a nominally zero momentum
bias system. This can be accomplished by operating the skewed wheel at
—\f§ times the momentum of the orthogonal wheels. To give all wheels equal
momentum ranges, a simple calculation shows that the bias should be 7.32
Nms for the orthogonal wheels and -12.68 Nms for the skewed wheel. Assum-
ing that 2400 RPM corresponds to the nominal 20 Nms reaction wheel momen-
tum capability, the nominal wheel speed biases become:

e Skewed Wheel Speed Bias o g = -1521 RPM (~12.68 Nms)

W
® Orthogonal Wheel Speed Bias le.= 878 RPM (7.32 Nms)

The roof mirror scanning wheel of the TRW Thematic Mapper adds a mo-
mentum source of 3.89 Nms to the spacecraft, almost exclusively in the
X-axis (HTMX = 3.89 cos (10 degrees); HIMZ = 3.89 sin (10 degrees)}), and the
reaction wheels must be used to absorb this momentum. Thus the sign of
the nominal x-wheel momentum bias should be selected to oppose the TM scan
wheel momentum so that the 3.83 Nms can be added to the above computed
nominal x-wheel bias. Thus, with the TRW TM the wheel speed biases be-

come then:

RW Speed Biases with TRW Thematic Mapper

* Skewed Wheel Speed Bias wyg = -1521 RPM (-12.68 Nms)

8 X-Wheel Speed Bias wyx = 1338 RPM (11.75 Nms)
6 Y-Wheel Speed Bias wyy = 878 RPM (7.32 Nms)
o  Z-Wheel Speed Bias wyy = 960 RPM (8.0 Nns)

Note that each wheel can still swing + 7.32 Nms.

In case one reaction wheel fails, the speed biased mode of operation
must be abandoned and normal three-wheel operation initiated; the momentum
bias of the TM must, however, be accounted for, i.e., iT the skewed wheel
has failed, the x-wheel would have to operate about a bias of 3.83 Nms and
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the z-wheel about a bias of 0.675 Nms. An appropriate geometric distribu-
tion matrix must be applied if an orthogonal wheel haﬁ failed. The wheel
speed reversal attitude transients must then be tolerated when only three
wheels are operating. However, experience has shown {see Section 4.0) that
due to the magnetic unloading Taw employed, both the y- and z-wheels tend
to operate about a small bias and that speed reversals mainly occur in the
x-wheel. Thus, the internal momentum bias introduced by the TM will be ad-
vantageous in reducing wheel speed crossovers, since it hiases the x-wheel
Jjust sufficiently off null. The situation is somewhat different with an
orthogonal wheel failed, but the scan wheel momentum bias introduced by the
TRW Thematic Mapper still aids in avoiding wheel speed crossovers.

Speed-biased operation of all four reaction wheels is the recommended
baseline normal on-orbit attitude control strategy for LANDSAT-D. There
are essentially two basic ways to obtain the speed-biased wheel operation.
The first is to control the fourth wheel at all times through the wheel
geometry command distribution matrix TNB‘ A second and more favored ap-
proach is to run the fourth wheel at a constant spead, here 1521 RPM, by
supplying it with a small torque command to offset wheel friction. A rela-
tively crude tachometer can monitor the wheel since a constant speed is
commanded. One only should make sure that the speed command coincides with
a tachomater quantization level to avoid speed dither of the wheel, which
depending on the quantization and sampling time used, could otherwise con-
tribute to pointing instability. With this approach, & means of restoring
active control commands to the fourth wheel will be needed in the event
that one of the other three wheels fail.

The three orthogonal wheels are used in conventional torgue control
mode, as opposed to momentum control mode, and will automatically maintain
operation about their biased speeds as long as the fourth wheel is control-
led as described. A previous study on STORMSAT (Reference 10) has shown
that the torque mode is preferab1e, since the adverse effects of tachome-
ter deadzone* and tachometer ripple* introduced in the momentum control

*Not applicable to speed biased operation when four wheels are active, but
applies to three wheel operation; the entire discussion applies only to
the three wheel fall-back operating condition.
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mode outweigh the advantages of a feedback loop around the wheel friction
nonfinearity (in speed-biased operation nonlinear friction plays nc part).
The moméntum control mode advantage of not requiring gyro derived body
rates for system damping is not applicable here, since an IRU (Inertial
Reference Unit) is required in any event for attitude determination and is
a standard component of the MMS ACS module. The STORMSAT study assumed a
100 pulse per revolution magnetic pick-off tachometer to be used in con-
junction with momentum control; the now available 240 pulses per revolution
optical encoder tachometer should yield sTightly better momentum control
performance. However, extrapolating from the previous results, no signif-
icant performance improvement can be hoped for and the adverse effects of
tachometer ripple on attitude stability is expected to still exceed the
effects of gyro noise whenever the wheel oﬁerates at low speeds. Moreover,
the required control software/hardware is more ccmplex for the momentum
control mode due to the required wheel speed servo loops.

So torgue control of the three orthogonal reaction wheels is base-
Tined for L-D. For clarity a single axis control Taw block diagram is
shown in Figure 6-44. Figure 6-45 shows all four reaction wheels. Note
the constant speed control loop for the fourth skewed wheel and that its
torque is only shown as a dashed Tine since it is nominally zero, except
of course, when it is brought up to bias speed. Note also that for all
wheels the integrators with their Timiters are shown after the geometry
distribution matrix TWB’ i.e., one integrator is associated with each
wheel. The main function of the integrators is to offset wheel friction
and aid in redﬁcing wheel speed reversal transients during three wheel
operation (constant, offset-producing disturbance torgues are very small,
but their effects are also negate& by the integrators). The integrators
are Timited sTightly above the wheel friction levels so that their effects
of reducing system damping is not present during larce signal attitude
convergence transients. The Tlimiters are thus associated with the fric-
tion level of each individual wheel and are easier to determine this way
than if there were only three integrators outside {before) the geome%ry
distribution matrix. A]so,‘since the integrators are implemented digi-
tally, their sign could, by special logic, be instantaneously reversed at
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wheel speed reversal 1o suppress the attitude transiént, and, therefore,
one integrator should be directly associated with each wheel. One should
note, however, that this entire discussion applies only to three wheel
operation under the assumpticn that one of the orthogonal wheels has failed.
Otherwise the command distribution matrix is

1 0 0
001 0
Wty g
0 0 0|

and it really does not matter where the integrators are situated.
Table 6-9 below summarizes nominal on-orbit attitude control system
parameters, The Dahl friction model used for the reaction wheels is shown

in Figure 6-46.

6.4.2 Normal Operation

A functional block diagram of the attitude control system is shown in
Figure 6-47, including solar array and Ku-band (TDRS) antenna controi.
Factors affecting the solar array and antenna steering control Taws are the
array clearance with the antenna Tine-of-sight to the TDRS, Thematic Mapper
activity, day and night conditions, and TDRS location. For the solar array
control law, Figure 6-48 displays the main factors to be considered. As
shown there, the solar array is rotated to remain perpendicular to the sun's
rays while the vehicle is within + 45 degrees of the eciiptic plane (de-
scending node at equinex). In the angular regions beyond + 45 degrees and
extending to the terminator line, the solar-array is stationary to avoid
blockage of the TDRS antemna. This requires that the array be other than
perpendicular to the sun's rays at various times and a small loss in power
is incurred (see Section 3.5 for more details). In the third region, when
the vehicle is still in sunlight but the earth below is in darkness, the
array is again driven to be perpendicular to the sun rays because the
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Table 6-9. Nominal Attitude Control System Parameters

- Axis

Ro11 (x,) | Pitch (yp) | Yaw (z,)

Moment of

Inertia, I.. 2034 2671 2373

\
N\

(kg-mz)

Natural
For Frequency, . 0.7 0.7 0.7

Sigrals | (rad/sec)

Only* -

Damping
Ratio, ¢ - 0.4 0.4 0.4

Position
Gain, Kp . 509 668 593

(N-m/rad)’

Rate Gain, KR 1017 1335 1186
(N-m-sec/rad)

"Integral
Gain, KI

(N-m/rad-sec)

1.0 1.0 1.0

Integrator
Limit, LI 0.02 0.02 0.02

(N-m)

NN

Stope 6
Parameter, vy 10
pahl (N-m-rad) ™!
Friction

10 10

Parameters
Running
Friction, Tfo - 0.01 0.01 0.01

(N-m)

*For large signals with saturated integratot,mn = 0.5 rad/sec, ¢ = 0.5,
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Figure 6-48. Solar Array Drive Conditions

Thematic Mapper is no longer taking data to be relayed to the TDRS. Fi-

nally, as the vehicle enters darkness, the array is clocked around open-

loop to be perpendicular to the sun rays as the vehicle again enters sun-
light.

For the antenna, the control scheme is as follows. The antenna gim-
bals are commanded by the on-board processor as shown in Figure 6-47 to
point the anteﬁna at an expected TDRS Jocation. If the TDRS is acquired,
the autotrack assumes command of the antenna to keep it trained on the TDRS.
If the TDRS is not acquired at the expected location, the 12 degree heam-
width acquisition horn is used or a spiral search pattern is initiated un-
ti1 the TDRS is 1oca{ed and then the autotrack assumes command.

The reaction control system (RCS) is only used during the acquisition
sequence and during stationkeeping maneuvers (aAV). The coarse and fine sun
sensors are nominally also used only during the acquisition sequence. Mo-
mentum unloading takes place continuously using torque derived from the
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interaction of the magnetic bars with the earth's magnetic field. The com-
manded magnetic moment M is generated according to the linear law

where
K -~ 1is a suitabie constant
H, - 1s the momentum error vector
B - is the measured earth field

Other magnetic unloading laws should also be examined. A potential disad-
vantage of the above law is that a certain average equilibrium momentum
error Hé must first be accumulated before the law becomes effective. This
creates a small momentum bias. By adding a term containing estimated dis-
turbance torque, the momentum offset error can be reduced.

Three-axis attitude reference is derived from integrated gyro data
processed by the on-board computer and combined with ephemeris infovmation
for earth orjented reference. Attitude and gyro biases are updated peri-
odically from strabdown star tracker measurements which are processed by
an on-board algorithm, typically an exitended six-state Kalman fiiter. A
functional block diagram of the on-board stellar-inertial attitude refer-
ence system is shown in Section 5.0 in Figure 5-9. Body rate information
for ACS damping is also obtained from processed gyro data. In its normal
on-orbit mode of operation the L-D yaw axis (z} is commanded to point to
nadir with the pitch axis (y) normal to the orbit plane and the roll axis
(x) along the orbital velocity vector, with an accuracy as specified in
Section 2.4. Normal on-orbit operation of L-D does not call for offset
pointing or maneuvers.

6.4.3 Performance Evaluation by Simulation

A detailed digital simuiation modelling nonlinear three-axis space-
craft dynamics and sampied, pulse rebalanced gyro operation plus associated
noise (only for short-term runs), was used for performance verification/
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evaluation of the normal on-orbit L-D attitude control system; the distur-
bance torgue model derived in Section 4.5, Table 4-3 (antenna pointing
ahead), was also employed. The simulation was first used to examine or-
bital attitude performance and the operation of the magnetic unloading
laws. The three crthogonal wheels were initialized at a speed bias corres-
ponding to 7.32 Nms and the skewed wheel at -12.68 Nms. Internal motion
and jitter effects due to reaction wheel -unbalance, solar array stepping
and the flexible antenna wmast have been studied and simulated separately in
previous sections and were not included in the orbital simulation. Account-
ing for these effects would overcomplicate a three-axis simulation and the
CPU time for even short-term runs would become excessive because of the
higher frequencies involved in these jitter sources.

The results of the orbital run are shown in Figure 6-49. The magnet
commands, the wheel momenta and the resulting vehicie attitude are shown.
The agreement with preijUS]y‘presented (Section 4.0) magnet sizing results
(using a much simpler, idealized digital program) are very good. Only the
50,000 pole-cm magnet windings are utilized. The momenta of the reaction
wheels stay well within their 1imits and the maximum ohserved steady-state
peak-peak momentum change is 1.3 Mms for the x-wheel. The maximum attitude
ervor {without jitter souvces) can be observed in vroll as 2.5 x 107% degree
(0.9 arc-second = 4.4 prad). The small roll offset of 1.8 x 1074 degree
(0.65 arc-second = 3.2 prad) is caused by the average momentum bias repre-
senting the equilibrium momentum error ﬁé of the magnetic unloading law;
the orbit rate momentum -uy, Iyy Yp also enters into the momentum equilibrium
kinematics. -

A detailed dynamic simulation with gyro and noise models was run for
various values of sampled gyro noise standard deviation %0 and scale
factor Kg. Details of the gyro and noise -model are described in Reference
10, and the results of the presant study are summarized in Figures 6-50
and 6-51. 1In Figure 6-50 for a processor sampiing period of 200 ms, the
plots coincide for both gyro scale factors of 0.01 and 0.1 arc-second per
pulse which means that the noise effects outweigh the guantization effects.
Thus both cases in Figure 6-50 satisfy the RSS ailotment of one-half the

error budget.
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In Figure 6-51, for the case of a 400 ms processor sampling time, the
scale factor Kg does have a small effect. However, in both cases the jit-
ter levels are Tower than for the 200 ms case and easily satisfy the ACS
error budget allotment. For both Figures 6-50 an§ 6-51, extrapolation is
not recommended beyond the circled data points. To indicate the form of
the jitter, Figure 6-52 shows representative roll, pitch and yaw attitude
signals from which the lo jitter values were determined. This particular
nlot corresponds to a 400 ms sampling time, a scale factor Kg = 0.01 arc-
second per pulse, and a noise of standard deviation Cpg 0.04 arc-second
per As sample.

As documented previously in Table 6-6, oscillatory motion of space-
craft internal parts at frequencies beyond the ACS bandpass results in
small attitude rate and position errors. The errors way, however, be with-
in the bandpass of the gyros and since the gyros and on-board processor
operate in a discrete time sampled mode, there is a possibility of a signal
aliasing problem. This was briefly studied by injecting applicable atti-
tude and rate error signals into the 3 degree-of-freedom simulation oper-
ated in & sampled mode with detailed gyro models. The amplitude and fre-
quency for the signals used correspond to the rigid body disturbance caused
by the scan mirror motion of the Multi-Spectral Scanner {MSS), where the
frequency is 18.5 Hz and the amplitude is 0.08 arc-second. The signals
were injected as shown in Figure 6-53 to avoid high frequency integration;
the disturbance actually acts at the Tdis junction.

For a processor sampiing time of 200 ms, the sampling frequency is
5 Hz which is clearly far below the Nyquist frequency for the 18.5 Hz MSS
disturbance signals. Thus "aliasing" or overlap of the spectral density of
the rate signal does occur. However, for the values cited above, simula-
tion results show that there 1s no problem as indicated by Figure 6-54, It
shows the roll attitude to be stable with approximately a 1.75 urad jitter
tevel. This includes both the gyro noise and MSS scan mirror effects and
is about the same jitter as observed previously in Figure 6-52 without the
MSS as a jitter source. The absence of any signa1'diver§ence or build-up
shows that the aljasing is not a problem for the parameters ﬁsed. However,
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more extensive studies should be performed at a later time. dJitter fre-
quencies should then be carefully selected; the 18.5 Hz employed here are
realistic for the MSS and realistic with respect to the aliasing effect
when sampled at 5 Hz, but probably exceed the gyro bandpass which typically
is between 10 and 15 Hz. Because of the Tow power {low amplitude) con-
tained in most of the jitter signals produced by internally ﬁoving parts,
their effects are expected to be negligible even if they enter the ACS as
aliased signals. In general, a sure method for guarding against adverse
effects caused by aliasing of high frequency gyro signals, is to Tow-pass
filter the gyro output before it is sampled. For instance, if the gyro
sampling period is 200 msecond (5 Hz sampling frequency) a filter with a
2.5 Hz cutoff frequency should be inserted before the 5 Hz sampier which
is the on-board processor input . For an analog rebalanced gyro this
would be an analog filter before the ADC; for a pulse rebalanced gyro with
an output register which is normally being strobed for a READ by the on-
board processor, a digital filter (built of special purpose digital hard-
ware, perhaps programmabie digital electronics) must be used between the
gyro output register and a new register to be strobed by the on-board pro-
cessor. This could be a costly modification of the gyro outbut etectronics/
processor interface and should be omitted if one can establish with high
confidence that aliasing of high frequency gyro signals has negligible ef-
fects on the system.

6.5 Estimated Performance Summary

The L-D attitude reference system has not been investigated in detail
in this study. The MMS proposed stellar-inertial attitude reference sys-
tem was, however, studied previously by TRW for NASA/GSFC for a synchronous
orbit application (Reference 10)}. Extrapolating from the results obtained
there, no probiems are expected for the Tower L-D orbit where due to the
increased orbit rate, star availability over a given time interval will
actually be improved. Sun interference with the star tracker will also be
no problem for L-D,since the trackers always look toward the shaded side of
the 9:30 a.m., sun synchronous orbit. Calibrated accuracy of the NASA
standard tracker (BBRC CT-401) is about 11 arc-seconds (1), of which
4 arc-seconds are fixed residual biases and 7 arc-seconds appear to the
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user as randomly varying errors. A supporting error analysis of the
tracker is presented in Table 6-10. It should be noted that the magnets
must be turned off when reading the trackers.

The exact performance characteristics of the NASA Standard DRIRU II
gyro pack are currently not well defined, but a calibrated gyro drift rate
bias of Tess than 0.0013 degree/hour {lo) and a calibrated gyro sacle fac-
tor uncertainty between 50 and 100 ppm (parts per million) can be éxpected.
Gyro scale factor error and residual uncalibrated gyro alignment errors
play, however, no significant part in an earth painting application where
no spacecraft maneuvers are required. Scale factor and alignment errors
lump with gyro bias errors due to the constant orbit rate and are esti-
mated and corrected for as such. As stated previously, gyro signal genera-
tor noise per incremental attitude sample A6 has been assumed between 0.04
and 0.1 arc-second (1¢) for sampling intervals ranging from 200 to 400
mitli-seconds. Accounting also for gyro random drift noise, for commuta-
tion error, quantizatién and computer roundoff errors, the total gyro con-
tributed attitude reference error over a conservative 15 minute period,
should be no more than 8 prad (1o} (= 1.65 arc-second). Attitude and gyro
bias updates from processed star tracker measurements can, and probably
will, be obtained much more frequently than 15 minutes and the attitude
reference error contributed by the gyros is 1ikely to be smaller. Con-
versely, should the DRIRU II characteristics turn out to be worse than cur-
rently expected, more frequent star updates in the order of every 3-5
minutes can be utilized to curb the gyro error build-up.

Total estimated performance of the L-D ACS may now be assessed by com-
bining the various error sources from the attitude reference system, the
attitude control system and the effects of the moving and flexible appen-
dages. This has been done in Table 6-11. The error an§1ysis is per axis,
using the worst errors encountered per axis from each error source.and is,
therefore, conservative. Al1 attitude ervors refer to the MACS reference
cube, and not the TM boresight. Absolute open-loop pointing accuracy of
the TM is not critical, but attitude stability is of importance. TM bore-
sight misalignments can be calibrated in flight by known landmark

6-99



001-9

Table 6-10. BBRC CT-401, 8% x 8° FOV Star Tracker Characteristics

frror lo Error With
crror Source . . |External Compensation Comments
Without Compensation {arc-sec)
Slowly Varying Biases
Null Offset & Nominai 0~ imic Lag 18 arc-sec (1g) m—— Calibrated out by bench test
Aging (Hullshifts, Dynamic Lag Shifts, etc.) 4 arc-sec (1o} 4,0 Mo further compensation
Total Biases (RSS) 8.4 4,0
Errors Appearing Random for D1scré%e Star Goserv, '
Nonlinearity & Nonorthogonality 10 arc-min {peak) 3.0 | Bench ca]jbration by poly-
Temperature & Power Sensitivity (:35°C) 2 arcesec/°C f nominal fit: 60 coeffi.
External Magnetic Firld {0.4 gauss) 10 arc-sec (peak) i 2.5 Correction factors/terms
Star Intensity (aH, = 3) 30 arc-sec (1o) 2.5 obtained from bench test
Scale Factor Ghanges (Aging) 10 arc-sec (13} 1.5 Occasional updates from
e —_— ground-based Xalman filter
Subtotal (RSS) 263.5 4,9
Noise
MEA (Noise Equivalent Angle) 5 arc-sec {lq)
(< = 0,5 secs.
M, = 6) i 5.0 ho com; +-otion
Total Random Errors for Discrete Star Obsery, (RSS) 203.6 7.0
Total 1o Accuracy {2, Random + Bias) 222 arc-sec 1 arc-sec
L L
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Table 6-11. Estimated Normal On-Orbit Performance Summary (Per Axis)

Error Source

Short~Term (60 seconds
Attitude Stability (le

|

Long-Term (20 minutes)

Attitude Stability {1«)

Earth Peinting
Attitude Determination
Accuracy (la)

ACS Pointing
Accuracy (la)*r*

urad prad prad urad
Randc_)m Biases Earth Relat. Commanded
ATTITUDE REFERENCE SYSTEM Varying Pointing | Iner. Reference
¢ Gyros 1.0 8.0 8.0
e Star Tracker (Filtered) - - 25.0 19.4
e Ephemeris (100 m, o) ——— -—- 142.0
SUBTOTAL ARS £{RSS)  169.6 169.6 45.6
ATTITUDE CONTROL SYSTEM
¢ Gyro Noise & Quantization 1.8 1.8 - 1.8 1.8
o Controller Dynamics 1.5 1.5 - 4.4 4.4
& RW Mass Imbalance 0.015 0.015 =¥ 0.015 0.015
APPENDAGE MOTION ]
e Solar Array 2.8 2.8 il 2.8 2.8
e Ku-Band Antenna & Mast 0.1 0.1 i 0.1 0.1
e TM (HAC Design)#** 1.0 1.0 e 1.0 1.0
e MSS 0.4 0.4 Ll 0.4 0.4
STRUCTURE
e Misalignments (STA LOS/Cube) - — 5.0 5.0 5.0
e Thermal Shifts -— 1.0 1.0 1.0 1.0
Total (RSS) 4.0 8.9 169.7 169.8 46.3
(0.0097°) (0.0027°)

*pyeliminary investigations showed that there is no problem with gyro signal aliasing due to sampling of higher frequencies
*%The TRW TM design creates no disturbance in the steady-state since the roof mirror scan wheel turns at a constant rate
***Referenced to MMS MACS optical reference cube




observations, and if the misalignments should turn out to bé large, the ACS
commands can be biased accordingly., Four-wheel speed biased ACS operation
is assumed and the given dynamic error reflects only magnetic unloading at-
titude perturbations. With only three wheels operating the attitude sta-
bility requirements will be violated at wheel speed reversals which with
the present magnetic unioading law mainly occur in the x-axis about four
times per orbit,

As can be seen all performance requirements could be met. The ephem-
eris error, assumed as 300 meters (3c), is by far the largest contributor
to spacecraft pointing error. With improved geopotential models as they
become available now, ephemeris accuracy (using the NASA tracking network}
is expected to be improved to about 100 meters (3c¢). However, even with
the present ephemeris capability, it appears that 0.01 degree (1o) pointing
is achievable. The L-D/MMS specifications given in Section 2.4 required
pointing to only 0.01 degree (]c)-without accounting for the ephemeris
error.

The "first Took" results of the effects of moving fiexible appendages
showed that they posé no probiem. H&wever, as mentioned earlier, addition-
al studies are recommended. The long-term attitude stability of 10.5 urad
{10) can be met, but with no big margin, and ‘achieving this performance
specification should be closely watched as L-D progresses in its develop-
ment. The main error contributors are the gyro drift between updates and
the stepping of the flexible FRUSA array. More detailed flexible array
analysis is recommended together with a reevaiuation of the stability of
the gyro derived attitude reference when more data on the DRIRU II becomes
available. It is expected, however, that in both cases the presently given
error budgets will not change significantly.
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7.0 STATIONKEEPING

This section presents a brief study of the periodic orbit velocity
correction required to maintain the aititude of the LANDSAT-D (L-D) satel-
Tite. It shows that it is required to use all four 5 pound thrusters for
the required thrust in a differentially modulated fashion. The latter is
necessitated by a significant known center of mass offset. Unless this
offset is reduced significantly, therefore, there is no_redundancy for
this operation. The unknown components of the disturbance torques are
smaller than the known components. Thus, the pointing of the thrust vector
can be controiled by either the 0.2 or 5 pound thrusters. The rotational
motion about the thrust vector must be controlled by the smaller thrusters.
Although the relatively large disturbance torques preclude the use of the

reaction wheel system, the thrust vector pointing can be maintained to
within + 0.2 degree with the peak Timit cycle rate less than 0.25 degree/
second. The required duration of thruster actuation is slightly over 8
seconds for an orbit adjust maheuver of aY = 0.35 m/second.

7.1 Problem Definition

Altitude sustenance of the L-D satellite is required to prevent
gradual orbit decay which will cause a period decrease, hence a drift 1in
the east-west ground track. As noted élsewhere in the study, this orbit
sustenance is accomplished by means of the orbital velocity increase (aV)
of 0.35 m/second every 16 days. The intent of this section is to deter-
mine how the reaction wheel system and the MMS propulsion module are best
utilized for this stationkeeping AV operation and to assess the potential
attitude control capabilities during AV. The discussion is, therefore,
divided into two parts along these subjects. Various parameters ejther
given or assumed for the analysis are Tisted in Tahle 7-1. The coordinate
definition and thruster arrangement are illustrated in Figure 7-1.

7.2 Selection of Thrust and Torque Actuation During AV

The Tinear force required in a AV operation can be suﬁplied by either
the 0.2 or 5 pound thrusters. The torque required for attitude control
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Table 7-1. Parameters Used in Analysis
Parameters Symbols Values
AV frequency Once every 16 days
Required velocity increase AY 0.35 m/sec
Orbit rate o, 1.050x10"° rad/sec =
14 9/16 orbits/day
Orbit radius R 7083.47 km
Mass M 1590 kg
Moments of inertia X Ixx 2030 kg—m2
2
Yy Iyy 2670 kg~m2
z ?zz 2370 kg-m
CH Tocation X* 0
Y -17.8 ¢
Z “21-3 Cm
Thrust force 0.2 1b thruster F1 0.8% N
5 1b thruster F2 22.24 N
Torque arm about x 0.6 m
about y or z L 1.6m
Reaction wheel torque 0.75 N-m
Momentum storage capability 20 N-m-sec

*By definition
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a) Coordinate Definition

b) Thruster Arrangement

X
A
yd
Center ;
Mass
T.6m

-5 1b thruster
(parallel to x)

&

(4 0.2 1b thrusters
(parallel to y or z)

Figure 7-1. Basic Geometry
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during the AV operation can be supplied by either of these thrusters or

the reaction wheel motors. Combinational feasibility of these force and
torgue actuations is first investigated on the basis of the AV requirements,
spacecraft geometry and torquing capabilities.

7.2.1 Feasibility of 0.2 Pound Thrusters for AV

Nominally the spacecraft z-axis is pointed toward the earth and the
x-axis is along the direction of the orbital motion. Since the 0.2 pound
thruster axes are parallel to either the y- or z-axis, a 90 degree maneuver
will be required before and after each AV operation {along the orbital
path). In addition, actuation of each thruster will be accompanied by a
torque of 1.42 newton-m due to the forque arm. The duration AT is given

by

a7 = M . 8y (7-1)

The torque exerted over AT will be manifested in the stored wheel momentum,
AH .

v

AH = Fi* LeaT = M+ a¥ - L = 890 N-m-sec (7-2)

Compared to the torque and momentum storage capabilities (0.15 N-m and 20
N-m-sec, respectively) of each reaction wheel, it is clear that the 0.2 -
pound thrusters are totally unsuitable for the AV operation.

7.2.2 Number of 5 Pound Thrusters Reguired

Whether two or four 5 pound thrusters are to be used is determined
next by examining fhe disturbance torque components about y ahd z generated
by a significant center of mass offset. Since the offset is nominally
-21.3 cm {~8.4 inches) in the z directibn, the torque about y due to two
thrusters is 2 x 22.24 N x 0.213 m = 9.49 N-m. Similariy a torque of 7.9}
N-m about z is generated by the c.m. offset of -17.8 cm (-7 4inches) in the -
y direction. With a torque arm Tength of 1.6 meter each 0.2 pound thruster
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can provide a control torque of 1.42 N-m. It can be seen that these dis~
turbance torque components cannot be countered even with three 0.2 pound
thrusters (4,27 newton-m). On the other hand, each 5 pound thruster can
produce a torque of 22.24 N X 0.6 m = 13.34 N-m. Thus, the larger thrusters
have to be operated in pairs, differentially modulated, to generate both
the 1inear force required for the AV and the torque required to counter the
known disturbance during the AV. Furthermore, since the disturbance due

to the c.m. offset causes torques about both y and z, all four 5 pound
thrusters must be utilized. This means that there will be no_redundancy
unless the c.m. offset is reduced significantly.

7.2.3 Attitude Control Consideration

Finally the attitude control torque requirement is assessed by examin-
ing the disturbance torques due to other sources. These are the unpredic-
table torque components which cannot be countesred by the pre-programmed
thruster modulation. Of these the major sources are the uncertainties in
the c.m. location, thrust vector orientation (alignment) and thrust force
mismatch. The variational ranges of these anomalies are determined on the
basis of the design tolerances used in other current spacecraft programs
such as HEAQ and FLTSATCOM.

The 30 c.m. uncertainty is first assumed to be t 2 cm (= 0.8 inch) in
the y or z direction. The disturbance torque T4 about each of these axes
is ' )

'fd-l = 2 X 22-24 X 0.02 = 0-89 N"'m

From Equation {7-1) the average activation time AT for each thruster is
found to be "

1590 kg x 0.35 m/sec

n
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Therefore, the total angular momentum to be removed by the attitude control
action is

AH] = 0.8 x 6.26 = 5,57 N-m-sec

The 3¢ thrust vector alignment uncertainty is assumed to be + 1 de-
gree. When the opposing thrusters are misaligned to the same side of the
Xy or Xz plane, a y or z torque will be generated: Since the misalignments
are statistically independent, the disturbance torque T49 due to each
thruster pair is given by

2

2414 = 0.88 N-m

Tgo = 22.24 x 1.6 x sin 41

If the misalignment is opposite of these planes, the resulting torgque will
be about x. If all four thrusters are contributing to the x torque in the

same sense, its magnitude Tdox is given by

Tape = 22.24 % 0.6 X sin ‘{12 +12 +1% +12 = 0.47 Nem

" The corresponding momentum to be removed is AH2 = 5.5 N-m~sec for y or z
and AH,, = 2.92 N-m-sec for x.

The 30 thrust force mismatch between the opposing thrusters is assumed
to be + 104 in L-D., Thus the disturbance torque 43 about y or z is given

by

T43 = 22.24 x 0.1 x 0.6 = 1,33 N-m-sec

- The corresponding aH, = 8.35 N-m-sec.

The total effect can be represented by the root-sum-square of these
torques.
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de = OQ47 N_I:"
: (7-4)
or = 40.89% + 0.887 + 133 = 1.83 Nem
Tdy sz - . . .
The momentum components to be removed are
AHX = 2.92 N-m~sec
(7-5)
s, or B, = §f5.57% + 5.57 + 8.35° = 11.45 N-m-sec

It is clear that these disturbance torque components cannot be countered
by the reaction wheels. If a pair of 0.2 pound thrusters are used the
control torque available for x is 2 x 0.89 x 0.6 = 1.07 N-m, which is twice
as large as Tax® The control torque about y or z is 2.82 N-wm, about 50%
_greater than Tdy OF T4z If three 0.2 pound thrusters are used for y or
z, the available control torque is 4.27 N-m, more than twice as large as
Tdy Or t4,. Thus. the attitude control during AV can be accomplished by
either 0.2 or 5 pound thrusters. Using the smaller thrusters will be con-
venient since an attitude control system utilizing these will be already
available on MMS. On the other hand, the larger thrusters can be used for
the attitude control by modifying the differential modulation program re-
quired to overcome the known components of the disturbance torque. Since
the choice between these thruster sets is not obvious at this point, a
further comparison is made in the following section.

7.3 Attitude Control Characteristics

The suitability of different size thrusters for the attitude control
during the stationkeeping AV operation is compared by investigating the
difference in the performance characteristics. The latter are discussed
in terms of pointing accuracy, thruster pulsewidth, duty cycle and pro-
peliant consumption.

7.3.1 Thrust Vector Pointing Accuracy

When thrusters of fixed force and orientation are used in attitude
control, the torque actuation is necessarily of a pulsing type. The
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attitude hold accuracy is then determined primarily by the deadzone magni-
tude designed into the controller. Since a high degree of pointing accu-
racy cannot be achieved without a reaction wheel system, it seems reason-
able to assume that the pointing accuracy required during AV is predicated
on the allowable orbit perturbation. Therefore, the magnitude of the orbit
perturbation is first calculated by using a simple orhit momentum model.

As shown in the figure below, the angular raté of the satellite around
the earth can be represented by the angular momentum H, the magnitude of
which is given by

H = MREw = 8.4487 x 10'3 N-m-sec (7-6)

§ FaT

If the deadband for the thrust vector pointing control is Vap, and the con-
trol is achieved in a one-sided 1limit cycle, the maximum possible momentum
change AH of the satellite body due to the thrust force component normal

to the main thrust vector is given by

AH = 4 F, « 4T - sinyy + R (7-7)
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where AT = duration of AV operation = 6.26 seconds. Since AT is relatively
short compared to the orbit period (= 5933 seconds}, aH is practically an
impulse. Thus the orbit precession e is given by

o - MM FeAT-s1n wdb-R ) M-aV-sin Vb ) AVesin Ydb
H 7 * TWR = TR (7-8)
MR Wy “o Yo

For g, = 1 degree, 6 is calculated to be 4.67 x 107 degrees. At the
equator this corresponds to about 5 m of east-west shift. Although the
orbital requirements are not known at this point, the effect of a deadband
on the order of 2 or 3 degrees seem negligibly small. This is also com-
pétib]e with the MMS pointing and rate requirements of 3 degrees and 0.5
degree/second during orbit adjustment (Reference 2). The effect of thrust
misalignment in the orbit plane causing orbit eccentricity was not inves-
tigated. It is assumed that a pitch deadband of the similar magnitude is
acceptable.

7.3.2 Differential Modulation of Thrusters

A transverse torque can be generated by differentially modulating a
ﬁair of thrusters which nominally produce, when activated together, only
a linear force with zero torque. When there is a fixed known disturbance
torque, the simplest way to modulate the thrusters is to activate one con-
tinuously while pulsing the other at a prescribed duty cycle. The result-
ing Timit cycle characteristics aré first analyzed.

In an ideal limit cycle, the body rate -varies T1inearly between plus
and minus » as shown below. '
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While both thrusters are on (ton), the net torque about the control axis
is e " e ¥ Ton = Ton where Te = control torque due to each thruster and‘
Ton = disturbance torque, positive in this example.- While one thruster is
off (toff)’ the net torque is Toff = Tc and the polarity is reversed,
where t .o is disturbance during this period. Thus the peak rate w is re-
lated to the torques and the modulation period P = ton t tors by :

. .*C {t ~t ot
9, = onI on _ c of§ off (7-9)

If the duty cycle is defined by
= on -
NS g (7-10)

Ton AP -~ (1.~

T, - Ta
Y = o off (7-11)

w = (7-12)



The peak-to-peak angular excursion is the measure of the velocity vector
pointing error. This is represented by the triangular area when the rate
is positive or negative.

2

i ton T Yoff o _ Top AP (7-13)

Mpp = —%—— 7 % TEr

If the disturbance torque is due to c.m. offset, Ton = ZTOff. Therefore,
Equations (7-11) through {7-13) can be written as

‘\
N = Te 7 Toff
Toff T Tg
2 AP
o = 2 > (7-14)
2
\ i Toff AP
Ypp T TaT T J

For the pitch axis Equation (7-14) can be calculated by using various
parameters shown in the last section

Te T 13.34 N-m
Ton = 9.49 N"'m = ZTO.F_{:
-
A = 0.475
w = 0.0484 deg/sec® - P . (7-15)

Mep p = 0.0121 deg/sec? « 2
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For yaw

Ton = 7,91 N-m
'\
A = 0.543
» = 0.0519 deg/sec® « P & (7-16)
Awp_P = (.0130 deg/sec2 . P2
o

The peak limit cycle rates and angles are plotted in Figure 7-2b as func-
tions of P. 1t can be seen that the 1imit cyclie rate and angular excur-

sion do not reach the level of 0.5 degree/second and 3 degrees during the
AV period of 6 seconds or so.

The total thruster actuation period T required for each AV operation
can be calculated from

Mav = F (2T+AyT+AZT)
T M AV (7-17)
F (2 + Ay + AZ)
where
F = force of each thruster

M

mass of the satellite

The number of modulation cycles N required for pitéh and yaw are then de-
termined by '

(7-18)

==
It
o{—i
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The duty cycle and number of modulation cycles are plotted in Figure 7-2a.
Thus the selection of the modulation period is a tradeoff problem between
the thruster actuation and the Timit cycle characteristics. The peak rate
and pointing error decreases with the modulation period. However, this
will cause the number of the thruster actuation to increase and the
thruster efficiency to decrease due to shorter "on" time, particularly be-
Tow modulation period of 3 seconds.

7.3.3 Attitude Control with 5 Pound Thrusters

The thruster modulation described above is an open Toop technique to
counter known torgue components during AV. As described earlier, there
will be also some unknown torques due to various anomalies in thrusters
and mass properties. The y and z components of these torgues can be
countered by superposing an attitude control logic on the open loop mod-
ulation. Since the worst case unknown disturbance torque of 1.83 N-m about
y or z (Equation (7-4)) is considerably smaller than the known torgue com-
ponents, the attitude control will be accompiished by varying the "on" pe-
riod of the one-sided modulation. Assuming that an ideal control laws -
exists, the effects of the unknown components are briefly analyzed.

With the addition of the unknown torque component Tyo the quantities
shown by Equation (7-14) can be written as

Te ~ Toff T d

s =
Toff T e
(vt .+ c,) AP
o = an - d (7-19)
2
" WP {1y + 7q) AP
p-P 4 .8l

For -1.83 <ty < 1.83 N-m, the variational ranges of these quantities for
the pitch axis are
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A, = 0.371 ~ 0.576

y
s, = 0.0307 ~ 0.07 deg/sec? - P (7-20)
sep_p = 0.00769 ~ 0.0175 deg/sec” « P2
For yaw
A, = 0.437 ~ 0.648 h
w, = 0.0321 ~ 0.0763 deg/sec” - P\ | (7-21)
Myp_p = 0.0080 ~ 0.0191 deg/sec? - P*

Using Equation {7-17), the variational range of the AV period is found to
be 7.76 to 8.9 seconds. As an example, these various quantities are sum-
marized in Table 7-2 for the yaw axis when P = 3 seconds. The velocity
vector pointing error, of course, needs not increase with the unknown
torque component. The error can be bounded by means of the attitude con-
trol deadband. In this case the number of thruster modulation cycle will
increase stightly.

7.3.4 Attitude Control with 0.2 Pound Thrusters

Since the x-axis control cannot be achieved by the larger thrusters,
it must be done with the smaller ones. The control about other axes can
be also done with the smaller thrusters. Since the attitude controiler
using these thrusters is a typical on-off reaction controller, the atti-
tude errors and rates are functions of the deadband, rate feedback gaﬁn,
etc. Therefore, the discussion here is limited to the estimation of the
required propellant.

Assuming that the attitude control is accomplished mostly in a one-

sided Timit cycle, the required impulse is calculated by mutiplying the
torque with the duration of the AV operation. For the x-axis, the
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Table 7-2. Sample Yaw Axis Performance Using 5 Pound Thrusters for Attitude

Control (Modulation Period = 3 sec)

Quantities Units Variational Range

_ Unknown Disturbance N-m - 1.83 0 + 1,83
Total AV Period sec 8.9 8.29 7.76
Number of Modulated /Y 3 3 3
Thruster Firing /year 69 69 69
Modulated Thruster "On" Period sec 1.96 2.44 2.92
Peak Limit Cycle Rate deg/sec 0.10 0.16 0.23
Velocity Vect‘or Pointing Accuracy | deg + 0.07 + 0.12 + 0,17




maximum disturbance torque is 0.47 N-m {Equation (7-4)). Multiplying this
with the longest possible AV period of 8.9 seconds, the total torque im-
pulse is 4.18 N-m-sec. Since the torque arm for the x-axis control is
about 0.6 m, the thrust impulse is 6.97 N-sec. Since one AV is to be per-
formed every 16 days, the annual impulse requirement for x is 159 N-sec

(= 35.8 pound-seconds). Even with a Tow specific impulse of 150 seconds,
this corresponds to 0.11 kg {weight) of propellant.

When the smaller thrusters are used for the attitude control for the
y and z axes, the nominal AT will be 8.29 seconds. Again assuming the one-
sided Timit cycle, the impulse requirement for both axes will be

2x1.83x8.29 365
1.6 16

= 432.6 N-sec (= 97.25 Tb-sec)

For the specific impulse of 150 seconds, the above requirement in terms of
the propellant weight is 0.29 kg {weight) per year. This is certainly a
very small amount of the propellant. Considering that the reaction con-
trol with the 0.2 pound thrusters will be available as a part of the stan-
dard MMS attitude control system, the use of the smaller thrusters for the
attitude control during each AV appears more attractive. Though already
small, the propellant requirement can be reduced further if the uncer-
tainty in the disturbance torques is reduced by means of in-orbit calibra-
tions of various anomalies. In the event of critical propellant require-
ment the 5 pound thrusters can be considered for the attitude control.
However, an appropriate controi law must be developed.

7.4 Summary of Stationkeeping Policy and Performance

Summarizing the foregoing discussions, the following is the recom-
mended stationkeeping policy and its attendant risk. The potential atti-
tude control capability is also described and the pertinent numerical data
are presented in Table 7-3. -


http:2xl.83x8.29

Table 7-3. Summary of Stationkeeping Policy

a) Use of 5 Pound Thrusters for AV and Control of Known Disturbance Torgue

Known Disturbance Control Thruster °
Axis Torque “On"
Torgue Momentum - Capability Time
(N-m) {N-m-sec) {N-m) (sec)
X 0 0 0 0
+y 13.34 3.94
y +9,49 59.4
-y -13.34 8.29
+z 13.34 4.50 .
Z +7.91 49.5
-Z -13.34 8.29
b) Use of 0.2 Pound Thrusters for Attitude Contrcl
Unknown Disturbance (3¢){ Min. Control Thruster
Axis -| Torque "On"
Torque Momentum Capability Time
(Nem) (N-m-sec} (N-m) (sec)
X +0.47 3.9 1.07 3.64
y + 1.83 15.17 + 2.82 5.38
z +1.83 15.17 +2.82 5.38
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Linear Impulse:

The orbit velocity increase AV of 0,35 m/second'every 16 days re-
quired for the altitude sustainance, hence the statipnkeeping, can
be accomplished only by actuating all four 5 pound thrusters. Due
to a significant center of mass offset 1argé +y and +z torque com-
poneﬁts are generated during the AV operation. This can be ™
countered only by off-modulation of the 5 pound thrusters, i.e.,
by operating one pair of thrusters (causing +y and +z torques) at
about 50% duty cycie while the other thrusters are actuated con-
tinuously for about 8.3 seconds.

Risk:

This implies that there is no thruster redundancy in the stationkeeping
capability unless the center of mass offset is drastically reduced.

Method of Attitude Control:

The unknown portion of the disturbance torque components due to
the uncertainties in the center of mass location, thrust vector
alignment, thrust force mismatch, etc. can be countered most
simply by the MMS reaction control system using the 0.2 pound
thrusters. The additional propellant required for this is quite
modest. Assuming a Tow specific impulse of 150 seconds, the
annual ‘requirement is 0.11 kg (= 0.24 pound) for x and 0.29 kg

(= 0.65 pound) for y and z. The attitude control about y and 2
can be accomplished also by modifying the thruster duty cycle de-
scribed above. This will require no additional propellant, since
the total AV period is predicated upon the total impulse delivered.
The control laws required for this, however, must be developed in
addition to the existing MMS control laws.

Attitude Control Capability:

During the AV fine pointing cannot be maintained since the use of
the MMS reaction wheel system is precluded due to its insufficient
torque capability. Thus the attitude control capability is
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dependent on the deadband of the MMS reaction control system and
the modulation period of the programmed 5 pound thruster actuation.
The relationship between the pointing accuracy and the modulation
period is shown in Figure 7-2. It does not appear difficult at

all to maintain the velocity vector pointing to within + 0.2 Qe-
gree with the peak 1imit cycle rate of 0.25 degree/second. This

is much more stringant than the MMS pointing requirements of + 3
degrees and 0.5 degree/second during orbit adjustment.
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8.0 AUTONOMOUS REGISTRATION

The feasibility of autonomous elimination of scene<to-scene temporal
registration errors for the L-D Thematic Mapper (TM) is addressed. Tempo-
ral registration error is defined as the apparent shift in landmark loca-
tion with respect to two successive frames separated by the L-D revisit
time of exactly 16 days. A performance goal of 0.1 pixel (1o) registration
repeatability has been set. From an altitude of 705 km, this is equivalent
to a 3 meter (1o) pointing uncertainty on the ground.

8.1 Introduction

Autonomous registration is accomplished by on-board estimation of
pseudo attitude and attitude rate commands for eliminating registration er-
rors caused by changes in spacecraft position, velocity, attitude, gyro
bias uncertainty, and TM to attitude reference system (ARS) reference cube
misalignment between successive 16 day passes. The MMS stellar and gyro
inertial references are used to determine the spacecraft inertial attitude.
The DOD Navigation Satellite Global Positioning System {GPS) is assumed to
be used to determine spacecraft ephemeris.

The complete Kalman filter state consists of six ephemeris states, six
ARS attitude and gyro bias uncertainty states, and nine misalignment states.
The state transition matrices representing spacecraft position and velocity
evolution, ARS attitude and gyro bias uncertainty evolution, and the mis-
alignment evolution are all distinctly different. The use of Tandmark mea-
surements for enhancing the estimation of the full 21 states suffers from
state separability problems (see References 11 and 12). The Kalman filter
without the misalignment states becomes indecisive in separating range from
pitch and track from roll when landmark.data is used. For short time in-
tervals, however, the filter attitude and ephemeris states can be combined
to yield a simplified model with a filter state of lower dimension consist-
{ng-of separable states for which landmark measurements can be used to éood
advantaﬁe. Adequate covariance performance of this simplified Kalman fil-
ter, however, does not imply feasibility of autonomous registration error



elimination because of modelling errors in the system description on which
the covariance analysis is based. 1In view of the desired 3 meter (lo)
registration, these errors can be significant.

The modelling errors impact the selection of the state noise covari-
ance matrix in the simplified Kalman filter formulation. These errors are
used to configure a recommended autonomous registration scheme, specify the
necessary quality of stellar references, gyro performance, and GPS position
and veTbcity uncertainty requirements. Registration accuracy, the fre-
guency of landmark updates, allowabie thermal misalignments, and the lo
peﬁformance goal of the simplified Kalman filter are established.

8.2 Problem Formulation

The spacecraft attitude control and determination system (ACDS) con-
tains a stellar-inertial attitude referencg system. This system employs
precision gyros for obtaining high-bandwidth, short-term attitude informa-
tion, and strapdown star trackers which provide measurements for periodic
on-board estimation of the attitude and gyro bias updates. This study is
restricted to the earth pointing mode for which the spacecraft yaw axis
nominaily points along nadir, the roll axis points in the direction of the
orbital velocity, and the pitch axis is nominally perpendicular to the or-
bit plane. Ephemeris data is required for on-board estimation of the local
vertical reference. Attitude control relative to the Tocal vertical is
maintained through the action of four reaction wheels mounted as three
orthogonal wheels plus one skewed wheel.

Additional assumptions are a circular orbit inclined 98.2'degrees
relative to the equatorial plane and an orbiting altitude of 705 km.

8.2.1 Registration Error

Registration in this document refers specifically to temporal regis-
tration which is the apparent shift in Tandmark Tocation with respect to
two successive frames separated by the revisit time of approximately 16
days. In Figure 8.2-1, the original frame sequence on the first pass is
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ETiminate registration deviations to within 0.1 pixel (1o} which is
3 meters at an altitude of 705 km.

Figure 8.2-1. Registration Error, Problem Definition, and Performance Goals
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indicated by the solid lines. Without autonomous registration and 16 days
Tater the frame sequence for the second pass may appear relative to the
earth's surface as shown by the dashed lines. The landmark, Shown as a
highway intersection, appears in the upper right-hand corner of the third
frame on the original pass and in the lower left-hand corner of the third
frame on the second pass. Relative to the frame the landmark appears to
have shifted as the overlay shows. Temporal registration error is the ap-
parent shift of the Tandmark relative to two successive frames as findicated

by the overlay.

8.2.2 General Approaches to Registration Error Elimination

There are three basic approaches to registration error élimination

(1) Reorient the mapper boresight such that subsequent trackes
fall within a 3 meter (I¢)} band of the initial track.

(2) Eliminate registration errors before transmission using on-
board software modification of the TM data.

(3) Transmit the registration error with each frame to the
ground such that a "canned" ground software program can cor-
rect the TM data.

The first approach can be accomplished by using (1) accurate ephem-
eris, attitude and cooperative Tandmark data; (2) only landmark deviations;
or (3) a combination of both (1) and (2) to derive pseudo attitude and at-
titude rate commands to compensate for registration errors caused by
changes in spacecraft position, velocity, attitude, gyro.bias uncertainty,
and TM to ARS reference frame misalignment.

The second approach requires excessive data storage and on-board data
handling and will not be considered as a viable alternative. In terms of
the definition of registration error, its elimination on~board prior to
transmission to the ground by satellite Tink would require storage of the ~
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previous cooperative landmark data in addition to a} the estimation of the
registration error and error rate from distinct landmarks and b} accurate
modelling of the registration error evolution between landmarks.

The third alternative is a simplified version of the second approach.
It involves the on-board estimation of the registration error and error
rate, in addition to accurate modeliing of the registration error evolu-
tion between Tandmarks. The actual shifting of the data and redefinition
of the frames along with image enhancement is performed on ground.

For this study, emphasis is placed on establishing the feasibility of
the first approach. The modelling ervors incurred by accepting the insep-
arability of pitch from ephemeris downrange and roll from ephemeris cross-
track and combining these states using a simplified on-board Kalman filter
implementation of the first approach will also shed 1ight on the feasibil-
ity of the third alternative. :

8.2.3 Registration Error Sources

Figure 8.2-2 shows an example TM pointing ground track relative to
the reference ground track with both relative to landmark characteristics.
The reference ground track is a hypothetical track in the sense that if
the T attitude and position matched the local vertical reference frame
for the ideal orbit, then the TM pointing would coincide with the refer-
ence track. Suppose that the geometry of Figure 8.2-2 represents the out-
come of the first pass. Note that there is an initial offset of the first
pass from the reference track which pictorially represents the initial
state. Sixteen days later the spacecraft goes into the second pass. What
are the‘major sources of registration error during the second pass?

Figure 8.2-3 shows a block diagram of a typical attitude control sys-

tem for the earth pointing mode and without autonomous registration soft-
ware. The second pass sources of registration error are
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] Difference in the target quaternion*, i.e., the desired
attitude due to different ephemeris.

. Same desired attitude but different initial ‘state.

® Same desired attitude, same initial state but different
actuator and sensor noise.

This 1ist is expanded in Table 8.2-1. The performance goal is repeat-
ability in the TM boresight ground track to within a 1o uncertainty of

3 meters.

8.2.4 Approach to_Autonomous Registration

The recommended approach to autonomous registrationAis to

(] Attribute TM pointing error to an error in spacecraft atti-
tude and attitude bias commands.

o Lump ephemeris position and attitude error into a pointing
error that will be called pseudo attitude error —

e Lump ephemeris velocity error, gyro bias, and thermal mis-
alignment rate into pointing error rate.

] Estimate pseudo attitude error caused by change in space-
craft orbital position, and TM attitude; use landmark mea-
surement data, i.e., landmark registration deviations.

] Estimate pseudo rate bias due to velocity error, misalign-
ment rate error, and change in gyro bias; use cooperative
landmark registration deviations.

*The target quanternion is the commanded spacecraft attitude relative
to ECI. : ]
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Table 8.2-1. Registration Error Sources

The second ground track may differ from the first because:
) Ephemeris js different
] Spacecraft attitude state is different

] Misalignment between primary sensor, actuators, and
sensor complement changes

¢ High frequency actuator and sensor noise is present
) Change in sensor and actuators has occurred

[ Change in spacecraft mass properties has taken
place

° Disturbance environment changes

Problem: Must have repeatability in TM boresight ground
track to within a 1o uncertainty of 3 meters

The required processing elements are shown in Figure 8.2-4, There
are four basic processing elements

] Reference Command Processor
] Spacecraft Relative State Error Estimator
e Instrumentation Error Estimator

] Ground Control Point Processor

The Reference Command Processor uses the ephemeris information to synthe-
size the commanded earth pointing attitude (LV reference) in terms of a
target quaternion referenced to ECI, and LV reference rate profile. On
éubsequent passes the spacecraft attitude command is biased by the error in
the two successive ground track estimates. Changes in the spacecraft atti-
tude and rate relative to the LV reference frame will-cause a registration
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error going into the second pass. The Spacecraft Relative State Error Es-
timator attempts to estimate the change in the attitude and gyro bias using
information from the reference command processor and the ARS. Attitude and
attitude rate commands are derived so that changes in the system state can
be compensated for prior to the first landmark. The Instrumentation Error
Estimator operates during all subsequent passes. This estimator derives
pseudo attitude and attitude rate signals for compensation of registration
deviations caused by changes in the TM to ARS misalignment history, the
gyro bias history, and the ephemeris history.. This estimator uses landmark
registration deviations. The Ground Control Point (GCP) Processor obtains
GCP location to within a 1o of 0.0707 pixel which yields a one-tenth pixel
(1) registration deviation.

In summary, the recommended approach to autonomous registration based
on the trades in Section 8.2.3 has been further clarified in terms of the
functional requirements of the basic processing elements. The concrete
analytic details of three processing techniques will be outlined and
traded in Section 8.3. The first technique uses accurate ephemeris, atti-
tude, and cooperative landmark data for estimating the changes in satellite
orbital position, velocity, attitude, gyro bias, and ARS to TM misalignment
states. These state estimates are in turn used to synthesize pseudo atti-
tude and attitude rate commands for eliminating the registration error be-
tween successive 16 day passes. This technigue relies on wvery accurate
geodetic coordinates of the cooperative landmarks. The second technique
uses cooperative Tandmark deviations to estimate on ground TM boresight
pointing errors and rates between two successive passes. This technique
does not require extremely accurate geodetic coordinates for the coopera-
tive landmarks.

The third technigue is a combination of the first two software tech-
niques and uses cooperative landmark deviations and accurate ephemeris data.



8.3 Filtering Models, Modelling Errors, and Performance Requirements

The key to eliminating registration deviations is repeatability.
Since repeatability in geodetic ground track, spacecraft attitude, attitude
control instrumentation, and disturbance environment is just not possible,
an active on-board technique of spacecraft maneuvering for ground track re-
peatability must be used. There are three basic processing technigues for
autonomous registration. The first technique relies on accurate ephemeris
(GPS), attitude, and cooperative landmark data for estimating the full 21
states in the complete syste model. The second technique uses only 1§nd-
mark deviations on subsequent passes to estimate the range and crosstrack
errors and rates. The third technique employs a combination of the first
two in an attempt to attenuate the modelling errors due to nonrepeatability
of the states.

Using the resultant modelling errors as a source of state noise which
diverges between landmark updates, GPS, ARS, and TM to ARS misalignment re-
quirements are established.

The perturbation equations for a spacecraft moving in the neighborhood
of a circular orbit through an inverse square law gravitation field are
used in the analysis. The nominal spacecraft attitude is shown in Figure
8.3-1 coincident with the Tocal vertical. Because of the uncertainty in
estimating the gyro bias, the spacecraft attitude reference drifts from the
nominal attitude. The attitude error relative to the local vertical refer-
ence frame is denoted (mx, ¢y’ wz)* and (“x""y’ nz)* denotes the gyro bias

. V)*

uncertainty. The ephemeris error is (rx, ry, s Ves Yy

8.3.17 Kalman Filter States

The first 12 Kalman filter states are
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Sources of registration error are not only ephemeris position and velocity,

but also spacecraft ARS error

.i.

and the misalignment between the TM refer-

ence and the ARS reference. The misalignment angles (ux, ay, az)* are

parameterized as

TPer'fect attitude controi ﬁp to the accuracy of the ARS if assumed.

@, = C, + A sin (mpt + 29,)
= + i t + a6

ay Cy )5\‘y sin (mp y)

a, = C, + A $in (wpt + Aez)
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Each o requires three states ZJ; J=1, 2, 3. HUhere

™~
o et
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—
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—
==

Zi(t) 4 mp Ak cos (mpt + AB)

The state transition matrix for a typical set of three misalignment

T 2 3y, .
states (Zk, Zk’ Zk) is
— .i e = . -1 --.[ N -T
Zk(t) T 0 0 Zk(to)
2ty = | o ¢ s/ 2t ) (8.3-3)
k p k'"0 )
3 3. -
_Zkﬂt)_ LP mps ¢ 3 }k(to)_
Thé state transition for the states (wx, Vo B3 Ny My nz)* is
v, () ¢ 0 s s/, 0 (I-c)/ug o, (t
wy(t) 0 1 0 0 At 0 xpy(to)
v, (t) _ | 0 ¢ —(1~c)/mr; 0 S/up v, (t,) (8.3-4)
n, () 0 0 0 1 0 0 n, (t,)
ny(t) 0.0 0 0 1T 0 , (t)
n,(t) 0 0 0 0 0 1 m,(t,)

L - _ - _ -
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The ephemeris position and velocity state transition matrix is given
in Table 8.3-1. Note that the definitions

At = (t - to)
= . At

Y oy

s = siny

C = COS vy

in Table 8.3-1, also hold in the misalignment and attitude transition rela-
tions.

8.3.2 Simplified Kalman Filter Model

A simplified Kalman filter is recommended for estimating the downrange
registration error and rate, and the crosstrack registration error and rate
(measured on the ground). The downrange and crosstrack registration errors
provide pseudo pitch and roll attitude commands, respectively. The down-
range and crosstrack registration error rates are used to derive pseudo
pitch and roll attitude rate commands. The goal dis the elimination of the
registration error throughout the FOV by driving the TM pointing deviation
between successive passes to Ze;o. The yaw requirement for a 15 degree
FOV and an altitude of 705 km is 3.61 arc-second (lo)}*. From single widely
separated Tandmarks or landmark clusters the yaw error between successive
16 day passes is not accurately obiained. If we reiie on the ARS then the
error induced by the gyros between landmark updates must certainly be
bounded by 3.61 arc-seconds {1s) and the attitude update uncertainty must
- also be well within 3.61 arc-seconds (1o). Another alternative would be to
use a natural distributed Tandmark such as a highway that appears through-
out the FOV prior to going into the pass so that an accurate yaw attitude
can be determined and a maneuver initiated.

*The requirement derives from roll/yaw coupling through the orbit rate.
This computation assumes a landmark update of 200 seconds.
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Table 8.3-1. Ephemeris State Transition Relation

L1-8

rx(tO; :

@) feen) 0 ssm) (sese 0 2(c-D)/a)

r,(t) 0 c 0 0 s/ 0 ry(to)

r (t) -5 0 (2-c)  -2(1-c)/u, 0 s/u, r(t,)

vx(t) i ~wgS 0 | -mp(c—1) (2¢-1) 0 s Vx(to)
vy (t) 0 s 0 0 c 0 vy (t,)

v, (t) -wp(c-1) 0 wp(3Y'S) -(3y-2s) - 0 (2-c) v, (t,)

At = (tJto)
y = w, At
s = siny
¢ = Ccos ¥




It is assumed that yaw can be accurately determined so that repeata-
bility in yaw can be achieved. Registration deviation of the TM boresight
will, therefore, be studied.

8.3.3 TM Pointing Deviations

Suppose that during the initial pass that the system state x has some

initial value E}. Assume that there is no variation in the geopotential

and that the attitude control loop is designed so that oscillations in the
spacecraft attitude relative to the reference can be neglected. The T™M
pointing error? relative to the geodetic ground track can be written as a
Tinear combination of the state x(t). The downrange component Rx(t) is

R(E) = -r (8) - fu (6) + Z(8) + Zo()} (8.3-5)
where h is orbit altitude, here h = 705 km. .
The crosstrack component of the pointing error is
R,(E) = =r (t) +h {¢x(t) + () + zi(t)} (8.3-6)
The on ground pointéng error vector (Rx, Ry)* can be written as
B(t) = AX(t) = Ao (t,to) i%(to) (8.3-7)

The initial time t, is arbitrary and can be set equal to zero. Letting
A E% denote the error in the state going into the second pass, or any sub-
sequent pass, the pointing deviation becomes

AR(t) = Ao (t,0) A E}(o) (8.3-8)

TThe T pointing error for the perturbation analysis is the error measured
on the earth surface tangent plane constructed at the zero state nadir.
The earth is assumed to be spherical.
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where t is the time into the pass. The downrange deviation l¢ in meters
is shown in Figures 8.3-1 and 8.3-2 for the various pertinent states. The
crosstrack deviation To in meters is shown in Figures 8.3-3 and 8.3-4.

The misalignment states impact each axis the same. The results are shown
in Figure 8.3-5 for repeatability uncertainties of 0.1 arc-second (s} in
Z; and 2?. The repeatability uncertainty in Z? is taken as 0.1 w_ arc-

second (1¢) where @y is the orbit rate (1.058 x 10'3 rad/second at 705 km).

The window for state repeatability* is much too small. The gyro bias
uncertainty 1o of 0.0013 degree/hour, which is not unreasonable for a 20
minute ARS stellar update causes a 1 meter (1o} pointing deviation in just
over 200 seconds, The state repeatability requirements on ephemeris (posi-
tion and velocity) are not feasible considering the stationkeeping require-
ments at 705 km which require a AVX increment of at most 0.35 meter/second
every 16 days. Active compensation techniques are required.

8.3.4 Estimation of Registration Deviations Using Full 21 Kalman Filter
States

Since the window for state repeatability is much too small an active
technique for eliminating registration deviations must be used. One such
technique requires estimation of the full 21 states using GPS, stellar
data, and cooperative landmarks. Cooperative landmarks are those landmarks
such as beacons or reflecting parabolic mirrors for which accurate geodetic
coordinates are available. Using accurate state estimation for update pur-
poses along with accurate on-board modelling of the state evolution between
updates would allow prediction of the registration deviations and the syn-
thesis of pseudo attitude and attitude rate commands for actively eliminat-
ing these deviations by maneuvering the spacecraft. Because we are deating
with the elimination of registration deviations to within 3 meters (o) on
the ground, the ephemeris position lo must be better than (SAJE) meters.

An expected Timit for GPS is a position uncertainty in the GPS satellite

*The window for state repeatability is that volume in state space centered
on the initial state and within which we must target our state in order to
meet the TM pointing requirements.
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TM Boresight Downrange Pointing Error as a Function
of State Error Between Two Successive Passes

Figure 8.3-1.
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TM Boresight Crosstrack Pointing Error a5 a Function

of State Ervor Between Two Successive Passes

Figure 8.3-3.
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T Boresight Crosstrack Pointing Ervor as a Function
of State Error Between Two Successive Passes

Figure 8.3-4.
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TM Boresight Downrange (or Crosstrack) Pointing Error

as a Function of the ™M to ARS Misalignment -

Figure 8.3-5.
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of 1 meter (see References 13 and 14). So we are right on the theoretical
Timit for GPS position data. Extremely accurate stellar data for updating
the ARS {better than 1 arc-second} is required so that the misalignment
states can be accurately estimated. Cooperative landmarks are required

for estimating the misalignment states. Fractional meter geodetic accuracy
is not considered feasible at this date and from an engineering viewpoint
the operational requirement of cooperative landmarks is not cost optimal.
Geodetic Tandmark accuracy becomes unimportant, however, if one configures
a compensation technique which depends only on landmark registration devia-
tions.

8.3.5 Estimation of Registration Deviations Using Ground Control Points

The simplified Kalman filter uses a model derived by basically setting

cos y = 1
S‘iﬂy=y=mp£\t=0
SINY = At = (Asiny-3q) o
w P
p
cos vy ~1 = {cos y -~ 1) m;] = 0

in the state transition matrix for the full 21 states. The simplified ep-
hemeris state transition matrix becomes
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rx(t). 1
ry(t) 0
r,(t) 0
v, (t) ) 0
vy(t) 0
v (t) 0

At

0 0
At 0
0 At
0 0
1 0
0- 1

The simplified attitude state transition matrix becomes

naned

w,((*c)j
wy(t)
v, (t)
nx(t)
ny(t)
n, (t)

oo TR o B = |

o o

and the simplified transition relation for a typical set of misalignment

states becomes

o
Z3(t)

Z5(t)

zg(t)

brner el

st RS e R o B )

At
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0 0
’ At 0
0 At
0 0
1 0
0 i

vy (L)
v, (t,)
n, (tg)

ny(to)

v, (t,)]

"z(%)]

(8.3-9)

(8.3-10)

(8.3-11)



These transition matrices are used to configure the Kalman filter discussed
in Reference 15 and are used in the following modeiling error study.

Suppose that during the initial pass the 21 stateé are zero. Let
) . . * L .
(rx: r'ys T‘Z’ ‘-'xs Vy: "’Z: 'sz ll’ys les Tlxs T'I‘y.s 'ﬂz) \ and Zja 1 1, 2, 33
J = %, ¥, z denote the state at the beginning of the ‘second pass sixteen
days Tater. The downrange registration deviation is

R(E) = ~(2e-1) ry(£) = (25-31) r(tg) - h v, (t)

- (£§;3 ) Viltg) 2&&;1) Y (tg) - (at) hony(t)

- h{Z;(tO) v o Z2(t

2(tg) + 2= 73 (£ ) (8.3-12)

p

The deviation at time to, using the simplified transition expressions,
is

_ 1 2,
R(tg) = =y (£0) = by (t)) - n{zy(t) + Z5(e.)) (8.3-13)
and the deviation rate at time to is

Ry(tg) = ~vy(tg) = hn (£) - hZ(t) (8.3-14) -

The pitch attitude and rate commands become
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1
h™' R (t,)

it

Yye(ty)

(8.3-15)

. -1
byelty) = b0 R (L)

In reality there is a measurement errﬁr which corrupts the estimation of
Rx(to) and ﬁx(to). The following paragraphs will treat only the modeltling
error and neglect the impact of the measurement noise. Suppose that at
time t, t+ the spacecraft is pitched by y (t.) and the gyro data is biased

X ye'©o
by yyc(to). Then the pitch state becomes

4]

At = g (tg) + h'T Ry(t,)

i

_p] r(t,) - {Z;(to) + Zs(to)} (8.3-16)

and the pitch gyro bias uncertainty is effectively

- _] "
nglegh) = nylt)) + 17 R (t) e
T V(g = Z(E)

After subsituting in Equation (8.3-12) ¢y(to+) and ny(t0+) for wy(to)
and ny(to), the downrange registration deviation evolves as

A Rx(t) = -2(c-1) rx(to) - (2s-3y) rz(to) -4 iﬁ;I) vx(to) ,
(8.3-18)
#2080y (2 ) - hie1) 2(e) - nlel 23 )

i}

P P
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The crosstrack registration deviation is

Ry(8) = ¢ r(tg) + h feuy(e) + 5w (e )}

- s 1-c)
ﬁ;vy(to) + “{q n () + i—wpc n, (2o}
+h {Zl(to) e zB(r) + %E- Zi(to)} o (8.3-19)

The deviation at time to’ using the simplified transition expressions, is
o oop (+ 1 1,2 }
Ry(tg) = -ry(tg) + houy(t0) + n{zZ(e)) +'Z2(x )} (8.3-20)

and the deviation rate at time to is

Ry(t) = =V, (t) + h n,(t) + b Z3(t,) (8.3-21)

The roll attitude and rate commands bégome

beot) = = b7 R (5,) (8.3-22)
Beelt) == 7R () (8.3-23)

Suppose that at time t + the spacecraft is pitched by ¢xc(to) and the gyro
data is biased by &xc(to). Then the pitch state becomes
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be(tet) = w(t) = b R (t) (8323
=07 n(6) - T(tg) - Za(t)
and the roll gyro bias uncertainty is effectively
n(£5#) = ny(t0) - 71 R (£)
(8.3-24)

i

h™! vy (tg) - Z3(t,)

After substituting the Equation (8.3-19) mx(to+) and “x(to+) for ¢x(t0) and
“x(to)’ the crosstrack registration deviation evolves as

AR(t) = hsy (t)+h ﬂ—;cl ny(t,) + h(1-c) z (¢ ) (8.3-25)

8.3.6 GPS, ARS, and TM to ARS Alignment Requirements

The range modelling error lo in meters is shown in Figures 8.3-6 and
8.3-7 for each error source. As an example, a downrange miss on subsequent
passes of 10 meters, even when initially corrected by a pseudo attitude
pitch and constant pitch rate command, causes a registration deviation in
downrange to build to 0.45 meters in 200 seconds. The simplified Kaiman
filter uses registration deviations to estimate pseudo attitude and atti-
tude rate commands. In this example the spacecraft is 10 meters further
downrange than on the previous pass (16 days earlier}. Assume that the
spacecraft is pitched to eliminate this error at to. Then at to+ 200 there
is a 0.45 meter registration error given by A RX = 2{c-1) ax(to). The
state variables which contribute to the downrange modelling error are

® Ephemeris Range
C) Ephemeris Altitude

e Ephemeris Range Velocity
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 RANGE MODELING ERROR ONE SIGMA IN METERS.

Figure 8.3-6.
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Figure 8.3-7. RANGE MODELING ERROR ONE SIGMAM).
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0 Ephemeris Altitude Velocity
®  Thermal Vibration (Misalignment)

¢ Thermal Vibration Rate (Misalignmeni Rate)

A miss in the repeatability of these states on any subsequent pass causes
the downrange registration error to diverge between landmark updates. This
is the error that occurs in spite of compensating through pitch attitude-
and attitude rate commands. The attitude and attitude rate commands are
assumed estimated without error.

The state variables which contribute to the crosstrack modelling er-
ror are

© Yaw
¢ Yaw Gyro Bias Uncertainty -

(] Constant Part of TM to ARS Misalignment
and the crosstrack evolution is shown in Figure 3.8-8.

An altitude change of 10 meters between successive 16 day passes
causes a 2.15 meter (lo) downrange deviation in 200 seconds. If one com-
pensates for the altitude-change by using accurate GPS data, this modelling
error can be greatly reduced and a much larger altitude miss can be foler-
ated. The downrahge registration deviation due to an altitude miss rz(to)
is

R (1) = -(25-3y) r,(t)) _ (8.3-26)

Suppose GPS allows one to determine the altitude to within some 6r2(t
Through compensating the p{tch gyro with the signal

~wy b (rz(to) + arz(to)), the downrange registration deviation becomes

B

0
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Figure 8.3-8. CROSS TRACK MODELING ERROR ONE SIGMA IN METERS.
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8 R(8) ==2s-1) ry(t)) - u ot er ¢ ) (8.3-27)

p z'°0

Letting Pg3 denote the covariance of the altitude miss and P33 the altitude
change uncertainty, the a Px 1o becomes

, 1/2
?/E(A R (1))? ={4(s—y)2 Pl + v p“gg} (8.3-28)

The results are plotted in Figure 8.3-9. The results show that with alti-
tude compensation through the pitch gyro and landmark updates every 200
seconds that an altitude miss of 100 meters can be tolerated. A 100 meter
altitude change without compeﬁsation would produce a 21.5 meter range reg-
istration error in 200 seconds. Using altitude compensation, a GPS uncer-
tainty (10) of 10 meters causes a range registration error of 2.12 meters
in 200 seconds. A change in the altitude velocity of 1 cm/second causes a
range registration error of 0.42 meters in 200 seconds. A change in the
range velocity of 10 cm/second causes a range registration error of 0.6
meters in 200 seconds.

Figures 8.3-6 through 8.3-8 also provides GPS, ARS, and misalignment
requirements if it were feasible to control the LANDSAT to the 1o uncer-
tainty Tevels indicated in the figures. These uncertainty levels are for
the state deviations. Therefore, as an example, altitude must be deter-
mined to within 10AJ?'meters (10). Suggested GPS requirements are

9 Position Uncertainty of BAd?'meters (1o} per axis

) Velocity Uncertainty of 1.0 cm/second (1s) per axis

An uncertainty in the altitude velocity deviation of 2 cm/second causes a
range registration error fo 0.84 meters in 200 seconds. Recall that this
s caused by a modelling error. If we are to relax the GPS requirements
then autonomous registration using landmark deviations to derived attitude
and attitude rate commands having a constant rate profile between landmark -
updates becomes doubtful with the simplified model.
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Range 1o Data With and Without Altitude
sation through Pitch Gyro

Compen

Figure 8.3-9.
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Suggested ARS requirements are

¢ Attitude Deviation 1g of 1 arc-second

) Gyro Bias Uncertainty of 0.0013 degree/hour is adequate
and the suggested TM to ARS alignment requirements are
® Bias of 1 arc-second.

] Variable misalignment amplitude of 1 arc-second at orbit
frequency.

These requirements are summarized 1n-Tab]e 8.3-2. The GPS 1¢ requirements
can be doubled if the landmarks are 675 km apart providing an update ‘every
100 seconds. )

Table 8.3-2. GPS, ARS, and TM to ARS Alignment Requirements for
200 seconds Landmark Update* to Meet 3 meter Regis-
tration Accuracy

aPS
o Position (1o) = 2.1 meters
o Velocity (10) =

1.0 cm/sec

ARS
o Altitude (1q)

0.707 arc-sec

® Gyro Bias Uncertainty {1g) = 0.0013 deg/hr

TM to ARS Alignment

) Bias (1¢) = 1 arc-sec

] Variable Amplitude = 1 arc-sec at orbit rate

*Landmark clusters. are separated by 1350 km
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8.4 State and Measurement Noise

The acceleration-insensitive drift rate stability of the DRIRU (Refer-
ence 16) is 0.003 degree/hour. Assuming that even the 20 minutes between
updates, the primary source of the drift rate instability behaves like
white torque noise which gives rise to an attitude state noise term o t}/2
that shows up as a 5 meter registration error every 200 seconds between
landmark updates. Therefore, the NASA Standard Inertial Reference Unit
does not provide the required accuracy. For this reason, state-of-the-art
stellar and gyro performance data are reviewed and compared with the per-
formance requirements established in Section 8.3.6.

8.4.17 Star Tracker Performance

The MMS ACS module contains three strapdown star trackers. The Ball
Brothers Research Corporation (BBRC) CT-2401 strapdown star tracker is used
on SAS-C and on HEAD-A and is considered as a candidate tracker. The
Center for Space Research at the Massachusetts Institude of Technology
(MIT) has synthesized a calibration technique for the CT-401 tracker that
assures very accurate star readings over 90% of the FOV. The error analy-
sis in Table 8.4-1 of the calibrated tracker is based on the results ob-
tained by MIT (17). and additionally, the tracker development work_going
on at TRW. Using the calibration results as published in (17) and also
typical data on scale factor changes and null shifts due to aging as ob-
served by TRY, one arrives at the error analysis provided in Table 8.4-1.
Note that fixed and very slowly varying tracker biases have no effect on
attitude reference stability and that for purposes of assuring the point-
ing stability one need only be concerned with the vrandom error component of
the tracker of 7 arc-seconds (lq).

The California Institute of Technology Jet Propulsion Laboratory has
carried out research on a next generation star tracker utilizing an image
sensing Charge-Couplied Device (CCD) operating under microprocessor control
(see Reference 18). The magnitude range of stars which may be acquired
and tracked extends from -1 to +6. The laboratory model has a 3 degree
optical FOV and a 100 x 100 element CCD detector. The microprocessor em-
ploys a one part in 16 interpolation routine for determining stellar
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6E-8

Table 8.4-1 BBRC CT-407, 8° % 8° FOV Star Tracker Characteristics

- Error T o Error With
Error Source Without Compensation |External Compensation Comments
(arc-sec) .
Slowly Varying Biases
Null Offset & Nominal Dynamic Lag 18 arc-sec (1 o) e Caiibrated out by bench
test
Aging (Null Shifts, Dynamic Lag Shifts, etc.) 4 arc-sec (1 g} 4.0 No further compensation
TotaT Biases (RSS) 18.4 .0

Errors Appearing Random for Discrete Star Observ.
Nonlinearity & Nonorthogonality 10 arc-min (peak) 3.0 Bengh ca]jbration by po]y-
Temperature & Power Sensitivity (+ 30°C) 2 arc-sec/°C nominal fit: 60 coeffi.
External Magnetic Field (0.4 gauss) 10 arc-sec {peak) 2.5 Correction factors/terms
Star Intensity (AMV = 3) 30 arc-sec {1 o) 2.5 obtained from bench test
Scale Factor Changes {Aging) 10 arc-sec {1 o) 1.5 Qccasional updates from

ground-based Kalman filter
Subtotal (RSS) | 203.5 | 4.9

Noise i

NEA (Noise Equivaient Angle) | 5 arc-sec (1 o)
(r = 0.5 sec, No compensation
M = 6) 5.0
v

Total Random Errors for Discrete Star Observ.(RSS} 203.6 7.0
Total 1 o Accuracy (:E:Bias + Random} 222 arc-sec 11 arc-sec




coordinates to within a resolution of 7 arc-seconds and an accuracy of 10
arc-seconds anywhere within the field of view. CCD arrays having 400 x 400
elements or more are envisioned for the future. The only basic problem
with the CCD arrays is local repeatability of the elements. One would pre-
fer to have the optical sensitivity characteristics of adjacent elements
very nearly identical. An accuracy improvement can be obtained if more
stars are processed. For the LANDSAT application, the yaw deviation be-
tween successive passes can be obtained through stellar template matching
just prior to going into each subsequent pass.

8.4.2 Gyro Performance

Gyro data is required for propagating the ARS attitude quaternion be-
tween stellar updates. The three-axis gyro reference assembly (GRA) can
be configured as six skewed strapdown gyros arranged in a dodecahydron for
redundancy and reliability considerations. The state noise covarianée for
the attitude portion of the state vector is derived on the basis of

¥o= nt, (8.4-1)

v o= (8.4-2)

=

where ¥ is the attitude of the ARS reference relative to the target frame,
n is the gyro bias uncertainty, ﬁ; is the white float torque noise, and

Eh is the white torque derivative noise. The above equations are valid

for an inertial hold mdde. Since the spacecraft is in the earth pointing
mode, the following dynamics are applicable.

= -w XU+ Fo (8.4-3)

= (8.4-4)
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where i’and ﬁ'are derivatives with respect to the moving on-board computa-
tional frame. The state transition matrix is defined in Equation (8.3-4).
The noise vectors ﬁ; and ﬁh have zero mean white ndise components with
covariances

3 "
Oyx 0 0
- T _ 2 _
E n, ny = 0 Iy 0 (8.4-5)
2
0 0 o
vz
- _
rz ]
Tux 0] 0
7oA 2 8.4-
E ny, 0 Iy 0 { 6)
y
0 0 Yz
L. _

Letting
q, = diag (cix, Tyy? 052, sz’ Uﬁy, sﬁz) (8.4-7)
the state noise covariance becomes
Q(t,to) = 'szatt (t,1) Q tat (ty1) dr (8.4-8)
to

The analytic expressions for the roll, pitch, and yaw axes are given in
Table 8.4-2, Factored into the results of Equation (8.4-8) is or which
represents the standard deviation of the noise observed in incremental at-
titude samples for gyros operating in the rate mode.
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Table 8.4-2. Gyro Induced Attitude State Noise

——————_

) . 2
Roll : 447 = 02 (at) + 05 —%—- {(At) - El' sin wy At}' + of
p

v
0 p

. 3
Pitch : Qo = 03 (at) + ci (at) + ol

The Bendix 64-PM-RIG gyro (IUE gyro) is one of the most accurate strap-
down gyros currently available. This gyro is believed to provide values of

op = 0.04 arc-sec
o, = 0.0156 ar‘c-sec/sec]/2 (§,4_9)
o, = 2.0 x 10"5 an“t:-sec:/se(:sf2

The gyro bias uncertainty lo is taken as

o, = 0.0013 deg/hr

for attitude and gyro bias updates every 20 minutes from the star tracker
and ARS Kalman filter. The effect of o is further compensated for by ob-
serving landmarks every 200 seconds and adjusting not only the attitude
commands but also the biases on the measured gyro data. Figure 8.3-8 shows
that a gyro bias uncertainty 1o of 0.0013 degree/hour does not preclude the
possibility of eliminating registration deviations using ground truth.
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Additional ARS errors are

e Computer Roundoff Error
(] Commutation Error

. Quantization

Gyro scale factor uncertainty of 50 ppm has a negligible effect on attitude
estimation for the earth pointing mode. The gyro iﬁput axis alignment un-
certainty shows up as part of the gyro bias which is estimated by the ARS
Kalman filter. Table 8.4-3 shows the estimated ARS attitude arror for 200

seconds.

Table 8.4-3. ARS Attitude Error Accumulated over 200 Seconds

Error Source (1 o)

T ¢ Contribution
per Axis {arc-sec)

State Noise
e Gyro White Torque Noise, s, = 0.0156 arc
sec/secw2 _
& Gyro White Torque Derivative Noise,
o, = 2 X 107° arc sec/sec’ 2

& Signal Generator Noise

*
Commutation Error, and Quantization
ek
Computer Roundoff Error

* @Gyro Scale Factor Equals 0.01 arc sec/pulse
*%  Gyro Sampling Period T = 200 ms.
Assuming a 32 hit wordlquth.

.78

1072
1073 A5

Total RSS (arc sec)

.79
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Simulation results show that over 20 minutes and for the noise charac-
teristics of the Bendix gyro that\,q]1 and,fq22 vary from one another in-
significantly. The evolution of attitude state noise lo is shown in Fig-
ure 8.4-7.

8.4.3 Variations of the Geopotential

The geodetic ground track on subsequent 16 day passes will be shifted
in crosstrack. The spacecraft, therefore, follows a new and different path
through the geopotential. The constant shift may give rise to a bias in
the geopotential deviation. The change of the satellite geopotential is
modelled as an acceleration which is modelled as a bias plus a normal white
process.

The results of a 1 pg (9.8 x 1076 m/secondz) acceleration on the
single axis pointing 1o in meters is shown in Figure 8.4-1. The velocity
change due to the normal white acceleration process of autocorrelation

Rnn('c) = A §(7) (8.4-10)

is the Wiener Levy process with autocorrelation -

Atz 0<t2<t.[

2

R,y (ts ) = { - (8.4-11)

At < t

1 1

v(t) is normal, with zero mean and variance equal to At. The orbital posi-
tion 1o-is‘VAT3/3. If we include the unknown bias, the RSS pointing error
becomes

Pointing (1o) = %/az t474 + at 3/3 (8.4-12)
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SINGLE AXIS POINTING ONE SIGMA IN METERS.

Figure 8.4~1.

i

"dHA T J038/ENTINIOd SIXY 3TENIS

U
B .
1
!

I
1
1
1
1
f
b

4.0
2.04---------

D4AI/8NIINIOd SIXH JMGNIS

1200.0

8-45

TIME (SECONDS)



The results for a normal white geopotential noise component with

A = 9.8% x 10712 123

is shown in Figure 8.4-2. At 200 seconds TM boresight pointing uncertainty
is 0.016 meters (To). For a 1 ug acceleration bias the pointing uncertainty
at 200 seconds is 0 2 meters (Tc) The state noise component due to the
bias is 0.5 A(t- t ) since compensation for this effect is impossible using
state 1nf0rmat1on from the simplified Kalman filter. Note that the satel-
tite geopotential in and of itself is not being addressed here. "A" is not
the acceleration bias component over and above the inverse square law, but
instead represents the constant part in the change in the satellite geopo-
tential between the initial pass and successive passes separated by roughly
16 days. Repeatability in the satellite geopotential is desired. This
analysis suggests that on all subsequent 16 day passes the LANDSAT must
orbit through a geopotential cooridor centered on the initial pass satellite
geopotentia] In term of the bias acceleration shift, a T mgal (10~ -8 m/
second ) corridor should be preserved for a 0.204 meter {1o) geopotential
induced registration deviation in 200 seconds.

8.4.4 Scene-to-Scene Variations in Atmospheric Drag

Using a peak orbit velocity change of 0.35 m/s in 16 days, due to
atmospheric drag, the peak deceleration is 0.253 x 10'6 m/sz. The worse
case environmental change in 16 days would occur if the atmosphere density
were to go to zero. The b1as acceleration change in the downrange di-
rection would be 0.253 x ]0 m/s 2 which produces a registration deviation
of 0.0052 meters in 200 seconds. Thus, variations in atmospheric density
between 16 day passes at an altitude of 705 km produces an insignificant
registration deviation between 200 second (or even 20 minute) landmark up-

dates.
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8.4.5 Landmark Registration Uncertainty

Landmark registration (processed measurement) to within 1.5 meter {1o)
can be obtained using a cluster of five landmarks whose signature data
peaks are separated by 5 to 6 pixels {see Reference 15). The 30 signature
width for a point source such as a beacon is assumed to be 3 pixels. The
Tandmark registration deviation measurements have a lo uncertainty of
1.5+/2 meters.

8.5 Conclusions

The feasibility of autonomous elimination of scene-to-scene temporal
registration errors for the LANDSAT-D Thematic Mapper (TM) has been addres-
sed. Various approaches and analytical techniques have been traded. The
recommended approach uses, in part, landmark registration deviations to
estimate pseudo attitude and attitude rate commands for eliminating regis-
tration errors caused by changes in spacecraft position, velocity, atti-
tude, gyro bias, and TM to attitude reference system (ARS) misalignment be-
tween successive 16 day passes. For short time intervals the spacecraft
attitude, ephemeris, and TM misalignment states can be combined to yield a
simplified Kalman filter formulation consisting of states which are sepa-
rable from one another. Separable states in this context means that each
filter state impacts the landmark registration deviations in distinctly
different ways. The simplified Kalman filter states are TM boresight on
éround downrange and downrange rate deviations, and the TM boresight on
ground crosstrack and crosstrack rate deviations. The pseudo attitude and
attitude rate commands are derived from estimates of the above four filter
states using landmark registration deviations and are kept constant between
Tandmark updates.

Because of the modelling error incurred in the simplified Kalman fil-
ter formulation the truth diverges from the simplified state estimate fol-
Towing the Tandmark update. The divergence is functionally dependent on
the amplitude of the state deviation between the two successive passes at
the time of the landmark update. It also depends on the lo accuracy to
which the state deviation can be determined if that state is used to com-
pute pseudo attitude and/or attitude rate commands. A simple example will
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illustrate these ideas. Consider only an ephemeris downrange deviation
rx(to) and downrange velocity deviation Vx(to)' The downrange registration
deviation {see Figure 8.3-1) at time tg is

R,{t,) = -r(t)
and the deviation rate at time to is
R (ty) = -vx(to)

Assume that rx(to) and vx(to) are both positive for the sake of discussion
and Tet h stand for the orbit altitude. A negative (see Figure 8.3-1)
pitch command of -h'.l Rx(to) removes the downrange registration deviation
at time to. In addition, suppose that we bias the pitch gyro information
by the negative pitch rate —h"1 Vx(to)' One would think that the registra-
tion deviation between time t, and the next landmark update would remain
constant. This is, however, not the case. As shown in the text, the down-
range registration deviation ARx for t greater than to evolves according

to

4 (Sinmpbt—wpat) Vx(to)

AR (t} = -2 (cosw At—11 rx(to) -

p

W

p

where

At = t - to

and wy is the orbit rate. The above equation is based on the perturbation
expressions for the motion of a satellite in the neighborhood of a circuiar
orbit and for an inverse square law gravitational field. The important
thing to note is that the downrange registration deviation diverges between
updates and that the magnitude of the divergence depends on the amplitude
of the ephemeris downrange deviation rx(to), and the amplitude of the eph—
emeris downrange velocity Yx(to)' ARX also depends on At which is the
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elapsed time following the previous landmark update. ARX is the modelling
error and must be included as part of the state noise. Landmark registra-
tion deviations permit the estimation of Rx(to), and éx(to) which are used
to compute the pseudo pitch attitude and pitch attitude rate commands.

Only the state deviations are important if landmark registration deviations
are used in this fashion. Please note that we have a state targetting
problem going into the pass. A landmark separation of 1350 km on the
ground provides an update every 200 seconds. If during the second pass

the ephemeris range deviation continues to grow such that at each succes-
sive landmark in the second pass the ephemeris range deviation has increased
we are faced with larger and larger state noise between landmark updates
until this single component of the ephemeris state exhausts the 0.1 pixel
error budget. The state targetting problem and how it is overcome by using
more and more frequent ephemeris as the state deviation grows is reserved
for future study. The discussion here is restricted to the use of landmark
registration deviations and the state noise evolution prior to the second
landmark update at 200 seconds. It is shown that the Tandmark only imple-
mentation must be augmented by a constant pitch rate command which is a
function of the altitude miss between successive 16 day passes. Using a
precomputed pitch attitude command based on accurate GPS supplied ephemeris
of LANDSAT-D, an altitude miss of 100 meters contributes only 0.32 meter {1o)
to the registration error after 200 seconds if landmark and ephemeris up-
dates are obtained every 200 seconds (1350 km on the earth's surface).

The DRIRU gyro reference assembly may not provide sufficient accuracy
for the attitude reference system and, therefore, a single degree-of-
freedom, floated gyro with good drift rate stability, such as the Bendix
64-PM-RIG, is recommended. Also, since an attitude accuracy of better than
10 arc-seconds is required, the NASA standard tracker (BBRC CT-401) cannot
be used. Three CCD star trackers each having 3 degree FQV, 400 x 400 ele-
ment array, and 3¢ signature width over 4 pixels might ﬁrovide the required
0.707 arc-second attitude determination accuracy.
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Additional conclusions reached during the study are

] GPS must provide ephemeris to 2.1 meters (lo) in position,
and 0.01 meter/second (lo) in velocity every 20C seconds in
order to achieve the registration accuracy goal of 3 meters
with landmark measurements every 200 seconds.

® A velocity state repeatability of 1.4 cm/second has been
assumed in the study. This requirement can be relaxed if an
active registration error compensation for a larger velocity
miss is mplemented.

) On subseguent passes the satellite must fly within a geopo-
tential corridor centered on the initial satellite geopo-
tential and within which a bias change not in excess of
10 mgal (10—5 meters/secondz) exists.

® Landmark updates are used every 200 seconds. A five cluster
beacon landmark is required with the beacons separated from
150 to 180 meters on the ground (for a 705 km altitude}.
This provides a 1.5 meter (1¢) landmark registra%?an accu-
racy.

The contribution of the state noise errors by downrange and crosstrack
To errors 200 seconds after landmark and ephemeris updates are defined in
Tables 8.5-1 and 8.5-2. These error sources are derived on the basis of
modelling errors which contribute, in part, to the state noise in the sim-
plified Kalman filter model. There are two important aspects of the model-
Ting error budget. One aspect of the problem is state repeatability and
the second is state accuracy. Ephemeris and attitude deviations deal with
state repeatability. As an example, in Table 8.5-1 the range is considered
repeatable to within 3 meters {1s) where BAdﬁ'meters (1o} represents its
ephemeris accuracy. The altitude is considered repeatable to within 100
meters with an uncertainty in the altitude deviation (1¢) of 3 meters due
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Table 8.5-1. State Noise Downrange Error 1o 200 Seconds After
Landmark Update

Downrange {1o)

(meters)
¢ Ephemeris Deviations
Range = 3 meters 0.135
Altitude = 100 meters 0.32
Range Velocity =\ﬁfcm/sec 0.085
Altitude Velocity =\/§ em/sec 0.597

o Ephemeris Accuracy
Range (1o) = BAJ?'meters*
Altitude (lo) = 3AJZ meters 0.63
Range VYelocity (1¢) = 1 cm/sec**
Altitude Velocity (lo) = 1 cm/sec**

e Misalignment Errors

Variable Past {1¢) = 1 arc-sec 0.077
Misalignment Rate {lo) = 1.058 arc-sec/sec 0.0054
e Gyro Induced Errors 0.79

e Geopotential
10 mgal (]G_5 metets/secz) Bias

Acceleration 0.204
Random Normal White Noise Acceleration 0.016
Total RSS Ervor (1o) ' 1.25

*The ephemeris range deviation accuracy (lo) is 3 meters and this error
has been accounted for in the ephemeris range deviation.
**The range and altitude velocities are taken as repeatable to with the
ephemeris velocity accuracy of 1 cm/sec. Their contribution to the
error budget is under ephemeris deviations.
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Table 8.5-2. State Noise Crosstrack Error 1o 200 Seconds After

Landmark Update

Crosstrack {1¢)

(meters)

¢ Attitude Deviations

Yaw = 1 arc-sec 0.72

Gyro Bias Uncertainty = 0.0013 deg/hr D.094
e Attitude Accuracy

Yaw (o) = 1AJ?'arc-sec*

Gyro Bias Uncertainty (lo) = 0.0013Af2

deg/hr*

e Misalignment Errors

Bias (1o) = 1 arc-sec 0.077
o Gyro Induced Errors 0.79
‘e Geopotential

10 mgal (10"5 meters/secz) Bias Acceleration 0.204

Random Normal White Noise Acceleration 0.016
Total RSS Error (1g) 1.095

*These errors have been accounted for under attitude deviations
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to an ephemeris accuracy (1) of SAJE'meters Please note that if the
ephemeris (position and velocity) were provided every 20 seconds, the con-
stant pseudo attitude and attitude rate commands could be updated every

20 seconds and the ephemeris lo requirements could be relaxed. However,
the pseudo attitude and attitude rate commands are a function of ephemeris
deviations and the more frequent the update, the larger the data storage
requirements become. One could conceivably update the ephemeris every
second and compute the registration deviations using the ephemeris from the
pass 16 days earlier. The simplified Kalman f%lter (see Reference 15) has
a divergent state transition matrix. The performance of this filter is
computed as the root-sum-square of the downrange and crosstrack registra-
tion deviations which are two of the filter states. The downrange and
crosstrack state noise 200 seconds after a landmark update is given in
TabTe 8.5-1 and 8.5-2. By taking the RSS of 1.25 meters and 1.095 meters,
the RSS two-axis zero state noise performance requirement on the simplified
Kalman filter of 2.50 meters (lo) can be derived. Velocity repeatability
of T cm/second is not considered feasible so it appears necessary to update
the ephemeris more frequently and adjust the attitude and attitude rate
commands. A 1 or 2 cm/second velocity variation has been detected using
high precision range-rate data from the synchronous ATS-6 satellite tracking
the Tow earth orbiting Apolio-Soyuz (see Reference 19). Tracking data was
collected over 100 revolutions, however. Autonomous registration is feasi-
ble using extremely accurate ephemeris and geopotential models to derive
precomputed attitude and attitude rate signals for registration error com-
pensation. The next generation satellite laser ranging system will be
capable of ranging to low orbit and synchronous orbit satellites with 2 cm
accuracy (see Reference 20). Future studies should be directed toward es-
tabTishing the optimum mix of ephemeris and Tandmark data assuming an ac-
curate state-of-the-art geopotential model is available. Laser ranging
may not be necessary if the lack of ephemeris state repeatability can be
tolerated by using an accurate geopotential modei.

Filter performance requirements have been established through covari-
ance studies. To assess true filter performance one must have the actual
measurement residuals. It is, therefore, recommended that future studies
involve a truth model.
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9.0 ON-BOARD SOFTWARE REQUIREMENTS

The on-board software capability required to perform the attitude
reference algorithm, implement the attitude control laws,and provide Ku-
band antenna control during TDRS 1ink acduisition, is- provided by the
NASA Standard Space Computer, NSSC-1, which is Tocated in the communica-
tions and data handling (CDH) module. This section will present prelim-
inary estimates of memory and computation time requirements to perform
these functions for LANDSAT-D.

9.1 NASA Standard Space Computer {NSSC-1) Characteristics

The central computer to be used on MMS was designed as a jow cost,

" high speed digital computer and is an outgrowth of the On-Board Processor
now flying on 0AO-3. This computer, originally known as AQP, has been
adopted as the NASA Standard Space Computer, NSSC-1. The computer's de-
sign possesses features that readily allow time-shared operation with
sufficient inherent reliability to be trusted with mission critical func-
tions. The computer has a modular architecture with dual interconnecting
buses between memory and processor modules to avoid the possibility of a
catastrophic single point failure. General characteristics of the com-
puter are summarized in Tables 9-1 and 9-2 (Reference 1 , Section 5.0).

9.2 ARS Algorithm Software Requirements

The ARS software is used to process gyro data, to derive rate and
attitude, and to process strapdown star tracker measurements in a six-
state Kalman filter to develop periodic estimates for updating attitude
and gyro drift. Quaternions are used as the kinematic variables to de-
scribe spacecraft attitude. ‘

The ARS software organized in tefms of individual software modules
defined to handle specific functional requirements. The actual linking
of these functions is under control of the Executive software. Functional
flow of the software execution is shown in Figure 9-1, and the computer
software requirements are summarized in Table 9-3. Single precision
arithmetic is used throughout, with double precision accumulation of dot
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Table 9-1.

General Characteristics of NSSC-1 -

Word Length

Execution Speed

. Memory Capacity

Registers

Processor Interrupts
Direct Memory Access

Memory Write Protection

Input/Output

Program Load and Dump

18 Bits, 5 Bits Instruction ID,
1 Bit Index, 12 Bits Operand Fetch

2 usec Cycle Time, 4 psec Add, 32 usec
Multiply, and 60 usec Divide

Four 8192 Word Modules for Total of
32,768 Words. (Expandable to 64 K in
8 K Segments.)

One Double Length Accumulator (36 Bits),
Two Registers, One Index Register

16 Levels of Priority Interrupt
16 Cycle Steal Channels

Allowable Storage Areas are Assigned in
Segments of 128 Words

1/0 is Achieved through Time Multiplex-
ing of Existing Telemetry and Command
Hardware

Any 4 K Memory Bank can be Loaded and
Dumped via Command and Telemetry with-
out Software Bootstrap

Table 9-2. Physical Characteristics of NSSC-1
Size Power Power (Full
3 Weight (Standby) Operation) Technology

{in”) (1bs} (watts) (watts)
Processor 75 4 6 6 TTL-LSI
Memory 8K x 18 Bits 100 5 0.07 24 Core
Power Converter 100 5 3 8 Discrete
Total (32K) System 275 14 g 38
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Table 9-3. ARS Software Requirements Summary

T Memory .
- Computation
Functions (18 bit vords) Tim%/C{cle
Read/Mrite ms
Program (Data Base)

Math Pack 500 50 --
Attitude Initialization Module

Attitude Determination by Magnetic F

Field Measurements 100 35 3.0

Rol1l about Sun Line 150 35 5.0
Gyro Reference Module

Gyro Data Processing 140 20 18.0

Attitude Propagation Algorithm 160 20 12.2

State Transition Matrix 70 10 1.8

Direction Cosine Matrix 95 20 8.7
Ephemeris Module

Fourth Order Hermit Polyn. it to 190 1200* 52.0

ten Benchmarks/Orbit

Ephemeris Computation from Polynomial 1.4
Star Measurement Module (2 Trackers)

Star Identification 185 253%* 25.6

Star Tracker Data Processing 300 50 20.3
Filter/Update Module (1 Star) ‘

Covariance Propagation 275 42 41.3

Measurement Matrix 240 40 33.0

Kalman Gain Matrix 100 20 27.0

Covariance Matrix Update 60 10 39.0

State Vector Update 95 5 5.3

Total Memory 2660 1810

*Includes data table of benchmarks for 24 hrs at & benchmarks/hr = 864 entries
**Includes star catalog of 75 stars = 225 words (aberration corrected right
ascension, declination, and brightness)
tHagnetic Field Hodel not included
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products, utilizing the double length 36 bit accumulator of the NSSC-1.-
The minor cycle time for the ACS/ARS software is 400 ms. A general pur-
pose math pack of utility subroutines is assumed available. A math pack
containing matrix algebra routines (except inverse), sine, cosine, tan-
gent, arc-sine, arctangent, and square root routines would require about
500 words of program storage and 50 words of scratch pad memory. The
succeeding paragraphs provide a functional description of the modules
and define underlying assumptions.

Attitude Initialization Module

To initialize attitude, the spacecraft first acquires the sun with
its negative yaw (-z) axis using the array located coarse sun sensor and
the precision digital sun sensor in conjunction with the RCS and reaction
wheel attitude control system. Magnetometer earth field measurements are
then used to determine orientation about the sun line within about 2 de-
grees. This 1is sufficiently accurate to unambiguously identify a reason-
ably bright and isolated star Tocated in the swath traced out by the
tracker when the spacecraft is rotating about the sun Tine. The residual
from this star measurement is then used to initialize the regular Kalman
filtering algorithm for computing the first attitude update (the regular
filtering and update software is used for this and not included in the ini-
tialization module). Storage required for the magnetic field model is also
excluded.

Gyro Reference Module

This software module provides the functions associated with maintain-
ing an inertial attitude reference in conjunction with a configuration of
strapdown rate integrating gyros. The gyro outpuis are processed to com-
pensate for known misalignments, scale factor errors and biases. Rate
and attitude of a known reference frame, nominally fixed with respect to
the gyro configuration, is derived with respect to a known inertial ref-
erence frame, e.g., Earth-Centered-Inertial (ECI). The attitude is de-
scribed by quaternions and the attitude propagation algorithm uses the

_ . (1/2)0,T
closed form solution of the quaternion equations, i.e., qp = e SIRE
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Ephemeris Module

The ephemeris algorithm presented in Appendix D of Reference 2 1is
assumed to be used. The ephemeris is to be provided by a six element
vector comprising the radius vector in ECI (three elements) and the ve-
Tocity vector in the same coordinate system. The module will be pro-
vided with a table of benchmark residuals along with an algorithm for’
computing (approximate) ephemeris at the benchmarks. At a given point
in time, the algorithm computes and stores benchmark ephemeris at four
points surrounding the current time and from these four benchmarks,
ephmeris is computed by means of a fourth order Hermite polynomial in-
terpolation. In addition, the on-board algorithm can be used for extra-
polation beyond the 1imits of the table if necessary. The computational
time required for an update not requiring new benchmark information {new
benchmarks are provided at least every 10 minrutes) requires on the order
of 1.5 mseconds. Computation time for'cases requiring an update of the
benchmarks require over 50 mseconds due to the large number of multipliers
involved in generating the benchmarks. Storage of the benchmarks rather
than the residuals would reduce the data requirements by 31 words and at
the same time reduce the average minor cycle computational requirements.

Star Measurement Module

This software module provides the functions associated with star
measurement data processing of two strapdown star trackers, assuming one
star in each tracker. The software processes and applies corrections to
star tracker data based on stored correction factors generated during an
in-orbit star tracker calibration. The software is based on a third
order polynomial correction of the type proposed by MIT for the BBRC
CT-401 tracker, Reference 17. The measurement software also provides star
identification utilizing attitude information and the aberration corrected
star catalogue stored in memory.

Filter/Update Module

This software incorporates the Kalman filter associated with provid-
ing an optimal estimate of the attitude determination state vector. The
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Kalman filter has a six-element state vector consisting of three attitude
variables and three gyro bias variables. In using quaternions to repre-
sent attitude, it is noted that one of the parameters is redundant, i.e.,
constrained by a simple algebraic relation. This makes it possibie to
unambiguously represent variations in the fourth parameter in terms of
variations in the first three. It follows that the Kalman filter need
estimate only the three variables, and thus its state vector contains
only three attitude terms. The Tinearization of the equaticns as re-
quired by the filter formulations are taken about the past filter esti-
mate.

The eguations for the extended Kalman filter are well known.

T ¥ Q

-
1]

P

K = PHHPHT+R]™!

-
§l

[I-KH] P

~

8X

"

Ksy

The state error covariance matrix, P, is propagated using the state
transition matrix, o, and the state noise covariance matrix, Q. The
state transition matrix is initialized at the time of each update and
computed (in the Gyro Reference Module) between updates at each integra-
tion step using the gyro derived attitude. The optimal gain matrix, K,
is computed from the measurement matrix, H, and the measurement noise
covariance matrix, R. The measurement matrix relates variations in the
measurement vector to variations in the state vector. The measurement
noise covariance matrix, R, is 2 x 2 and the elements are constants
whose value is selected based upon the expected (or measured) noise in
the star measurement. The gain matrix, K, is used to establish a state
correction 5;, to the state vector using the measurement residual, GQ.
The state error covariance matrix is aiso updated using the gain matrix
and measurement matrix, and constrained to remain positive definite.
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9.3 Attitude Control Software Requirements

A description of the attitude control system has been provided in
subsection 6.4. The ACS software processes estimated attitude, gyro
data and sun sensor data to provide control signals to the reaction
wheel drives and/or the RCS valve drivers. It also provides the magnet-
ic unloading Togic and Ku-band antenna control during TDRS 1ink acquisi-
tion.

The ACS software is organized in modules defined to handle specific
functional requirements. The Tinking of these functions is under control
of the executive software. Functional flow of the software execution is
shown in Figure 9-2, and the computer requirements are summarized in
Table 9-4. Single precision arithmetic with double accumulation of dot
products is assumed throughout. The computation cycle is 400 ms, syn-
chronized with the ARS minor cycle. An exception is the Ku-band antenna
control for TDRS acquisition with a compuiation\cyc1e of 50 ms. The fol-
lowing paragraphs provide a brief functional description of the software
modules.

Sun Sensor Moduie

This module processes the output signals of the coarse sun sensor
Tocated on the solar array (4r steradian coverage), and the fine digi-
tal sun sensor located in the ACS module. The processing consists mainly
of bias and ADC offset removal, and scale factor corrections. The pro-
cessed output for each sensor consists of two quantities which define the
sun vector in sensor coordinates, yielding essentially x and y errors
normal tc the sunline which is nominalily along the sensor z-axis. For
iarge sun angies, the bilevel signals and sun presence signals must be
used.

Attitude Error Module

The spacecraft attitude errors are computed for the different modes
of operation. Mode end checks are also inciuded; for instance, when to
switch from the coarse to the fine sun acquisition mode. For normal on
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Table 9-4, Attitude Control Software Requirements Summary

; Memory Com .
R N putation
Functions (18 bit words) Tim%/C§c1e
Read/Urite ms
Program (Data Base)

Sensor Module

Coarse Sun Sensor Processing 60 7 3.6

Digital Sun Sensor Processing b0 7 0.6
Attitude Error Computation Module

Coarse Sun Acquisition 70 17 0.7

Fine Sun Acquisition/Stellar

Acquisition 60 15 0.9

Normal On-Orbit Attitude Error 60 36 3.0
RCS Control Module

RCS Control Laws 310 50 b.4

(Valve drive logic hard-wired,

external)
Reaction Wheal Control Module

Reaction Wheel Control Laws 125 36 2.9

Reaction Wheel Speed Read and

Processing 70 10 1.5

Momentum Check/Unloading Logic

Using RCS 70 23 0.6
Maanetic Control Module

Magnetometer Read 70 10 1.5

Magnetic Control Laws 135 40 3.0
Ku-Band Antenna Control Module

Targeting/Search and Servo Control Law 176 55 2.4%

Total Memory 1250 306

*Minor computation c&c]é 50 ms. Only pérformed during TDRS iink acquisition.
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orbit operation the small angle attitude errors relative to the local
vertical frame are computed from the spacecraft inertial attitude
quaternion (obtained from the ARS) and the ephemeris target quaternion,
using quaternion algebra.

RCS Control Module

This module contains the software to compute thruster actuation sig-
nals from the spacecraft attitude errors and gyro sensed rates. Meode
dependent options, control law shaping filters (if required), Timiters,
and thruster deadzones are programmed in this moduie. Pulsewidth modu-
Tated thruster control is assumed. The outputé of the module are thruster
on-time count-down signals in body coordinates. The thruster select
Togic is assumed to be hardwired, external to the processor.

Reaction Wheel Control Module

This module computes RW torque commands for the various modes of
operation of the spacecraft from the attitude errors and the spacecraft
rates. Integral compensation, limiters, shaping networks, transforma-
tions from body to wheel coordinates, constant speed commands, speed

read and momentum computations, etc., are included. The module also con-
tains the momentum unloading logic when using the RCS for unloading,

which is not the nominal mode of operation for L-D but must be provided.

Magnetic Control Module

This software processes the magnetometef signals and implements the
magnetic control Taws for continuously unlcading the wheels, interrupted
by shutdown signals (all torquer bars off} during star tracker read. The
magnetic control law used is
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where

desired magnetic moment of torquer bars’

=
=
I

B = earth magnetic field
Hé = spacecraft momentum error
K = a gain constnat

Ku-Band Antenna Control Module

This module is only exercised when the Ku-band antenna rnust acquire
the TDRS Tink. Under normal operation, the Ku-band antenna is under
autonomous autotrack control and the computer software is not involved.
The TDRS Tink acquisition software solves targeting equations, computes
gimbal angle commands that point the antenna to TDRS and synthesizes the
control equations required to execute the pointing command, i.e., slew-
ing the antenna and settling into the desired orientation. The software
can also command a spiral search about the target area as presented in
Section 3.3. When exercised, the minor cycle computation interval for
this software module should be on the order of 50 ms since the bandwidth
of the antenna servd is expected to be in the 2-3 Hz range.

9.4 Typical Normal On-Orbit Requirements

Tables 9-3 and 9-4 listed ARS and ACS software requirements for
various operational modes and conditions of LANDSAT-D. Total memory re-
quirements, are

3910 words of program memory

and
2116 words of read/write memory

Typical software requirements during normal on-orbit operations are
surmarized in Table 9-5. The top half assumes no ephemeris and attitude
updates and arrives at a total execution time of 44.4 ms per 400 ms minor
cycle, which is very reasonable. The bottom half of the table adds to
this the software requirements for ephemeris and attitude updates,
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Table 9-5. Normal On-Orbit ARS/ACS Software Requirements

Memory
(18 bit words} Computation
Functions Time/Cycle
Read/Write (ms)
Program (Data Base) :

Math Pack 500 50 -
Gyro Data Processing 140 20 - 18.0
Attitude Propagation Algorithm 160 20 12.2
State Transition Matrix 70 10 1.8
Ephemeris 80 35 , 1.4
Normal On-Orbit Attitude Error 60 36 3.0
Reaction Wheel Control Laws . 125 36 2.9
Reaction Wheel Speed Read and
Processing 70 10 1.5
Momentum Check/Magnetic Unloading 170 50 3.6
Subtotals (no update) 1375 267 444
Ephemeris Update 110 1165* 52.0
Direction Cosine Matrix 95 20 9.7
Star Measurement Module (2 Trackers) 485 303%* 45.9
Filter/Update Module (1 Star) 770 117 145.6
Ku-Band Antenna TDRS Link Acquisition | 170 55 19.2"
Total {with update and TDRS Link

Acquisition) o 3005 | 1927 316.8

*Contains 864 words of ephemeris benchmarks
**Contains 225 words of star catalog
+8 x (2.4 ms every 50 msec)




processing both trackers, but computing update from only one star. If a
second star is present, it is used for updating the state vector in the
next minor cycle. Both star trackers are processed at once since it is
computationally efficient and it Teaves the option open to process the
two star measurements simultaneously should this be required at some time.
Software reguirements for control of the Ku-band antenna during TDRS 1ink
acquisition is also included in the bottom half of the table. The required
computation time with updates of 316.8 ms sfi11 fits nicely into the pro-
posed 400 ms minor cycle. This is not essential, since the attitude up-
date increment, for example, could be computed over several minor cycles
and the state transition matrix could be used to finally perform the
state update several minor cycles after the star measurements were made.
The ephemeris update can also be spread over several minor cycles.

The results above indicate that the software requirement for the ACS/

ARS fits nicely into the NSSC-1 computer, leaving ample memory and compu-
tation time for the software requirements of the other subsystems.
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‘ START ’

{

PRQGRAM LFQ

CALL INPUT

'

CALL

HEADER
(9 ¢

s = [180°1, [ ]

y

1

11
90- -yl [-v.] [
L YI}X[ TD]Z Y J

)

I =1,=1
R
- T
b= {'T]] [0]
z L0
’“
CALL €IT00 (B, , T)

b=1[-y,]a
22

!

CALL CIT0Q(b,Y, T,)

S 1 SIS STl o cermaas

CALL
UPDATL

]

CALL
OUTPUT

1

CALL
LANDSEA

T

CALL GIMBAL FOR fz

L

CALL GIMBAL FOR T1

O LT e el

1

CALL LAT

!

L CALL ECLIPSE

CALL ARRAY
FOR T, TO

GET 32

CALL .ARRAY
FOR T-l 10
GET 'Ry

R, = =20

A-2

Tkt Mt el -



e-vY

SUBROUTINE QUTPUT

‘ START P

¥

CONVERT ANGLES
FROM RADIANS
10 DEGREES

1

WRITE QUTPUT
ON TAPE 4

RETURN

ENTRY
HEADER

WRITE COLUMN
HEADINGS ON
TAPE 4

{ RETURN

3

SUBROUTINE UPDATE

RETURN

T




SUNRQUTINE INPUT - SUBROUTINE BASIS (a, e, d)

START

SET DEFAULT VALUES

DATA ATMAST/3*0./,...
... ALATI/41./

l

DEFINE NAMELIST/IN/...

!

READ(3, IN)

;‘ Y

CALL UNIT
{DIRMAST)
Y2<Y1] - 130
CALL CROSS
) -3 xd

CONVERT ANGLES
FPOM DEGREES
TO RADIANS

|
RETURN

CALL UNIT
(e)

CALL CROSS
d=3xe

'

CALL UNIT
-1

" RETURN
A-4 (::ﬁxo )

]



Z10 JARRAY ANGLE
7' jAPRA=-tan’ 'sl
) - e . ,
" EALUCOTOA(APRAY
i T +le
N - DIRMAST-+DM
_ ATMAST +DA

......

-

4

4
= 4w =
a4 o

1
1

e m——
+ oa w omm - -
.

SUBROUTINE ARRAY (T, S, R)

_ h(DM)Z:(BA);
% T " IDTEZ

oy - RD/tan(Ré

c = Ryt o tan(us)

o .
T

RETURN

é

CALL BASIS (DT e]. e
1-.. Mza-o ——— e
N = 25.

2)

<DO 0J—1 1) RN

I
v

= Ro{ay e+ a5 e))

Lt R YU,

RETURN }—'

h(DH)z+ (DA}Z+ (v)Z




9-v

SUBROUTINE LAT
(starT )

;
§

a =[YITYD+ ALATI]Z [90.]y[90-71]z[-YL]V[

1
0
0

P
€

,
TRUE LATITUDBE
br = sin"1(az)

{

.az = .
CALL UNIT(a,b)

CALL DOT
R 1
C=b 10
0

{LONGITUDE
j { cos"1{c),by10
-cos'](c),by> 0

ALONG=

1
éGEOGRAPHIC LATITUDE

5¢g = tan'][p2 tan(¢T)],
b = 1.00336417

i

RETURN

SUBROUTINE LANDSEA

‘ START ’

“NIER LOGKUP TABLE
DATA ARRAY (1)...
ARRAY (688)

r

ALAT + 90
20627.53

R{1+sin({LAT-90))

R{1+sin{LAT-89})
182 - IB1

2

LAT
R

Ig

I
B2
Ing

n

108 Jmax
LON = { 1DB{,5+ ALONG,

360
1 min

&

IB1 + LON
(IW - 1)/64
IW - 60L

l

—
=
B U

-
n

LAND = ARRAY(L+1),(M-1)BIT

|

RETURN

!




SUBROUTINE GLMBAL (T, 61, Gy, Gy)

63 =0
CALL UNIT (T,a)

LY

i RETURN

o

SUBROUTINE ECLIPSE

‘ START ’

]

CALL DOT

-
¥

S
y\— cos (RE)
Lsyn™Ipay= 1

RETURN

END



- 8-y

SUBROUTINE CITQO (E,TL,b)

c = [180°

1Ly 7 [90-v.] [~v;,] a
x“TL y I X D z
- - 10
d=c+0

R

&

CALL UNIT FOR
b = d/|d]

é

RETURN

§

SUBROUTINE COTOA{a ,p,b)

RETURN
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SUBROUTINE ROT(X;,a,n,X )

v

0
cosa
-sjna

0
sina { X;
cosa

cosa 0 -~sina
X = 0 1 0 RI
sina 0 cosa

-~

caosa

0
0

sina 0

X =1=~%ina cosa 0 §i

0 1




SUBROUTINE UNIT (X, ¥)

SUBROUTINE
SUBROUTINE DQT (x,y,a)

(::EE
¢y = azl
_ | Cp = 33!
1a—x]y]+3<2y2+x3_y3 c. = a. |

o L"3 ™ %
; -
y-r‘x ————
4 RETURN RE

-

RETURN
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00100

PROGRAM LFO(TAPE3, INPUT,0UTPUT, TAPEL=INPUTS TAPE2=DUTPUT»TAPES)

00110 COMMOM/CARR/ATMAST(3) »DIRMAST(3) s HMAST2RDISHs ALPHAS

00120 1 ARRW» ARRL,CANT,REARTH

00130 COMMON/CORB/GAMMALI,GAMMAD,RL

00140 COMMON/CML/GAMMASSGAMMAL) GARMAZ» GAMPMALSRTSALATY

00150 COMMON/CUP/DELTALsDELTALy DELTATSFINALT

00160 COMMON/COUT/TL1(3),T2(3),5(3) N i
00170 DIMENSIGN A{3)sB(3),C(3)

00180 F{ARG)=ARG%*3,141592654/180,

00190 " CALL INPUT

00200 REWIND 4

00210 LAND=2

Q0220 CALL HEADER(TIME;RL»R'hGAMHAhﬁ'AHNAS_QGA.H’ML)m__‘________w_“___, o —
002307 10 CONTINUg ~——— 77

00240 A(ly=1,

6G250 A(2)e0, . _

09260 A(3)=0, T o

00270 CALL ROT{As=GAMMAS,258)

00260 CALL ROT(B,=GAMMAD»3sS) L .
00290 CALL ROT(S»(F(90.)=GAMMATI)p 1,8}

00300 CALL ROT(B,GAMMALS2,C)

06310 CALL ROT(C,F(1804)51»8)

00320 Il=1 o

00330 12=2]

00340 A¢l)=RyY o
003507 CALL ROT(AY=GAMMAL,3,B) ™

00360 CALL CITOD(BsGAMMALST1)

00370 IF(T1(3).GTLCOS(REARTH)) I1=0

00350° CALL ROT(A,=GAMMAZS3,BY T~ :

00390 CALL CITOO(BsGAMMALST2)

00400 IF(T2(3)+GT«COSIREAFTH)) I2%0 . L
00410 7 TTTIF(I14F0.1) CALL ARRAY(TL,S,r1) =™~ )

00420 IF(I2.EQs1) CALL ARKAY(T25SsR2)

00430 IF(I1leEQ.0) R1w=20,

00440 IF{I24£Q4s0) R2wm=20, ~ 777 )

00450 CALL ECLIPSE(SsREARIH,ISUN,IDAY)

00460 CALL LAT(GAMMAL,GAMMAL»GAMMATI>GAMMADIALATI»ALAT»ALONG) .
00470 CALLTGIMBAL{TI,REARTH, 6110612613 ~ 777 ~77 7 7 T e )
00480 CALL GIMBAL(T2,REARTH»G21,622,623)

00490 CALL LANDSEA(ALAT,=ALONG»LAND)

00500 CALL QUTPUYT(TIMESRLI)R2y CAMMAL »yGAMRAZ ) GARFAL ISUNS,TOAYS

00510 1ALAT,ALONG»G11,61256215G22,LAND)

~
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00520 __

. 00530
. 00540
* 00550
00560
00570
00580
00590
00600
00610
00620
00630
00640
do650"
00660
00670
00680
00690
00700
00710
00720
00730
00740
00750
00760
00770
00786
00790
00800
00810
00826
00330
00840
00850
00860
00870
00880
00890
00900
00910
00920"
00930

il

T 1DIRMASTIHMASTIROISHAAUPHASS ARRWARRLSCANT»DELTATS FINALTY —

10

5
w

CALL UPDATE(TIH&:GﬁﬁMAlnGAHHAZsGAMHAL)

‘60 TO 10

CONTINUE

END - L . o

s i aar b W b R e ey ke gy mm mm ok bk o o mp % % i ik srmloy yommatmens 2 b

SUBROUTINE INPUT
COMMON/CARR/ZATMASTI(3)}sDIRMAST(3)s HMASTIRDISHsALPHAS
1 ARRWs ARRL,CANTSREARTH

T D PSSy Y VY

COMPGN/CORB/GANMAI» GAMMAD,)RL”
COMMON/CML/GAMMAS »GAMMAL» GAMMAZ, GAMMAL)RTSALATL
COMMON/CUP/DELTAL>OELTALs DELTATS FINALT

DINENSTON A(3) T T
DATA ATMAST/3%04/sDIRMAST/00500s~14/»RDISH/34/eCANT/3T45/,
1ALPHAS/24/sDELTAL/154/sDELTALZ220e31/,RLITOT44/IRTI40224EG1)

2REARTH/ 64, z/,sannnizo.i.GAnnALVO,t,Gannasro./,cnnnaxlqs;zi'”“'
3sGAMMAD/37.5/,ALAT1/4147
hAMELxSTIIN/GAHMAI:GAHMAL,GAHMAS:GAHMAIyPEARTH:RL;RT;ATMAST’

2DELTAL,DELTAL,GAMIFAD, ALATI
F(ARG)=ARG*34141592654/180,

READ (3, INY
60 10 I=1,3
ACI)=DIRMASTI(I)

CALL UNITCASDIRMASY)
GAMMAZ2=GAMMAL=130,
CANT=F(CANT)

REARTH=F(REARTH)
GAMMAS=F(GAMMAS)
GAMMALl=F (GAMMAL)

it st e el nmAa s s ——— et hn vt ol s el A b ———

CARMAZ=F{GAMMAZ)
GAMMAL=F{GAMMAL)
GAMMATI=F (GAMMAIL)
DELTAL=F{DELTAL)"
DELTAL=F(DELTAL)
ALPHAS=FCALPHAS)

ottt 7t e b o e de = e e ke e et s frrm b Sk iedit  y v e r o mekmmr e s e W kv biaied bdan b Ed 3 h ek e e

R -

GANKAD=F {GAMMAD)
ALATI=F(ALATY)
RETURN

e ) e — s e e ke mmmmr e m o mmm amn e e e ke s o e it e e

SUBROUTINE UPDATE(TIME, GAMMAL,GAMMAZs GAMMAL)
COMMON/CUP/DELTALSDELTAL)DELTATSFINALTY

— e an

IF(TIMELGE.FINALTY STOP ™ 7777
TINE=TIME+DELTAT
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http:IF(TIME.GE

00940 GAMMAl=GAMMAL + DELTAT*DELTAL

00950 GAMMAL=GAMMAL + DELTATHDELTAL

00660 GAMMAZ=GAMMAL = 130,%3.,1415626547/180,

00970 RETURN L
700980 END

00650 . SUBROUTINE OUTPUT(TIMEsR1sR2»GAMMAL ) GAMMAZ) CGAMMAL » ISUNy

01000 1IDAY» ALATS ALONG»G13,612562196225LAND)
01610 COMMON/COUT/T1(3)5T2(3),5(3)

01020 50 FORMAT(LIX)1X»FB43,9(1XsF60l1)saXoIlp3Xslls2(1XoFbel)s3XsIl)

01030 FIARG)=ARG*1804/3:141592654

"01040 AL=F{GAMMALY

01050 Al=F{GAMMAL)

01060 AZ=F(GAMMAZ) _ ) ~

01070 ALAT=F(ALAT)

01080 ALONG=F (ALONG)

01090 Gll=F(G1l1)

01100 Gl2=F(612) :

01110 G2ixF(G21)

01120 G22=F(G22) _ _ _ N . L R
01130 WRITE(4»50)TIMESALPALPRYI»GLlISG12

01140 T  1sA25R25,621562251DAY)ISUNsALATSALONGSLAND

oL150 *© RETURN

011607 T ENTRY HEADERT T TTT o

01170 51 FORMAT(LX,»SXs*TIME*,3Xs*LF/0%,2Xs *TDRS1%52X,

01180 L#TRANS#*,2X)#*GIMBAL ANGLES*s 1Xs*TDRS2¥%,2Xs #TRANS#, L
01190 T 22X»*GIMBAL ANGLES*:ZX’*DAY*:IX;*SUN*:ZX:*LAT*:3x:*LDNG*;3X9#LAND*)

01200 WRITE(4551)

01210 RETURN

01220 END T Tt

01230 SUBRCUTINE ARRAY{T»S»RESULT)

01240 COMMON/CARR/ATMAST(3)sDIRMAST(3) ) HMASTSRDISHsALPHAS,
01250 7 T ARRWs ARRL,CANT,REARTH

01260 DIMENSION V{(3)»EL(3)sE2(3)pDT(3),0M{3)sDAl3)»A(3)sT(3)55(3)

01270 ¢ TRANSFORM VECTORS TC ARRAY COORDINATES

012807 ARRA®~ATANZ2(S(1},S5{(3)) =77 T T o

01290 CALL COTOA(TsARRA,DT)

01300 CALL COTOA(DIRMASTSARRASDM) ) N ) )
0131077 CALLTCOTOACATMASY » ARRAL DAY 77 ) o s T T
01320 ¢ FIND ANTENNA PATTERN DIAMETER

01330 _TEMP=={(HMAST#DF(3) + DA(3))/DT(3))

01340 IF(TE¥PLLYT404) GO YL 300 7 777

01350 ALPHAO=TEMP = RDISH/TAN(REARTH)



01770 SUBROUTINE BASIS(AsEsC)

P T R R N m e 4 e b b nieme tmr R TR 4 M e

. - e
01360 RC=RDISH 4 ALPHAORTANCAUPHAS ) e e,
01370 € DETERMINE EXTENT OF INTERFERENCE
01360 CALL BASIS(DT,E1,E2)
01390 M1=0
01400 M2=0
01410 Ne25
01420 DO 10 I=1»N R . . L
01430 AIw(2%I~N=14)7¢N
01440 DO 10 J=1sN
01450 Ad= (2o%J=N=143/N
01460 DO 1Y K=1,3
01470 11 V(K)=RC*(AIXEL(K) 4+ AJ=E2{K)) N
01480 TEMP=O,. o R L
01490 7""""Upo 12 Kels3 T : l
01500 12 TENP=TEMP + VIK)I*V(K)
01510 CHECK=SOQRT(TEMP) -
01520 T IF(CHECK.GTWRCY GO 7O 10
01530 MleMI + 1
01540 ALPHA==(HMAST#DM(3) + DAL3) + VI(3))/sD¥(3) 3
01550 T D013 K=1s2
01560 13 A(K)=HMASTHDM(K) + DA(K) + V(K) + ALPHA*DTI(K) .
01570 TEMP=2,%ABS(A{1))
Q15807 . IF{TEMP.GT.ARRW) GOT0 10
01590 T TENP=A{2)
01600 7 IF(TEMP.GT.0.) GO TO 10 e .
0r610” 7 IF{TEMPSLTe=ARRL) "GO O i —
61620 M2=M2 + 1
01630 10 CONTINUE
0l640° TTTRESULTeLO0VR{L,=M2TRTY
01650 RETURN
01660 300 RESULT=100,
01670 77 TTT RETURNTT T T T T e e e - T T e mmmen e
01680 END
01690 SUBRGUTINE COTOA(A,PHG,B)
0Ll7007  COMMON/CARR/ATMAST(3)»DIRMASTI3),PMASTRDISHFALPHASY
01710 1 ARRWSARRL,CANT)FEARTH
01720 DIMENSION A(3),B(3),C(3)
01730 7 T CALL ROT(ASRHDS2,C) U T T e T e TR T e e
01740 CALL ROT(C»CANT»1,8)
01750 RETURN ]
01760 END ° I ——



01780

01790
01800
01810
01820
01830
01840

01850°

01860
01870
01880
01890
01900

01910 “““

01920
01930
01940
01950
01960
‘01970

031980,

01990
02000
02010
02020

02030

02040
02C50

020607

02G70
02080

02090

023100
02110
02120
02130
02140

021507

02360
02170
02160
02190

i RETURN

- —— —— s v (" T TP - b 1 Pk Mas e A o e e 4 3 ot ottt e R L

DIMENSIUN A(3158(3),CI3)»D(3),E(3)

“Nz0 A cer mvemar b bue e e e s o s in e e s Somt o s s e

TEMP =0,
DO 9 I*1,3

9 TEMP=TEMP + A{I)¥*A{I)
TEST«TEMP/10,

10 Ne=N+l

IF(N.GT.3) GO TO 70
DO 11 I=1,3
11 D(I)=0.
D(N)Y=T,
CALL CROSS(AsDsE)
TEMP=0.
DO 12 I=1,3
12 TEMP=TEMP + E(I)%®E(I)
IF(TEMP.LE.TEST) 60 TO 10
CALUL UNIT(EsBY
CALL CROSS(A»B»D)
CALL UNIT(D,CY ~— - -~ i,
RETURN o -
70 DISPLAY*NO BASIS FOUND#
STOP
END
SUBROUTINE ECLIPSE(SsyREARTH» ISUN,IDAY)
DIMENSION S(3),A(3)
A{l)=0, )
A(2)=0,
At3)=1.

et e au s a4 e s e L s v Prep—. hbek b e b i et 4 A L e s ke e

b . L e LTS AP e oo o i o e e s b} 4 4 Bk ) w oW 4w A M el e A r—— i ey i S

CALL DOT(S,Ay»X) ¢

Y=COS(REARTH) .
ISUN=L : e ‘ N
IDAY=Y T RN e
IF(X4GT oY) ISUN=O

IF(X.6To04)IDAY=0

END

SUBROUTINE LAT(GAHHAI;GAMHAL’GAHHAI)GANMA09ALATI’ALAT;ALUNG)
DIMENSION A(3),B(3) =~~~/ - o
F{ARG)=ARG#*3,141592654/7180,

G{ARG)=ARG*180,./3. 141592654

ALY =], \

A(Z)=0,

L b A e Al de Sme g E o v e e e t e w4 e kAR MR om b . e . v e



——

062200 __

02210
62220
02230
02240
02250

102260
02270
, 02280
102290
© 02300

" 02310

102320

. 02330°

. 02340

¢z350

. 02360
"+ Q2370

c2380
02390
2400

. G240

02420

02430
02440

. 02450
02460
L 02470

02480
02490
02500
02510

. 02520

02530
02540

02550

02560

. 02570

02580

- 02590
02600
02610

A(3)=0.

TTTTIF(BI2) oGT 400 ) TALONG==ALONG

Al3) =0, e et e o et e e = e e o e i o e e 22 o e

CALL ROT(A,~GAMMAL»2,8)
CALL POT(B,(F{(90.}~CAMMAL)»3»4A)
CALL ROT(A»F(90.)s2s8)

CALL ROT(Bs (ALATI4GAMMADFGANAALYS 3, 8) — — 7 -
TLAT=ASINCA(3))
A(B)-O.

CALLUNIT (A5 8D
All)=l,
Al2)Y=0."

CALL 00T(BsA»C)
ALONG=ACOS(C)

PARAM=(1.0033.6417)%%2 ‘ »

s e -

ALAT=ATAN(PARAMMTANCTLAT)) L "
RETURN ~~ =~ - e B
END ' :
SUBROUTINE GIMBAL(T,REARTHsG1562,63)
DIMENSION T(3)5A(3) ”
F(ARG)ZARG%*34141592€54/1804

63=0,

- et i

CALL UNITIT,AD
Gl=ATANZ2(A(2},A(1))

_ G2=ASIN(=-At3)) .
T U TENP=REARTH - E(90.)

e waprm o atian Mrimrie A m mmm w e tmda - ar ek b s bt e mme ek e = mbemied

IF(G24LT.TENP) G2=TENP
RETURN

ot oy e

————

END ™ I . R — —_
SUBROUTINE CITOG(XsGAMMALSY)
DIMENSION X{3),Y(3),2(3)
COMMON/CORB/GAMMAIPGAMMADRL
FIARG)=ARG*3,141592654/180.
CALL ROT(X»=GAMMADS3,Y)

A L e A e et e e

CALL ROT(Y» {F(90)~CAMMATIFNTIHZY
CALL ROT(ZyGANMALS2,Y)
CALL ROT(Y,F(180¢1s152)

TTTI{3)=2(3) 4 RL T T TOTT T TSRS mmamm e e na et e T
CALL UNIT(ZsY)
RETURN

END
SUBROUTINE UNIT(X»Y)

n e B ALl e A R A Seree = femmmmr o N oEE



02620 _ _DIMENSION X{3)Y(3)

e ey A P A b e Rl B e i e Lt 0

e e ia e s bt b bt

* 02630 TEMP=Q. T
, 02640 DO 10 I=1,3
02650 10 TEMP=TEMP + X(I)#*X(I)
02660 TEMP=SQRT(TEMP)
, Q2670 DO 20 I=1,3
02680 20 Y(IV=X{I)/TEMP _ e
102690 RETURN
, 02700 END
02710 SUBROUTINE DOT(X»YsA) N
Y027207 DIMENSION X(3),Y(3) : :
, 02730 A=Oa ;
02740 DO 10 I=1,3 s
F027507 10 A=A +TX(D)EY(I)
. 02760 RETURN
02770 END _ .
T027807  SUBROUTINE ROT(XIsAsNsXD) )
02790 DIMENSION XI(3)»X0(3})
02800 IF(N.EQe2) 60 TO XO
02810 TIF(NJE0L3) 60 TO 20 )

02820 P XO(1)=XI(1)
02830 ©  XO(2)=XI(2)%COSCA) + XI(3)%*SINCA)

02840 XD(3)==XI(2)*SINCAY + XI(3)*COS(A}
028590 60 TO 30
02860 10 XO(1)=XI{1)*COS{A) = XI(3)*SIN(A)

e 1

- i e -

o e vmREL A eme mme S A WMGam A ¢ el e &

i Et e h——— e 4 NI F 4 i mewe ML w

.

02870 TXO(2)=x1(2)

02680 XO(3)=XI{1)*SINCA) + XI(3)%COS(A)
02890 60 TO 30
0290677207 XO(1 ) =X ICTY*COS{AY FTRI{ZI*SINLAY
02910 XD(2)==XI{1)*SIN(A) 4 XI(2)%COS5(A)
02920 X0(3)=xI1¢3) .
0293077 80 CONTINUE —— 7

02940 RETURN

02950 END

02960 T SUBROUTINE CROSS(AsB,CY

02970 DIMEMSION A(3)sB(3),C(3)

02980 Cl1)wA(2)%B(3) = A(3)#B(2)
02000 T C(2)=AL3) 2RI TETA(L) #B(3)

03600 C(3)=A(1)*B(2) = A(Z2)%B(1)

03010 - RETURN

e i e iy bkt i M pemma Rm n meer el ot st s fne =

03020 END

i e



APPENDIX C
DERIVATION OF DYNAMIC EQUATIONS

For simpiified dynamic mode]l shown in Figure 3.1, the dynamic
equations are derived using the Lagrangian approach. The development
here follows closely the one in Appendix A of [4], which starts with a
slightly more general model than that shown in Figure 3.1 since it includes
a two-degree of freedom spring (flexure) at the hinge point. However, the
spring constants Kx and Ky are simply set to infinity for the results here.
Variables X3 and Y5 are hinge point displacements in a coordinate system
fixed to the end of the boom. They will disappear once the flexure is
removed.

C.1 Generalized Coordinates and Forces

Choose as generalized coordinates Ay »

qQ = (31: eb’ o, .Vbs x"s .y]s Xzs .y2) (C-1)
The kinematic relationships with other coordinates are: '

62 = o - e-l - eb (C-Z)
Xp = Xq * Ly cos 8, -y, sin 8y + x4 cOS (e] + eb) - y3 sin (e1 + eb)

+ L2 oS o

Yo =¥yt Lysinog +y cos 8y + x3 sin (e] +8,) + y, cOS (a} + eb)

Solving the last two equations for Xq and Y3 yields

X3 = (%9 = %) cos (o9 + 6,) + (y, - ¥y) sin 8y + 8,) - L, cos'ey - yp

sin 8 - L2 cos {o - 8y - eb) (c-3)

c-1



yg3 = ¥y - yq) cos (87 +8)) - (x5 - x;) sin (o + 8) + Ly sin 6 - ¥y
(C-4)
cos o - LZ sin (o - 0y - eb)

The generalized external forces Qk are given by

Q = (T] - TG’ 'Tos T03 09 Os 09 09 0)

C.2 Spring Matrix for Flexible Boom

Two assumptions are made: (i) Only the first bending mode is significant
and higher order modes are neglected. (ii) Only linear bending is considered,
i.e., forces acting along the boom do not contribute significantly to the
bending since Y and 8, are small-and since the forces are small.

From Figure A.l,

Figure A.l ® Flexible Boom

and by the bending moment eguation

e Y
M{x,t} = EI 2



we obtain

1.3 L2
- _ﬁg'-_F.{._J:._M
¥y 3BT ZET o
: le Ly
% = zEx T T E Yo

The spring matrix Kb of the boom satisfies

F yb
- K
Mo Ob

s0 that it is given by

12_EI & BX
3 P
Li Rt
% _ 6 ET L EY
12 L
'J l

Thus the potential energy in the boom is

Vo © %(yb’ %) K, (yb)

%

or

_ 2EIT. 2 3 3.2
W < L [Gb L % T TE N ]
) i L]

C-3

(C-5)

{c-6)

(C-7)

(C-8)



C.3 System Eneragy

The system kinetic energy is given by
1 : 1 2 1 . 2 ¢ 2 1 2 . 2 _
T = 5 I, 6.7 + 5 Iz a” +zm (x7 + ¥, )+ 5 m, (x2 + ¥ ) (C-10)

and the system potential energy is given by

- 1 - 2,1 e 1, 2 ., 2EI e _ 3 3,2
Vo= kg, (o e Ob) + 5k X3 * 5K, ¥y o+ 2y (Gb i Yy &, 5 ¥, ) (C-11)

C.4 Lagrange Equations of Motion
The equations of motion of the system can then be found by evaluating the

lagrange equatlons

d [aL oL
eyl erel - = k = l 2 .!‘l,8 (C"]Z)
at (aqk) Say © T
where the lagrangian 1L is
L = T-V (C-13)

The dynamic equations are to.be Tinearized about

e x3 = y3 = Ol = Qb = ¥ = 0 (C-14)

but admit a large angle @. The linearized expressions for x3 and y3 in terms of

the other variebles are thus

X3 = Xp =Xy - L - L, cos @ (Cc-15)

y3 = y2 - yl - yb - Ll Ql - L2 sin [0 (C"'.is)



The differentiations indicated by (A.12) must however be performed before
linearization takes place. Evaluation of (A.12) luuds to the following eight

equations:

I, 0, ~ kg, (¢ = 6, - ob) - ky Lj (y2 =¥y =V, - L 9 -L, sina) = T, =T, (C-17)
LT 6kI _ : -
kg, (@ -6, -6 ) +.fI_'Ob ek T (C-18)
1
12 a+ kgz (¢ - 91 - Gh) "k 12 sin & (x2 - x; =L - L, cos x) (c-19)
- ky L2 cos (y2 ¥y vyt Ll 9, - L, sin ) = To
. 621 12KI _
-ky (yz - yl - yb - Ll Ql - LE sin a) - E-é- Qh t -L—-g— Yy, = 0 (C—ZO)
1 1
m, §l -k, (%, - x; = Ly - I, cos @) = 0 {C-21)
my ¥y - ky (y2 R AT A Ll 01 - LB sin @) = O (c-22)
my, Xp + k(x5 =%, =1L, ~1,cos @) = 0 {C-23)
m, Yo + ky (y2 Yy =¥, - Iq 9 - L sin a) =0 (C-24)

Equations (A.18) and (A.20) contain no derivatives and thus indicate a
dependence among the generalized coordinates. This should cause no concern in
this case since the equations merely indicale a static eguilibrium conditicn
among some of the coordinates which is u ﬁart of the dynamic equilibrium solu-
tion of the system. The static equilibrium is caused by the assumption that the
toom apd the spring are massloss.

To eliminate o, and Yp» combine equations (A.17), (A.19)

and (A.24} to obtain

. _ - e x ..
I, 6, + I, @ +k L, 1 - L - by cos Q) + (Ll + L, cos ) m, ¥,

=T (c-25)

sin a (x2 - X

From Equations (A.19), (A.20) and (A.24) it follows that
L C
.. x 1% 2 ]
- - ] [ —] - L a
L, I, a+ kg, (11-0 + 2L, sin a4 L, Gl) mZ‘}B [kga ( 3t ky) L, L, cos
(C-26)

- Zkg, (¥, = ¥;) + %k L L, sin @ {x, =~ x) - L) = Lycos @) =L T

‘C-5



where

L,
C, = —pr—
] 2E1
Furthermore, combining (A.17), {A.18), (A.20) and (A.24) results in
. _ Loy
Gl b syt hpsinet iy \ 3w
(C-27}
- -y =0Ty :
Combine also equations (A.22) and (A.24), and (A.21) and (A.23) and
obtain
My ¥yt My ¥, =,° (c-28)
and
My Xy + My Xy = 0 (C-29)
and rewrite (A.23)
my x, + K, {X5 = %y - Ly - Ly cos é)' = o {c-30)
Equations (A.25)} - (A.30) are a set of six independent equations in
‘the six unknowns X3 Xos Yya Yos Oy and a.
Let now
X = X5 =X and y = ¥, - Y, (C-31)

since the quantities of primary interest are the relative positions and
velocity of_bodies my and m, with respect to each other. Using (A.31)
together with (A.28) and (A.29), the following equations are obtained
by letting kx and ky approach infinity.

C-6



I] E] + 12 o + a, (L1 ; + L2 ; €os a - L2 X sin a) = TT (c-32)

L] 12 @+ Ko (L1 a + 2L2 sin o) + k82 L & -

- - £-33
a] a0 y+ L] L2 a, Yy cos a ( )
-2 k92 y - a, Ll L2 x sin a ='L1 TO
CiLyeptLlyey+Llysineta ayy-y-= c; Ty (C-34)
X-Ly-Llycosa = o (C-35)
where
L e It
0 my + My i 82 3
L ¢ L2
a =__.T'l C :L
2 3 1 2t1

Equations (C-32) - (C-35) are four equations in four unknowns describing the
dynamic behavior of the system. They are identical to Equations (6.2-1) - (6.2-4)

C-7



APPENDIX D
DETERMINATION OF TRANSFER FUNCTION COEFFICIENTS AND POLYNOMIAL ROOTS

This Appendix lists the coefficients of the polynomials that comprise
the transfer functions of equations {3.15) to (3.18). These are follewed
by a listing of a FORTRAN program to evaluate the coefficients and extract-
the roots.

The open loop characteristic polynomial p(s) is given by

Y. 4 2 )
p(s) = s% (ays +ay,s" +a) (D-1)
where
a, = -m, L. I, 1,C AT | (D-2)
4 oLy I I Gy [3 4t Kep 3
4. = MaleCookeo 4L, Io 41,1, =201
2 oL G kg lzhy it hy-3h L
kmlcr21i+i+(L+L)(L+2L (D-3)
o2 i G 2 n, 7 om 1 L) 2
2 2 1.1
koL
) 2 L1 2 i
% ° "T[(ml+m2) (Iy + L) + mymy “-1“2)] (D-4)

D-1



Next consider the ind{vidual transfer functions.

4 2
d4 s + d2 3 f d0

p(s)

611 (s)

D-2

(0-5)

(D-6)

(D-7)

(D-8)

(D-9)

(D-10)

(D-11)

(D-12)

(D-13)



2

2
: _ S (f, s% + f,) ) £y 8™ +f
]0(5) p{s) = . S4+ 2+
a a, s a
L, C

_ T 1

fo= -Lim —5—
Mo

f,o= L, I, (1 +ﬁ]—)+ Ly Ly my (L} + L2)

5
10 a4
st (9, s°+ g,) g, s + g
Gyg(s) 75) — = ) 7
P\s 545 +325 +ao
L G
9 = LyLymy —5—= - L ¢ Lm (L + L)
' m
- 2Y) _,2
9% = - Li L (1 i, ) L% my {Ly +1,)
97
K,. = =
) 20' ay
D-3

0.

(D-14)

(D-15)

(D-T6)

(D-17)

(D-18)

(p-19)

(D-20)

(D-21)



'
.

3

[

L4}

100

101

L s

’

PROGRAM KOEFFS (INPUT»QUTPUT, TAPET)
CIOMPLEX Z, ZZ

DIMENSION A(5)s Z(4)

DIMENSION AA(7)s ZZI(6)

DATA
DATA
DATA
DATA
NDEG

"RM

C1
00
HFA
1
2
D4
AD

1
A2

£ N

A4

RM1,RM2,RILsRI2 714974y 290845 267Les 4ok /
RLIsRL2,EI /3.845 0.3y 49623, /

RKTHET2 /0,01355062  /

RK11l, F11 / 2003.25s 0.7> /

s 4

{1./RN]1 + 1,/RM2)

Oe5%RLI*#2/E1

~RKTHET2*RLI*( 1. +RM2/RH1)

=RM2*¥RL1*RIZ2*(RM + 2., #RKTHET2*C1#*RM/RL1} =~ RM2*RL1#
Cl¥RKTHET2*(2.%R1L2 + 6066667*ELL '+ 2.*%RL2#**2/RL1)
=RM2*RL1*RL2*RL2

~RMZH*RL1I*CL*RIZ2*( . 66€6T*RL]1 + EKTHET2%C1/3,)

“(RKTHET2*RLL1/RMLI*((RMNLI+RM2)#{RI1+R12)

+ RM1ARMZ2*(RL1+RL2)*(RL14RLZ2))
RH2*RL1*#C1*RKTHET2*(KLiI*RI1/3, + RL2#*RI1

~ +606666T*RL1I*RIZ)

=“RKTHET2*RMZ22RIL*C1* (2. *¥RI2*RM

+(RLI+RL2)*(RLL + 2.%RL2}) ]
~RMZ2*REL*{RL2*RL2*RI1 + RLI*RL1I*RI2Z2 + RII*RIZ*RM)
=FM24*RL1I*RII*RIZ#CL*(.66667%#RL1 + RKTHET2%Cl/3.)

WRITE(T7,100) DOs D25 D4
FIRMAT( * DOy, D2y D4y, * 3ElG.H )
WRITE(T75101) AO» A2, A4
FORMAT{/* 20y, A2y A4y * 3FEl6.6 )

A(l)
A(2)
Al3)
A(4)
A{5)

caLlL

1.
0.
AZ/A4
0.
= AQO/AYG

ZPOLRL A, NDEG,» Zs IER)


http:RLlwRL2.EI

OO0

102

§-a

WRITEL(7»,105)

WRITE(7,102) Z{1)
WRITE{(75102) 2(2)
WRITE(7,102) Z(3)
WRITE(75102) Z(4%)

FORMAT(/6X, E1646s 3Xs E1L,6)

All) =1, \
A,‘Z, = 0.

A(3) = D2/D4
ACG) = 0,

A(5) = DO/D4
"WRITE(7510%)

CALL "ZPULR( A, NDEGs» Z» IER)

WRITE(7,102) Z(1)
WRITE(75102}) Z(2)
WRITE(75102) Z(3)
WRITE(7,102) Z(4)
WRITE(7,105)

CLOSeED LOOP FUNCTION COEFFICIENTS

RK22 = 1.0

F22 = l4.14
AD=RK11*F11
AL=RKTHETZ*RL1
A3aC 1%R11

Ag=(C L*RK11
AS5=C 1 *¥A0+RL]

BORRK22%F22 -

BL=RL1%RI2

B2ZaRLL*RK22

B3IsRL1*BO + RKTHETZ*(RL1+2.%RL2)

DO=RM2*(RL1+RL2)}
D12=-RMZ*¥(RKTHET2*(C1*RL1/3,) =RL1*RL2)
N2a=2 ,#RKTHET2* {1, 4RM2/RM1)
D3~RH2*(RL1*Cl{3.)



9-a

103

105

104

D4z={1.+RM2/RN])

C6aRIL¥BLAD3+PLARI2HAI-DO*AI*B]
C52D3%(RI1¥B24RK11%BL)+D1# (RI2¥A44+RK22%A3 ) ~DO*(A3*B2+A4*B1)

C4sD3%(RI1%*B3+RK11%B2+A0%B1)

ConCo4+D4sRILHBL4DI* (RIZHAE+RK22%A4+BO#A3) +D24RI2*A3
C4aC4-DO*(A3%B3+A4*B2+ASXE L) ~RL2#D1*RI1~AL#D3*R 2
C32D3%(RK11#B3+A0%82)+D4¥ (RI1*B2+RK1L*B1)+D1#(RK22*A54R0%A4)
C3=C34D2F(RI2HAL4PK22#A3)=DO% (A4*B34A5%«B2)~RL2*D1%¥RK1]
C3=C3-A1%D3%RK22

C2=A0#B3%034D4* (RI14B3+RK1L*B2+A0%B1}+D1¥30%A54AL*RL2*DO
C2eC24D2%(RI2#A54RK224A4~BO*A3)}~DO*A54B3-RL2*{AC*D1+D24RI1)
C2=C2-A1*(D3%BO+D4*RI2)

CX=D4% (RK114B3+4A0%B2)+D24 (RK22¥AS430%A4 ) ~RL2¥D2*RK11
CX=CX-AL1#D4*RK22

CO=DA*AO*B34D2*B0*A5-KL2#A0*D2-A1 *D4*BO

U4aRL1#(R]1%D3-D0O*A3)
U3=2RL1%{RK11%*D3-DO*A4)
U2=RL1*%(AO*D3+RI1*D4~DO*AS)
Ul=RL1%RK11#*D4
UQaRLI*AQ*D4G

uale(7.1031

FURHAT(* AltcoAO’ 83008'0! C600COJ D"ooDO’ U‘t.-Uo *)
HPITE(?;lOb)
WRITE(79104’A4;A31A2pﬂ1)&0
WRITE(75105)

FORNHAT( ./ )

WRITE(7,164) B83,82,81,380
NRITE(7;10J)

NRITE(?;IO#) C6;C5:C¢9C3’(2;CX:C0
NRITE(?;IOJ)
WRITE(73104)D4sD3,02501500
WRITE(7,10G5)
WRITE(7,104)U4,U3,U2,Ul,U0
FORMAT(* #¥E1l4.4/)

A1) = 1,0
AL2) = U3 /U4
A(3) &' Uz2/U4
Afa) = UL/U4



Al5) = UG/U4
CALL ZPOLRU As NDEG» Z» I[ER)

WRITE(7,102) Z(1)
WRITEL(T7s102) 2(2)
WRITE(7,102) Z(3)
WRITE(75102) 2(4)
WRITE(7,105) '

AA(1)
AA(2)
AA(3)
AA(R)
AAL(5)
AA(S)
AA(T)

1.0

C57C6
C4/06
C3/ce
cesCo
Cx7C6
Co/Cs

NDEG = 6

£-d

CALL ZPOLR{ AA, NDEGy ZZ» IER )

WRITE(7,102) ZZ(1)
WRITE(7,102) 2Z(2)
WRITE(7,102) 2Z(3)
WRITE(7,102) Z1(4)
WRITE(7,102) 2Z(5)
WRITE(7,102) ZZ(06)

RCKRTLOC = U4/sCé6

WRITE(7,105)
WRITE(7,106) RKRTLOC

106 FORMAT(#ROOT LOCUS GAIN U4/C6 =% Ele.o)

WRITE(7,105)
WRITE(7,107) RK11l, Flls RK22, F22
WRITE(7,105)
107 FORMAT(* RK1l, Fll, RK22, F22, * 7Xs3E10.2»/30X»3E10.2)
WRITE(7,105)
WRITE (7,108) RM1sRMZ,RLI,RL2,RI1sR]I2
108 FORMAT(% RM1, RM2, RL1» RL2, RIl» RIZ2 * 3E10.,25/30X,3E10.2)
'



WRITE(7,105)
WRITE (7,109) EIs RKTHET?2
109 FORMAT(* EI, RKTHETZ, *¥2E12.2)
C
sTop
END

8=d



APPENDIX E

BENDING MODE EQUATIONS OF MOTION

The derivation of the bending mode equations of motion for the
model in Figure 6-33 is lengthy and entirely similar to the derivation
of the LANDSAT antenna mast bending equations. Since this derivation
is performed in Appendix C and Reference [4]}, it is not duplicated
here. Only the necessary refinements to obtain the final form of the
equations are given. The notation of Appendix C and Reference [4]
agrees with that here except that Ta(t) here represents the vehicle
torque while T1(t) is the corresponding torque in Appendix C and/or
Reference [4].

From Appendix B of Reference [4], the transfer function relating
e](s) to T](s) is

; 4 2
e.i(s) } cx4$ +cx25 -i-uo

Ta(Sj 52 (84 54 + 82 32 '+ Bo

where the oy and By are given by

E-1



and

i

-my Ly 1y

m, Ly &

\
i
*x
o
™
=
=1
—
—t
+
2|
'
S

2

2 1, ]
%L1b211+H_§+115(@+ﬁﬂ}

kaz Ll
ly

-

[(m] Pmy) (1 4 1) 4wy (Lt Lz)z]



Setting L2 equal to zero, and K62 equal to a very large spring
constant yields the new set of coefficients aé and sé for the present
system. It was found that, for the present array inertia, values of
Kez = 105 N-m/rad or above gave essentially no change in the roots of the
numerator and denominator polynomials and thus }05 N-m/rad is considered
an infinite spring constant here. Using the computed aé and Bé, the
transfer functions in (3-1) and (3-2) were evaluated and solved for the
closed-loop poles and zeros.

E-3



APPENDIX F
DETERMiNATION OF K.I FOR ARRAY MODEL

Before computing the array K1, some definitions are necessary.
Starred quantities represent normalized quantities required in computing

]0

* - ow
LO-I = w-i P L

o = Mass/area

2 = Array Length

W = Array width

P = Tension on array

M = Array tip mass

* = o

M oWl
I2b = Vehicle Inertia
L o ‘o

Zb GWBE

1 X

% = * L *

I, L + g(1+m¥),

The following mode function is also required,

£ (3) = cos w: A -1 -6 Ly* w * sin o %

n

and is used to compute en2 by the relation

02 . 6

n 1 '
' f fn2 () dx + m £ 2()

o]




With the above quantities computed, K] may be computed by the relation

k= -
n 2
.I - 12 B

After the 1ntegratioﬁ is performed, a computer program can be written
to rapidly evaluate the various coefficients for different system parameters.
This facilitates repeated evaluation of K] for sensitivity studies. Further
details on the calculation of Ky may be found in "Recent Advances in the
Attitude Dynamics of Spacecraft with Flexible Solar Arrays" by R. C. Hughes
in the April 1973 issue of Canadian Aeronautics and Space Journal.



